DOCOMENT RESUME 



ED 0 58 456 



VT 014 597 



TITLE 

INSTITUTION 

REPORT NO 
PUB DATE 
NOTE 

AVAILABLE FROM 



Exploring in Aeronautics. An Introduction to 
Aeronautical Sciences. 

National Aeronautics and Space Administration, 
Cleveland, Ohio. Lewis Research Center. 

NAS A- EP- a 9 
71 

398p. . . 

Superintendent of Documents, U.S. Governmer.t Printing 
Office, Washington, D-C. 20402 (Stock No. 3300-0395; 
NASI- 19:89, $3.50) 



EDRS PRICE 
DESCRIPTORS 



IDENTIFIERS 



MF-$0. 65 HC-$13. 16 

Aerospace Industry; =«‘Aerospace Technology; 
♦Curriculum Guides; illustrations; ^Industrial 
Education; Instructional Materials; ♦Occupational 
Guidance; ♦Textbooks 
♦Aeronatics 



ABSTRACT 

This curriculum guide is based on a year of lectures 
and projects of a contemporary special- interest Explorer program 
intended to provide career guidance and motivation for promising 
students interested in aerospace engineering and scientific 
professions. The adult-oriented program avoids technicality and 
rigorous mathematics and stresses real life involvement through 
project activity and teamwork. Teachers in high schools and colleges 
will find this a useful curriculum resource, with many topics in 
various disciplines which can supplement regular courses. Curriculum 
committees, textbook writers and hobbyists will also find it 
relevant. The materials may be used at college level for introductory 
courses, or modified for use with vocationally oriented high school 
student groups, seventeen chapters are supplemented with photographs, 
charts, and line drawings. A related document is available as VT 014 
596. (CD) 



ED 058456 




£D 058456 



EXPLORING 

IN 

AERONAUTICS 



an Introduction to Aeronautical Sciences developed at 



the NASA Lewis Research Center, Cieveiand, Ohio. 



U.S. DEPARTMENT OF HEALTH. 
EDUCATION & WELFARE 
DFFtCE OF EOUCATION 
THIS DOCUMENT HAS BEEN REPRO- 
DUCED EXACTLY AS RECEIVED FROM 
THE PERSON OR ORGANIZATION ORIG- 
INATING IT. POINTS OF VIEW OR OPIN- 
IONS STATED DO NOT NECESSARILY 
REPRESENT OFFICIAL OFFICE OF EDU- 
CATION POSITION OR POLICY. 



National Aeronautics and Space Administr-^tion, Washington, D.C. 20546 

1971 



For Bale by the Superintendent of Documents, U.S. Government Printing Office 
Washington, D.C. 20402 - Price $3.60 
Stock Number 3300-0395 



2 



. </ 

PREFACE 



) ' 
i 


’’Exploring in Aeronautics” is the second publication resulting from the NASA- 
Lewis Aerospace Explorer program; the first is titled ’’Exploring in Aerospace Rock- 
etry” (NASA EP-88). Both publications are based on the lectures and projects of a con- 
temporary, special-interest Explorer program sponsored by the NASA- Lewis Research 
Center. The principal objective of this program is to provide promising students from 
local schools with an opportunity for meaningful career guidance and motivation over a 
wide spectrum of aerospace engineering and scientific professions. Each year, candi- 
dates (ages 15 to 19 years) for the program are selected by school officials on the basis 
of their demonstrated interest and proficiency in mathematics and science. 

In this adult - oriented program, we attempt to provide the young people with a 
meaningful career exposure thrvough adult associations in a professional environment. 

Instead of merely lecturing to them, we try to involve the youths directly in the aero- 
space technology and to stress attendant project activity and teamwork. Fundamental 
scientific principles are explained through lectures and demonstrations. Technical so- 
phistication and rigorous mathematical developments are generally avoided, The youths 
are committed to a realistic simulation of the ”research-and-development” environment. 

( 

Project activities are assigned, planned, implemented, analyzed, and reported on in sig- 
nificant detail. In effect, the youths are taken behind the scenes for a full view of the 
real engineering world, 

Throughout the program, emphasis is placed on communication. The art of effective 
communication, of course, is vital to almost any career. To generate a high level of in- 
terest, to ensure clarity and understanding in the presentations, and to achieve a rapport 
with the lecturers, the participants are encouraged to raise questions . Explorer ’’pro- 
ject engineers” are periodically required to report to the membership on current project 
status and progress. Each year, the culmination of the program is a research symposi- 
um, in which the youths report the results of their researches to ^ audience of parents, 
teachers, and Lewis management officials. 

NASA-Lewis employee participation in the program is considerable. Many employ- 
ees enthusiastically and sincerely guide the young people in their scientific endeavors. 

Thus, theyouthsareexposedtoawiderangeof aerospace-oriented personnel - technicians, 
engineers, scientists, and administrators. The time donated to the program by these 
NASA employees is their personal contribution to the b/ ure well-being and success of our 
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youth and our nation. In a very real sense, this effort goes hand in hand with the aca- 
demic programs to focus and develop the interests and skills of our young men and women. 
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Lewis management believes that this work with young people is clearly in keeping 
with the spirit of the NASA Charter, wherein NASA is commissioned "to contribute ma- 
terially to . . . the expansion of human knowledge of phenomena in the atmosphere and 
space." NASA is also charged with the "widest practicable . . . dissemination of infor- 
mation concerning its activities and the results thereof. " 

This publication is intended not only to provide a basic explanation of some of the 
fundamentals of aerodynamics but also to stimulate other government agencies, educa- 
tional institutions, private industry, and business to establish career- motivation pro- 
grams within their own special fields of knowledge. 

The basis of this publication was just one year of the Lewis Explorer program. The 
various NASA-Lewis employees who lectured to the Explorers, and also served as asso- 
ciate advisers, during that year are identified as authors of the chapters of this publica- 
tion. Other employees who donated their time and talents to the program included 
Dr. Abe Silverstein (Explorer Post sponsor); Billy R. Harrison, William J. Masica, 
Roy A. Maurer, Edward T. Meleason, Brent A. Miller, Larry E. Smith, and Calvin W. 
Weiss (all associate advisers for wind-tunnel projects); John F. Staggs and Michael C. 
Thompson (associate advisers for flight projects); Harold D. Wharton (institutional rep- 
resentative); Joseph F. Hobzek, Jr. , (Chairman, Explorer Post Committee); William A. 
Brahms, Charles E. Kelsey, Donald A. Kelsey, Clair R. King, and Horace C. Moore, 
Jr., (all members of Explorer Post Committee); and Clifford W. Brooks (photographer 
for the program and associate adviser for flight projects). 



James F. Connors 

Director of Technical Services 

(Adviser, Lewis Aerospace Explorer Post) 



INTRODUCTION 



The history of the airplane is much better known than the history of rockets and sat- 
ellites. Aircraft flying overhead are a common sight in all technologically advanced 
countries. It is quite appropriate, therefore, that an educational publication on the prin- 
ciples of aeronautics should be made available by NASA. 

An important use of this book could be as a curriculum resource for teachers in high 
schools and colleges, It might also be helpful to curriculum committees and textbook 
writers. It discusses many topics which teachers in various disciplines can use to sup- 
plement their regular courses. The comprehensive history of aviation given in the first 
chapter could enrich courses in general or physical science or the history of science. 
The chapter on weather safety and navigation in severe storms would be useful in Earth 
science courses. Many examples of applications of mathematics are found in the book. 
But the discipline which would find the most usefulness in the book is physics. Even a 
cursory glance through the book impresses one with the fact that the design and operation 
of aircraft would be impossible without an understanding of complex physical concepts. 

A course in aeronautics for college-capable students in high school could be built 
around the book, especially if the teacher refers to related literature for problem mate- 
rial to reinforce the concepts presented. At the college level it could provide appropri- 
ate material for introductory courses in the science of aeronautics. With some modifi- 
cation, it could be used with vocationally oriented student groups in high school. Student 
and adult hobbyists in aeronautics will find much of the book relevant to their interests. 

It is hoped that one outcome of the use of this book, and of the companion volume, 
"Exploring in Aerospace Rocketry" (NASA EP-88), will be to stimulate the interest and 
imagination of capable students so that many of them will be interested in following de- 
velopments in the rapidly changing aerospace field. 
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The airplane has had a tremendous impact upon our society and our way of life. The 
world is smaller for it, people and nations are less isolated. Previous obstacles of dis- 
tance have been virtually eradicated. In 1969 alone, there were 57 certified American 
airlines, which carried approximately 164 million originating passengers and some 
20 billion revenue ton-miles of freight. Aso, the airplane is a vital element in our na- 
tional defense. 

How did all this come about? What can we learn from the dramatic accomplishments 
that have taken place in manned, powered flight? 

With history going back many thousands of years, the extremely short time within 
which manned flight achievements have taken place is certainly impressive. For ages, 
man aspired to sustained flight. But, in terms of accomplishment, only one average life- 
span has elapsed between the first, manned, powered flight of the Wright brothers, in 
1903, and the current era of supersonic fl^ht. Man has even penetrated successfully the 
Earth's atmosphere and has ventured out into the vastness of space. Viewed on a time 
scale, these achievements are representative of the "technological e^qplosion" that is 
popularly referred to in current writings. 

Here, we will only briefly touch upon technical highlights in the evolution of the air- 
plane and point out some of the major events in aviation history. Many excellent books 
and documentaries have been written on this subject. Some of them have been used as 
information sources for this chapter and are listed in the bibliography. For convenience, 
a brief aviation chronology is provided in appendix A. Some of the airplane terminology 
is defined in appendix B. 

Over the years, truly prodigious numbers and kinds of aircraft have been designed 
and built. Some historical airplanes used by the United States Air Force are shown in 
figures 1-1 to 1-45 in more or less chronological order. The modern stable of USAF 
aircraft is illustrated in figures 1-46 to 1-70. These are but a small sampling. Many 
other configurations have been used by the Air Force and the other services, notably the 
Navy, and in the commercial, business, and sports-flyii^ fields. 
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♦Director of Technical Services. 



The story of the airplane can be broken down logically into the following phases or 
time periods: before the Wright brothers; the era of the Wright brothers; World War I; 
the late '20’s and the '30*s; World War II; post -World War II; and the future. 

Speed has always been the prime measuring stick for aircraft performance, especi- 
ally to the military. The Wright Flyer flew at about 30 miles per hour (mph); World 
War I aircraft averaged about 100 n^h. In the late 1930's, bombers operated at slightly 
above 200 mph, with fighters at 300 to 350 mph. By 1945, bombers traveled at approxi- 
mately 350 mph, top fighters at 500 mph, and some jet-propelled fighters exceeded 
550 mph. The Douglas D-558-II Skyrocket went 1238 mph in 1951, and the ejq)erimental, 
rocket-powered North American X-15 (fig. 1-60) reached a speed of 4104 mph in 1962, 
with Joseph Walker as pilot. Such tremendous increases in flight speed did not come 
easily. Many difficult technical problems, or ’’barriers, ’’ had to be overcome. These 
problems occurred in all areas: structures (e. g., vibration, flutter, compressibility, 
etc. ), aerodynamics, propulsion, materials, navigation, and control. The so-called 
’’sonic barrier” and ’’thermal barrier” were also overcome. 

During the evolution of the airplane, progress in aeronautics has received its impe- 
tus largely from the urgency of military needs. Under the war influence, a great invest- 
ment in resources was made in the research, design, and construction of progressively 
superior aircraft. Subsequently, the technology associated with advanced military air- 
planes was applied to new designs and adaptations for commercial purposes. Military 
design requirements were best indicated by the slogan ’’Higher, Faster, and Farther.” 
No sooner was one requirement met than another, more stringent requirement was set, 
with primarily Government-sponsored research leading the way to continual improve- 
ments . 

To attain its high levels of performance, aviation has required, perhaps most of all, 
a team of dedicated, creative, imaginative, and courageous people: scientists, re- 
searchers, inventors, designers, fabricators, experimental pilots, etc. Many people, 
with a great variety of specialized skills and technical disciplines, have contributed to 
the advancement of aeronautics. Whereas the Wright Flyer was largely the product of 
two minds, today’s sophisticated airplane designs result from the contributions of many 
men. 

Progress in aviation, from its very inception, has probably been best characterized 
as the product of research, or the application of the ’’scientific method.” This method 
is the logic, or the examination and reasoning process, by which a particular problem 
or objective is approached. Stepv’ise, the process involves the collection of available 
pertinent knowledge, formulation of new hypotheses or theories, critical investigation 
and experimentation, and, finally, formulation of acceptable conclusions leading to new 
or revised laws. With sound engineering judgment, this approach translates into care- 
ful, systematic study, isolation of variables to evaluate their individual effects, and 
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extremely close attention to details. This is the fundamental research philosophy, or 
method of inquiry, that is threaded through the story of aviation. 



BEFORE THE WRIGHT BROTHERS 

t 

The first documented description of a practical device for manned flight is traceable 
back to Leonardo da Vinci, around 1500. This remarkable Renaissance man, far ahead 
of his time, produced detailed drawings of many flying machines, including a helicopter, 
and a parachute as well. Unfortunately, these were lost to the world for over 300 years. 
Leonardo and many who followed him were greatly fascinated by birds. As a result, they 
e?q)ended much effort in the study of ornithopters, or flapping-wing devices. None of 
these devices was ever successful. 

In 1766, the English chemist Henry Cavendish found that hydrogen was lighter than 
air, and the concept of the balloon was introduced. However, it was with a heated-air 
system that the Montgolfier brothers made the first successful balloon flight, in France 
in 1783. Interest in balloons led to the subsequent development of dirigibles. However, 
with the disasters to the ’’Shenandoah, ” in 1925, and to the impressive ’’Hindenburg, ” 
in 1937, the death kenll virtually sounded for lighter -than-air ships. 

The real prelude to manned powered flight came with the development of gliders. 

The champion in this was Germany’s Otto Lilienthal. With his gliders, Lilienthal made 
more than 2000 flights over a 6-year period, traveling on some occasions more than 
270 yards. His technique of shifting his body weight effected some measure of stability 
and control. In 1896, he died in a glider crash, before he could complete previously laid 
plans for a powered flight using a carbonic-acid-gas motor. A predecessor. Sir George 
Cayley (17 7 3-1857), was actually the first to assemble in theoretical form the many ele- 
ments necessary for practical flight. His first model glider (1804) was accepted by some 
as the original airplane. Cayley concentrated on the aerodynamics: the importance of 
streamlining, movable tail surfaces, and the stabilizing effect of dihedral. Another 
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Octave Chanute (1896). 

\ 

notable contributor among the glider enthusiasts was Octave Chanute, an American civil 
engineer. He introduced in a biplane glider a method of bracing the wings by struts and 
diagonal wires. 



ERA OF THE WRIGHT BROTHERS 

The story of powered flight must certainly include Samuel Pierpont Langley, archi- 
tect, astronomer, physicist, mathematician, and, in later life. Secretary of the Smith- 
sonian Institution. This esteemed scientist conducted many experiments in aerodynamics 
(e.g., using his ’’whirling table” to simulate airspeeds up to 70 mph). In 1896, he built 
and flew an unmanned, steam-powered model, which he called an "aerodrome for a dis- 
tance of 3200 feet. Based on this feat, Langley received a government subsidy to con- 
struct a full-size, man-carrying aerodrome. A most remarkable feature of this craft 
was the engine, built by Langley’s assistant, Charles M. Manly. A five- cylinder, four- 
cycle, radial engine weighing only 125 pounds for 52.4 horsepower, it was far ahead of 
its time. An enormous publicity buildup preceded Langley’s attempt at manned flight, 
but the aerodrome failed, in October 1903. As an aftermath. Professor Langley was 
thoroughly discredited in the eyes of the general public. He died heartbroken within a 

few years. 




Professor Samuel P. Langley's aerodrome. 
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During these same several years, the Wright brothers - Orville and Wilbur - had 
dedicated themselves to the task of achieving manned powered flight. Their approach 
and concentration of energies differed fz'om all others. They had recognized that the 
methods of construction for sustaining wings and for suitable powerplants were in such 
advanced stages that both would be worked out satisfactorily. Unlike other experimen- 
ters, however, they felt that the key to success was the development of a proper mech- 
anism for achieving stability and control of the aircraft. Therefore, the Wrights focused 
their attention on this objective during their many glider and wind-tunnel tests. They had 
at an early point discovered the most important principle of control - the aileron prin- 
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ciple. 

The Wrights did not have formal engineering training. They owned and operated a 
bicycle shop in Dayton, Ohio. However, they were devoted experimentalists in their 
leisure and read extensively all publications relating to aerodynamics. In their experi- 
mentation, they found the existing gas-pressure tables in the literature to be in error 
and had to generate their own data. The Wrights built their own wind tunnel and studied 
a great variety of wing shapes in a detailed, systematic manner. They were true prac- 
titioners of the scientific method. 

On the flat beach of Kitty Hawk, North Carolina, on December 17, 1903, a little 
more than 2 months after Langley’s failure, the Wright brothers achieved the first 
manned, powered, sustained flight. On the last flight of the day, WUbur remained aloft 
for 59 seconds and traveled 852 feet. Their Flyer (fig. 1-1) was a biplane with a wing 
span of 40 feet, 4 inches, and weighed 605 pounds. Its two propellers were driven by 
bicycle-type gears and chains connected to the engine shaft. They built their own engine, 
which produced 12 horsepower and weighed over 200 pounds. They also designed and 
built aerodynamically efficient propellers. The main feature of their airplane, however, 
was their system of control: elevator, warpable wings, and movable rudder. The ele- 




Wright brothers' airplane (1903). 
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vator, mounted at the front of the airplane, was lever- operated. Wing warping was 
achieved by means of cables attached to a cradle in which the operator lay. To bank the 
airplane to the left, for example, the operator svmng his hips and the cradle to the left. 
This tightened the cable attached to the outer strut of the right wing and thereby warped 
the rear edge of that wing downward. The increased air pressure on the downward- 
warped wing caused it to rise. At the same time, an auxiliary cable gave the left wing 
an upward warp, which tended to lower that wing. The rudder was controlled by means 
of cables that were interconnected with the wing-warping cables, so that rudder move- 
ment and wing warping were synchronized. This overall scheme transferred control of 
the aircraft to the skill of ihe pilot. In later years, the Wrights’ wing-warping method 
of control was supplanted by ailerons on the outboard portions of the wings. 

Invention and achievement did not bring the Wright brothers the sweet taste of suc- 
cess. In the wake of Langley’s fiasco, public interest in and reaction to flying were 
very low. The Wrights, of course, were pressing to capitalize on their invention. How- 
ever, it was not until December 1907 that the U.S. Government (Army Signal Corps) 
first advertised for bids for an airplane. The Wrights’ bid of $25, 000 was accepted. 

For the remainder of their years, they were to be almost continually caught up in the 
stress of patent litigations. Glenn H. Curtiss emerged as the chief competitor of the 
Wrights. Meanwhile, through shows, competitions, and demonstrations, interest in 
flying caught on in Europe. Technical advancements were gradually incorporated into 
the airplane, particularly by Curtiss in his applications for the Navy. Elmer Sperry in 
this period also made significant contributions to aircraft instrumentation. 



WORLD WAR I 

At the onset of World War I in Europe (1914), France and Germany each had around 
1500 aircraft. These initially were used only for reconnaissance. It was not long, how- 
ever, until aerial dueling occurred with pilots using carbines, muskets, rifles, and even 
revolvers. Within 5 months of the start of hostilities, the French began mounting ma- 
chineguns on the upper wings of their light Nieuports (fig. 1-8). By pulling on a lanyard, 
the pilot could fire the machinegun. Once the magazine was emptied, he had to land, re 
load, and take off again. 

In February 1915, a Frenchman, Roland Garros, devised a way of firing a machine- 
gun, mounted on the engine hood of his plane, straight ahead through the revolvii^ pro 
peller. The blades, fitted with metal plates, deflected about 7 percent of the bullets; the 
rest passed through unobstructed. This type of installation allowed the pilot to reload 
the gun in flight. This French technique took a heavy toll of German aircraft. 

Before long, the Germans countered with a more lethal invention, by the IXjtch air- 



plane designer Anthony H. G. Fokker. He devised a forward-firing machinegun synchro- 
nized to fire through the propeller without striking the blades. With this invention, Ger- 
man airplanes for a time held mastery of the air. British pilots suffered so many cas- 
ualties that they referred to themselves as ’’Fokker fodder. ” Eventually, of course, the 
Allies were able to reproduce the weapon for themselves and equalize the odds in combat. 

Technological superiority in the design and arming of aircraft passed back and forth 
across the battlefronts of Europe. Whenever one side brought an improved airplane to 
the front, the other side strove to equal or surpass it. Fokker’ s airplanes made rate of 
climb and maneuverability requisites for combat. Dogfights approximated hand-to-hand 
combat in the air. 

When/the United States entered the war, in 1917, it did not have a single airplane fit 
for combat. The War Production Board was set up to administer the manufacture of air- 
craft. A patent pool was established to expedite the military program. In this arrange- 
ment, prime responsibility resided with the automotive industry. The Board's policy 
was to build only copies of foreign airplanes and to equip them with American designed 
motors. The principal airplane built was the DeHavilland 4, shown in figure 1-7. As a 
contribution to the war effort, the program was a rather dismal failure, with much gross 
inefficiency in evidence. This particular example of mass production had failed. 

American fliers, on the other hand, gave an extremely good accounting of themselves 
in combat. At the end of the war, Rickenbacker’s ” Hat- in-the- Ring" squadron led all 
others, with 69 confirmed victories. Rickenbacker himself (fig. 1-6) had destroyed 26 
German airplanes in combat. Many other U. S. heroes of the air emerged from battle. 

The importance of the airplane in warfare was a subject of enormous controversy at 
the close of World War 1. Brigadier General Billy Mitchell became the leading proponent 
and standard-bearer in a bitter campaign for the recognition and establishment of air- 
power. In 1921, plagued by sharp charges and demands by Mitchell, the military under- 
took, as an ejq)eriment, the aerial bombardment of captured German naval vessels off 
Chesapeake Bay. This undertaking was to evaluate the very basis of the controversy - 
the potency of the airplane as a weapon system. At the conclusion of the tests, 

Mitchell’s bombers had sunk a submarine, a destroyer, a cruiser, and the dreadnought 
"Ostfriesland. ’’ His charges and demands became increasingly stronger and eventually 
forced his courtmartial in 1925 for insubordination. When convicted, Mitchell resigned 
from the Army. Public sentiment was in Mitchell’s favor, but he had almost no support 
among the militai'y. 



LATE ' 20' s AND THE '30' s 

Upon the close of war in Europe, many fliers returned to civilian life, only to find 



generally widespread public apathy toward the airplane. Little opportunity was available 
to earn a livelihood by flying or to initiate commercial flight ventures. Many took to 
barnstorming: demonstration and stunt-flying at rural fairs all over the country. The 
Air Service, spurred by General Mitchell, took to establishing new transcontinental 
flight records and round-the-world exploits. 

The Post Office was operating the airmail service, begun in 1918, with poor equip- 
ment and much hazard and hardship to the courageous men who flew. The passage of the 
Kelly Act by Congress in 1925 transferred the mail routes to private contractors. This 
provided fledgling air-transport companies the financial means to start ejq)anding into 
the great airlines they have become today. In October 1925, Henry Ford was successful 
bidder for one of the first contract airmail routes (Cleveland- Detroit- Chicago) and was 
the first private operator to carry the mail. Ford put into service the Stout all-metal 
monoplane, powered by a single Liberty engine. Later, when Stout redesigned his mono- 
plane to be powered by three Wright Whirlwind engines. Ford bought out the Stout organi- 
zation, and this plane became the famous Ford Trimotor. 
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Charles A. Lindbergh and his Ryan monoplane, "Spirit of St. Louis, " which he flew solo 
on a nonstop Right across the Atlantic from New York to Paris in 1927. (Courtesy of 
Smithsonian Institution.) 



In 1927, Charles A. Lindbergh made the first nonstop solo flight across the Atlantic 
(New York to Paris). In his special Ryan monoplane ’’Spirit of St. Louis, ” he traveled 
3610 miles in 33 hours, 32 minutes. As a result of his great personal achievement, 
’’Lindy” became a national hero and the subject of public adulation. Aviation was on the 

upswing. 

In 1933, Wiley Post established a record with his solo, round-the-world flight in a 
Lockheed Vega, the ’’Winnie Mae. ” The flight covered 15, 596 miles in 7 days, 18 hours, 
49. 5 minutes. The ’’Winnie Mae” was powered by a Pratt & Whitney 9-cylinder, 425- 
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Wiley Post and his Lockheed Vega, "Winnie Mae," which he flew solo on a record-setting, 
around-the-world trip In 1933. (Photo from J. W. Caler collection. ) 



horsepower Wasp engine. On this flight, the plane was equipped with an improved ver- 
sion of the Sperry Gyroscope Company’s automatic pilot and a radio-directional device 
that registered on a dial the direction of the station to which the radio was tuned. Post, 
in an impressive display of pilot stamina, made only 11 stops during the flight. 

In 1936, an outstanding milestone in airplane technology was reached when the 
Douglas DC-3 (fig. 1-37) went into commercial service. This airplane had two 900- 
horsepower Wright Cyclone engines, weighed 24, 000 pounds, and had a useful payload of 
9000 pounds - one-third greater than that of any preceding airplane. The DC-3's 185 mph 
represented a 50-percent increase in cruise speed over that of its predecessors. In 
retrospect, the DC-3 over the years has been outstandingly profitable and preeminently 
safe. 

Diringthe late 20’s and the 30’s, the National Air Races were firmly established. 

The best pilots, including James H. ('* Jimmy*') Doolittle, Roscoe Turner, Harold Neumann, 
Jacqueline Cochran, etc. , competed annually for the most coveted prizes: the Thompson 




James H. Doolittle and the Granville G«e Bee racer which he flew to victory in the Thompson 
Trophy Race of 1932. (Photo from J. W. Caler collection.) 




Trophy, for the fastest time in a closed-course pylon race, and the Bendix Trophy, for 
a transcontinental race. Speeds were increasing notably; for example, James H. 
("Jimmy") Doolittle won the 10-lap, 100-mile Thompson Trophy Race in 1932 in a spe- 
cial Granville Gee Bee racer with an average speed of 252. 68 mph. These races gave 
impetus to the development of the retractable landing gear, new fuels, and better engines. 

During this period, the amazing technological advances of aviation resulted largely 
from the superb cooperation between the industry and the government research labora- 
tories. The work of the National Advisory Committee for Aeronautics (NACA) was par- 
ticularly noteworthy. 

In aerodynamics, drag was significantly reduced as the monoplane with thick, inter- 
nally braced, cantilever wings supplanted the biplane, with its interplane struts, and the 
externally braced monoplane. Between 1929 and 1934, more than 100 wing sections were 
tested in the wind tunnels of the NACA Langley laboratory. Of these, the famous NACA- 
23012 airfoil came to be widely used throughout the world. High wing loadings (i. e. , high 
lift per unit area) were attained through the use of wing flaps and leading- edge slots. The 
guiding principle in increasing aerodynamic efficiency was the reduction of parasitic (or 
profile) drag. To reduce drag, therefore, NACA turned its attention to the powerplant 
and developed the NACA cowling in 1929. This device increased the economy of the air- 
plane by more than 10 percent, simply by covering the knobby engine parts to streamline 
the nacelle and by providing an ingenious ducting system for handling the required cooling 
air for the enclosed engine. 

There were other important developments, such as standardization on the all-metal 
monocoque, or stressed-skin, construction, which is a single-shell fuselage wherein the 
skin and stiffeners bear most of the flight loads; improvements in the use of the super- 
charger to permit higher altitude capabilities; developments in radio for instrument fly- 
ing and blind landings; and the introduction of the variable-pitch propeller. Ih the late 
30's, aeronautical research facilities in England, France, Germany, and ftaly were ex- 
panding rapidly, for Europe was getting ready for war. 

WORLD WAR II 

In September 1938, President Franklin D. Roosevelt set dramatic new U. S. goals for 
airpower and aircraft production: 10, 000 combat airplanes per year. Brigadier General 
Henry H. ("Hap") Arnold was made Chief of the Army Air Corps. Mass production of 
military aircraft was to be America's first step against the threat of Fascist aggression. 
To avoid the costly technological errors of World War I, the U. S. Government selected 
aircraft manufacturers as the prime contractors, and the automotive industry was drawn 
into production schemes as subcontractors. This plan resulted in industrial miracles. 

The annual rate of aircraft production increased steadily and reached its peak in 1944, 



when, in that single year, 96, 318 military aircraft were produced. 

When World War II began, it fast became obvious that this was to be a war of air- 
power. For Americans, the Japanese attack on Pearl Harbor was a stunning demonstra- 
tion of this fact. Thus, the tremendous U. S. production rate of military aircraft became 
a major factor in deciding the war in favor of the Allies. Throughout the war, many U. S. 
aircraft were to carry the brunt of battle -among them, notably, the B-17 Flying Fortress 
(fig. 1-28), B-29 Superfortress (fig. 1-43), P-47 Thunderbolt (fig. 1-35), P-38 Lightning 
(fig. 1-42), P-39 Airacobra, P-40 Warhawk (fig. 1-27), P-51 Mustang (fig. 1-38), B-24 
Liberator (fig. 1-33), B-25 Mitchell (fig. 1-34), and the B-26 Marauder (fig. 1-41). 

In its pursuit of the war effort, America took the view that the principal function of 
the airplane was bombardment. The Boeing B-17 Flying Fortress was first produced in 
1939 and established international records for distance and weight carrying. It was not 
only fast, but was astonishingly sturdy and had a featherlike maneuverability. After a 
mission, it was not at all unusual to find a B-17 badly shot up but limping safely back to 
base. In Europe, the results of high- altitude, precision and saturation bombing proved to 
be the real turning point of the war. The remarkable Norden bombsight ensured success 
in daylight bombing from altitudes above the flak of antiaircraft fire. 

Round-the-clock air attack on Germany was the prime objective of the air war in 
Europe. The bombing missions needed the support of a long-range fighter escort. But 
not until July 1943 did the P-47 Thunderbolts attain an escort range of 340 miles, which 
was inadequate. The P-38 Lightnings in 1944 had an escort range of 585 miles. About the 
same time, the P-51 Mustangs were delivered. These airplanes were able to speed ahead 
of the bombers and clear the skies of German aircraft for a distance of 850 miles. 

The P-51 Mustang (fig. 1-38), an outstanding combat performer during World War II, 
was largely a product of NACA research. Early tests in the Langley low-turbulence wind 
tunnel showed that considerable drag reductions were possible by controlling the pressure 
distribution over the wing. In 1940, the NACA's Annual Report to President Roosevelt in- 
cluded this one brief paragraph: 

Discovery during the past year of a new principle in airplane-wing design may prove to be of 
great importance. The transition from laminar to turbulent flow over a wing was so delayed as to 
reduce the profile drag, or basic air resistance, by approximately two-thirds. It is too early to 
appraise adequately the significance of this achievement. So far, its application is limited to small 
airplanes, but there are indications of its ultimate applicability to larger airplanes through continued 
research. It should increase the range and greatly improve the economy of airplane operation. 

This new principle was applied to the wing design of the Mustang airplane. The P-51 
was also subjected to other aerodynamic cleanup studies and remedies by NACA. The re- 
sults are now history. In both speed and range, the P-51 was the foremost propeller- 
driven fighter of this period. 

In the bomber class, the successor to the B-17 was the famous Boeing B-29 Super- 
fortress. First flowin in July 1943, this airplane brought about the defeat of Japan. The 
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B-29’s four engines produced 2200 horsepower each, compared with 1200 in the B-17. 
Takeoff weight was 140, 000 pounds, compared with the 55, 000 pounds of the B-17. With 
a wing span of more than 140 feet and a pressurized cabin, the B-29 could be flown with 
comfort at 35, 000 feet. It had an operational radius of 2300 miles with a 10, 000-pound 
payload. In 1945, of course, it was the B-29 that carried the atomic bomb to Hiroshima 
and brought about the end of the war. 

During the latter stages of the war, the jet airplane began to emerge. Bell Aircraft 
in 1943 produced the YP-59 Airacomet, the first jet fighter in America. This airplane 
utilized the turbojet engine researched and developed by Frank Whittle in England. Actu- 
ally, the Germans had been busy, too, and had put into operation in the preceding year 
the Messerschmitt-262 jet fighter. For a given thrust level, the turbojet engine is 
smaller, lighter, and simpler in design than the reciprocating engine. However, it also 
has a higher fuel consumption. Propulsive efficiency of the jet engine increases with 
speed, whereas with a propeller, compressibility losses (associated with high-speed 
airflow over a lifting surface) cause performance to fall off drastically. Introduction of 
the jet engine thus opened up still higher ranges of aircraft speed. 



One of the successors to the B-29 bomber was the Strategic Air Command’s B-36, 
built by Convair (fig. 1-40). This was the largest airplane to enter the Air Force inven- 
tory. It had a wing span of 230 feet and a lei^th of 162 feet. Its gross weight on takeoff 
was 370, 000 pounds, compared with 140, 000 pounds for the B-29, and its nominal range 
was 10, 000 miles. Early versions of the B-36 were powered by six propeller engines. 



POST -WORLD WAR II 




Convair B-36 long-range strategic bomber in contrast to Wright Flyer. 





On later versions, four turbojet engines were added. The B-36 was expensive: 
$3,500,000, compared with $640, 000 for the B-29. Its top speed was about 435 mph. For 
further size comparison, the original Wright Flyer is sketched on the photograph, illus- 
trating again the dramatic evolution of the airplane. 

Currently, the primary heavy bomber of the Strategic Air Command is the B-52 
Stratofortress (fig. 1-47). The Boeing B-52 is powered by eight jet engines, each with 
a thrust rating of 17, 000 pounds. In 1957, with in-flight refueling, the B-52 flew 24, 325 
miles in 45 hours, an average of 540 mph. The role of the long-range, high-speed 
bomber is now being challenged by the application of rocket-powered, guided missiles, 
such as ICBM’s. 

The Century series jet fighters are illustrated in figures 1-49 to 1-54. These air- 
planes are highly sophisticated aerodynamically and are electronically complicated. All 
generally have transonic or supersonic dash capability. In contrast with World War I 
fliers, today’s combat pilots must be highly trained and are more dependent on systems 
performance than on individual flying skills. This change is obviously a consequence of 
the tremendous flight speeds, which preclude human observations and determinations in 
flight. Electronic systems for navigation, control, weapons firing, etc. , must neces- 
sarily predominate. One look into the pilot’s compartment of a modern jet will quickly 
corroborate this. 

In 1960, Russia announced that a U. S. aircraft had been shot down over Soviet terri- 
tory as it was attempting a photoreconnaissance mission. The airplane was the Lockheed 
U-2. This airplane is of interest here because it was designed for a very special and 
specific purpose. Originally, the U-2 was to be used by NASA for weather research and 
high-altitude radiation sampling. The design objective was to achieve maximum possible 
altitude performance within the state of the art. This performance was obtained by using 
a sailplane-type wing, keeping structural weight and strength low, and using a specially 
designed high- altitude version of the Pratt & Whitney J-57 engine with low- volatility fuel. 




C-67-3414 

Lockheed U-2 high-altitude jet aircraft for weather and radiation research and photoreconnaissance 
missions. (Courtesy of Smithsonian Institution.) 



An example of U-2 weight savings is the single main landing gear. Small jettis enable 
wheels keep wings level during takeoff roll. The U-2 is able to maintain level flight at 
altitudes above 70, OOO feet, with a range of 3000 miles or more. This aircraft illustrates 
the practical trade-offs and compromises available to the designer to meet particular 
specifications. Speed, for example, was the uppermost consideration in the Gee Bee 
racer, shown previously. Therefore, that airplane was practically all engine, and every- 
thing else was minimized. In World War II, speed of American airplanes was sacrificed 
for the weight requirements of electronic navigation packages and personnel armor pro- 
tection. The aircraft designer must balance all requirements as he searches for an op- 
timum. 

The F-lllA (fig. 1-59) exemplifies another novel approach. With its variable- 
geometry wings that can be extended in flight for takeoff, landing, and subsonic speeds 
and then swept back sharply for supersonic operations, the F-111 is designed as a multi- 
purpose aircraft. It can be used for counter-air missions, interdiction, close air sup- 
port of ground forces, and reconnaissance, fts design Mach number is about 2. 5 (i. e., 
a speed 2. 5 times the speed of sound). 

The XB-70 Valkyrie was a large, tail-first (canard), delta-wing aircraft, which was 
designed as a strategic bomber. This airplane was intended to replace the B-52 Strato- 
fortress in service with the Air Force in the mid-1960's. The original B-70 was designed 
to travel the entire distance to the target and back (a maximum of about 7600 miles) un- 
refueled, at Mach 3. In March 1963, the decision was made to build two XB-70A aero- 
dynamicVesearch aircraft. The first flight was made in 1964. Thereafter, the XB-70A 
was used in a joint research program conducted by NASA and the Air Force. At takeoff. 
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this airplane weighed over 500, 000 pounds. The design cruising speed of Mach 3 (ap- 
proximately 2000 mph) was first attained during the 17th flight, in October 1965. During 
routine test flights, altitudes of around 70, 000 feet were reached. The XB-70A was 
powered by six General Electric YJ-93-3 turbojet engines (each producing 31, 000 pounds 
of thrust with afterburning) clustered side by side in the rear of the powerplant duct, 
under the wing trailing edge. The wing span with the tips spread was 105 feet. The 
length, including the nose probe, was 196 feet. The wings were cantilevered delta wings 
of very thin cross section. A large, canard foreplane, also with very thin wings was ad- 
justable for trim purposes and was fitted with trailing- edge flaps. North American 
Aviation was the prime contractor. The XB-70A research program is now finished. Al- 
though the B-70 never got into production, results of this research program are expected 
to feed directly into the planning, design, and operational characteristics of this country’s 
commercial supersonic transport program. 

To meet its responsibility - ”to supervise and direct the scientific study of the prob- 
lems of flight, with a view of their practical solution” - NACA/NASA also joined with the 
Air Force, Navy, and aerospace industry in building and flying a number of advanced, 
high-speed, research airplanes , including the X- 15 (fig. 1-60). The program has been 
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Research airplanes (1956). (Photo courtesy of Smithsonian Institution. ) 




essentially completed, with tremendous success. The first supersonic flight was achieved 
by Charles Yeager on October 14, 1947, in the Bell X-1. In 1951, William Bridgeman 
flew the Douglas D-558-II at Mach 1. 89. In 1953, Yeager took the Bell X-IA to Mach 
2.5 - 1650 mph. Airplanes flown by service and civilian pilots pushed both speed and al- 
titude records steadily higher. By 1962, test flights of the North American X-15 rocket 
plane had taken the heat-resistant craft to an altitude of 314, 750 feet and a speed of 4104 
mph. Each X-15 flight has furnished important design data for high- altitude, hypersonic 
operational aircraft. The practicability of pilot-controlled reentry into the atmosphere 
from space has been demonstrated, and a great amount of data on physiological and psy- 
chological reactions of man to space flight has been provided. 



THE FUTURE 

As we look to the future, we can see only further rapid expansion in the field of 
aeronautics, particularly in the civilian commercial sector. In the immediate offing are 
the large, subsonic, jumbo jets and the supersonic transports. Both are presently in 

various stages of research and development. 

In the large subsonic airplane category j Boeing has developed its 747 version, 
already in commezxial use, and Lockheed (Marietta, Georgia) is working on the C-5A. 
By way of illustration, the latter airplane will have a gross takeoff weight of 728, 000 
pounds, a wing span of 223 feet, and a 65-foot-high tail. The C-5A is being designed 
to move 110 tons (or up to 900 passengers, on three decks) 3000 miles in 7 hours. 
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Lockheed C-5A subsonic jumbo jet. 



Power for this job will be supplied by four TF-39 turbofan jet engines, built by the 
General Electric Company, each developing 41, 000 pounds of thrust. This fan engine 
is expected to have a specific fuel consumption one-quarter less than that of a standard 
turbojet. This type of airplane will offer large-scale, economic transportation in both 
the passenger and cargo markets. 

The commercial supersonic transport (SST) also has been an international technologi- 
cal challenge, with the British and the French cooperating to develop the 128-passenger, 




First prototype Concorde 001, a cooperative British -French project. 



Mach 2.2 Concorde; the Soviet Union developing a comparable aircraft, the TU-144; and 
the United States working with the Boeing Company on a larger and faster SST prototype. 
These various efforts began in the mid-1960’s. When commercial supersonic transports 
become operational, the sonic- boom problem is expected to restrict their use mainly to 
transocean.'c and transpolar flights. 

The original Boeing SST design had pivoted, variable- sweep wings. But because piv- 
oted wings, for this type of aircraft, imposed unacceptable weight penalties, the design 



Model of proposed Boeing fixed-wing supersonic transport. (Reprintedfrom Interavia, January 1969, with their permission. ) 



was modified to a fixed-wing configuration. This aircraft was designed to carry 250 to 
350 passengers at a speed of Mach 2. 7 (1800 mph) and at a cruisuig altitude of 64, 000 
feet. The estimated range, with 313 passengers, was over 4000 miles. Plans called for 
building most of the Boeing SST of an alloy of 90 percent titanium, 6 percent aluminum, 
and 4 percent vanadium. Maximum takeoff weight was set at 750, 000 pounds, with propul- 
sion provided by four 67, 000-pound-thrust General Electric GE4/J5P turbojet engines 
mounted under the rear of the wing. 

Another general area of special interest to the aeronautics program is V/STOL (Ver- 
tical and Short TakeOff and Landing) aircraft. The utility of the helicopter, particularly 
in the military situation (Vietnam), is unquestionable. Some helicopters are illustrated 
in figures 1-68 to 1-70. A great variety of other V/STOL configurations are under active 
study. With tomorrow's mushrooming populations, the megalopolitan areas will have an 
acute need for short-distance, high-speed transportation. V/STOL aircraft may pose an 
attractive and practical solution. However, much research and development work 
remains. 

It is appropriate here to quote the late Dr. Hugh L. Dryden; 

Aeronautical technology ... has exploited the power of organized effort, learning to draw on all 
the resources of science, and to synthesize and integrate the effort of men of many disciplines and 
skills. 



The future looks to be even more promising. 
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APPENDIX A 





1903 

1906 

1908 

1909 

1910 

1911 

1912 

1913 

1914 

1915 




AN AVIATION CHRONOLOGY IN BRIEF 

Langley's aerodrome, with Charles Manly as pilot, fails in its second attempt 
to fly and plunges into the Potomac River. Six days later, on December 14, 
Wilbur Wright travels about 40 feet in 3. 5 seconds. On December 17, the 
Wright Flyer goes 852 feet in 59 seconds at Kitty Hawk, North Carolina. This 
is the first, manned, powered, airplane flight. 

Santos-Dumont (France) makes first airplane flight in Europe. Flight duration, 

8 seconds. 

Lt. Thomas E. Selfridge is first U. S. military man to fly "heavier-than-air” 
machine. Glenn Curtiss pilots "June Bug" 1 kilometer before official witnesses. 
First airplane owned by U. S. Army is Wright biplane. In France, Henri Farman 
goes up with a passenger (Delagrange) for 150-foot hop - the first passenger - 
carrying flight. 

Herrig-Curtiss Co. , the Wright Co. , and the Glenn L. Martin Co. are estab- 
lished. The first airplane flight across the English Channel is made by 
L. Bleriot in his "Number XI." 

A Curtiss biplane, piloted by Eugene Ely, takes off from land and flies out to a 
platform on the cruiser "Pennsylvania. " This act forms basis for concept of a 
naval aircraft carrier. Shortly afterward. Captain I. Chambers, USN, develops 
compressed-air catapult for launch from shipboard. 

Curtiss is recognized for his invention and successful demonstration of the 
hydroplane - the Triad - a seaplane equipped with retractable wheels for ground 
landing. First airplane is delivered to the American Navy. First airmail in 
U. S. is carried aloft by Earle Ovington on Long Island. 

The first fighter plane is single-seat Farnborough B.S. 1, designed by 
deHavilland. 

Elmer A. Sperry demonstrates his gyroscopic stabilizer to the Navy. Sikorsky 
designs first multiengined airplane, the four-engined biplane "Bolshe. " 

Elmer A. Sperry develops optical-type drift indicator and gyroscopic compass. 
Lawrence Sperry develops automatic pilot. 

The NACA is established by act of Congress. The first fighter is equipped with 
a fixed, forward-firing machinegun; this is Anthony Fokker's Eindecker Scout. 
The gun is synchronized to fire through the whirling propeller. Junkers designs 
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first cantilever-wing, low-wing, all-metal airplane - the J-1 monoplane. | 

1916 World altitude record of 16, 500 feet is set by V. Carlstrom in a twin-engined | 

JN Curtiss. 

1917 U. S. declares war on Germany. McCook Field, Dayton, Ohio, is established as 
the Air Service Experimental Base. 

1918 Army begins regular airmail service between Washington, D. C. , and New York 
City. First Navy Curtiss- 1 (NC-1) flying boat is successfully flown. 

1919 Leak-proof tanks, free parachute back-pack, reversible- and variable-pitch 
propellers, syphon gasoline pump, and fins and floats for emergency water 
landings are developed. The turbocompressor, or supercharger, is developed by | 
Dr. Sanford Moss of General Electric. Lieutenant Commander A. C. Read and 
five- man crew fly a Curtiss NC-4 Navy flying boat in the first airplane crossing 
of the Atlantic (New York to Lisbon via Newfoundland and the Azores). First 
nonstop crossing by Captain Alcock and Lieutenant Whitten-Brown in a Vickers 
Vimy from Newfoundland to Ireland in approximately 16 hours. 

1921 As an outgrowth of charges by Brigadier General William (’’Billy”) Mitchell, 
the military undertakes experimental aerial bombardment of captured German 
vessels in Chesapeake Bay. Submarine, destroyer, cruiser, and dreadnought 
’’Ostfriesland” are sunk in these tests. 

1922 Wing-type radiator is developed by Curtiss. World speed record of 222. 96 mph 
is set by Billy Mitchell in Curtiss racer. Berliner helicopter rises vertically 
to 12 feet and hovers successfully. DeBothezat helicopter is successfully test- 
flown for 1 minute, 42 seconds. 

1923 First refueling in midair between two airplanes. World speed record is set at 
266. 6 mph in Curtiss racer. 

1924 First aerial circumnav^ation of the globe - four Army Douglas biplanes leave 
Seattle, and two return after covering 26, 345 miles in an elapsed time of 
175 days. 

1925 Oleo landing gear is tested for Navy on NB-1 airpl^e. Ford Motor Company 
takes over the Stout Metal Airplane Company and begins producing the Ford Tri- 
motor, an all-metal monoplane descried by William A. Stout. Billy Mitchell is 
court-martialed and found guilty of insubordination. Cleveland opens its 
$1, 000, 000 municipal airport, which covers 1000 acres. 
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1926 Pratt & Whitney Aircraft Company produces its first engine, a nine-cylinder, 
radial, air-cooled engine, developing 400 horsepower at 1800 revolutions per 
minute. Lieutenant Commander Richard E. Byrd and Floyd Bennett fly over 
the North Pole in a trimotored Fokker. 

1927 Lindbergh makes first, nonstop, solo flight across Atlantic (New York to Paris) 
in Ryan monoplane "Spirit of St. Louis" - 3610 miles in 33 hours, 32 minutes. 

1928 Frank Whittle, a young, English air cadet, publishes a paper predicting appli- 
cation of jet propulsion to high-speed aircraft. 

1929 James H. Doolittle makes first, public demonstration of instrument flying. 
Major Spaatz, with a crew of four, sets refueling endurance record in Fokker 
Army transport "Question Mark" - 150 hours, 40 minutes, 15 seconds. NACA 
cowling is developed. 

1932 Doolittle wins the 100- mile Thompson Trophy Race in a Gee Bee racer with an 
average speed of 252. 68 mph. New developments are a mechanism for control- 
ling pitch of propeller and a liquidometer for displaying the condition of all fuel 
tanks on the airplane. 

1933 Westbound transcontinental record of 11 hours, 30 minutes, established by 
Colonel Roscoe Turner in Wasp-powered, Wedell-Williams monoplane (Bendix 
Trophy Race, New York to Los Angeles). Wiley Post in a Lockheed Vega, the 
"Winnie Mae, " sets record for solo round-the-world flight (15, 596 miles in 

7 days, 18 hours, 49. 5 minutes). James R. Wedell breaks speed record for 
landplanes with 305.33 mph. Boeing builds 75 Model 247-D, all-metal trans- 
ports for airlines and a fleet of P-26-A pursuit planes for Army. Retractable 
landing gears and a new radio compass are introduced. 

1935 Howard Hughes sets new landplane speed record of 352. 388 mph in his "Special. 
Douglas Aircraft produces first of famous DC-3 transports. Device for elimina 
tion of propeller ice is introduced. 

1936 Pratt & Whitney develops new 1160-horsepower, 14-cylinder, twin-row. Wasp 
engine. Whittle begins experiments on gas-turbine engine. 

1937 Hughes flies from Los Angeles to New York in 7 hours, 28 minutes, 25 seconds 
for average of 327.5 mph. Dirigible " Hindenburg, " filled with hydrogen, 
crashes and burns, marking the beginning of the end for rigid-airship transpor- 
tation. 

1938 First production Supermarine Spitfire fighter (low-wing, single-seater) is com- 
pleted in England. 



} 



1939 

1940 

1941 



1942 



1943 

1944 

1945 
1947 



1948 



1949 

1951 

1952 



B-17 Flying Fortress goes into production. Bell Aircraft builds P-39 Airacobra 
for Army. Heinkel He 178 (first jet plane) is flown successfully in Germany. 

Puncture-proof gasoline tanks are tested at Wright Field. Boeing 307-B Strato- 
liner, first supercharged, pressurized-cabin airplane, is introduced. 

First successful true ’’flying wing, ” developed by Northrop, is announced by the 
Army. Jet-powered Gloster plane, powered by a Whittle- 1 jet engine, is built 
and flown on May 14. The 650-pound Whittle engine produces more thrust than 
a comparable Rolls-Royce reciprocating engine that weighs 1650 pounds. 

Doolittle leads his B-25 Mitchell bombers in raid against Japanese mainland 
after taking off from carrier ’’Hornet.” First operational military jet, the 
Messerschmitt-262, is tested in Germany. First flight of Bell YP-59 Airacomet, 
first jet fighter in America. 

Water injection is used for power augmentation in fighters. 

U. S. Army Air Force peaks at 2, 383, 000 men and 64, 591 planes. Germany puts 
first rocket-propelled airplane into operation, the Messerschmitt-163 Komet. 

B-29 drops atomic bomb on Hiroshima, Japan. 

Mantz wins Bendix classic (2045 miles in P-51 Mustang at average speed of 
460. 4 mph). Allison announces production of its new liquid- cooled, V-1710-G6 
engine rated at 2250 horsepower. Allison also introduces new jet engine rated 
at 7500 horsepower at 600 mph. Lockheed P-80R sets speed mark at 623. 3 
mph. Douglas D-558-I Skystreak flies 650. 6 mph. First, manned, supersonic 
flight (Mach 1.06, or approx 670 mph) is achieved by Charles Yeager in rocket- 
powered Bell X-1. A separate Air Force is established as a coequal partner 
with the Army and Navy - the realization of Billy Mitchell’s dream. 

Wright Aeronautical announces new 18-cylinder, air-cooled engine (R3350-26-W 
Cyclone), rated at 2700 horsepower. F-86 Sabrejet flown at 674 mph by Major 
R. L. Johnson. Vickers Viscount (with turboprop engines) enters airline ser- 
vice. 

Douglas D-558-n Skyrocket hits speed of 710 mph at 26,000 feet. 

D-558-II Skyrocket flown 1238 mph at 79, 494 feet. 

Convair XF2Y-1 Sea Dart, first combat-type airplane equipped with hydroskis, 
makes its debut in San Diego. With the Air Force and NACA, Bell investigates 
variable- sweep wings on the X-5. 
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, Figure 1-18. - Meteoroid fiux distribution reiative to Earth and to point on piane of eciiptic. 




Figure 1-19. - Meteoroid distribution reiative to piane of eciiptic. 



general direction as the Earth. 

The distribution of the meteoroids relative to the plane of the ecliptic (the orbital 
plane of the Earth about the Sun) is shown in figure l-i9. It is obvious that most of the 
particles are distributed within approximately 20° on each side of the plane of the 
ecliptic. The majority of the meteoroids are orbiting around the Sun, but some of them 
may also be trapped in orbits around our Earth -Moon system. The paths of some 
meteoroids form very large angles to the plane of the ecliptic, and these particles are 
probably of cometary origin. Scientists now assume that these meteoroids of cometary 
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origin have very low densities of less than 0. 5 gram per cubic centimeter. 

Scientific speculation has led to several theories regarding the origin of meteoric 
material. K meteoroids originate outside the solar system, they probably follow hyper- 
bolic paths and make just one pass through the system. However, such meteoroids can 
become trapped in the sqlar system if they undergo gravity turns near one of the planets. 

The following sketches show how a gravity turn can change the speed and direction of 
a meteoroid as it makes a near approach to a planet. Relative to the planet, the path of 
the meteoroid is a hyperbola and its speed is constant, but its direction is different after 
the near encounter. Relative to a fixed point in space, however, the speed of the 
meteoroid is also different after the near encounter with the planet. 



The meteoroids might come from the asteroid belt between Mars and Jupiter. 
Particles can diffuse out of this belt by a combination of gravity turns. The orbits of 
the individual particles can be altered upon close approach to another mass center. If 
this explains meteoroids, then the meteoroid population near Mars must be larger than 
near Earth. The meteoroids near Earth might actually come from the Moon. A meteor- 
oid impact on the surface of the Moon may carry so much energy that four or five times 
as much mass as that of the impinging meteoroid might be knocked off the Moon’s surface 
and propelled to an escape velocity. Some eminent scientists believe that the tektites 
(small glassy bodies of probably meteoric origin and of rounded but indefinite shapes) 
found on the Earth came from the Moon. Some people hold the theory that meteoroids 
originate in the tails of comets. This is an interesting theory, but it does not explain 
the origin of the comets themselves. 

The principal reason for the great interest in meteoroids is that there is a finite 
probability that a space vehicle might be damaged or destroyed by meteoroid puncture. 
Therefore, the various components of a spacecraft must be made strong enough to pre- 
vent penetrations or destructive damage by meteoroids. Without sufficient and accurate 
meteoroid damage data, spacecraft would likely be underdesigned or overdesigned; 



Meteoroid 




Meteoroid 

Planet adds energy to meteoroid Planet subtracts energy 

from meteoroid 
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underdesign could result in early loss of mission, while overdesign could result in over- 
weight craft, sluggish performance, or compromised payload. 

Manned exploration of the planets depends to a great extent on the planetary environ - 
ments. This is why the interest in manned flights to Venus waned suddenly when data 
obtained from the Mariner II satellite indicated that Venus has a surface temperature of 
800° F. Since more recent spectra showing the presence of water vapor on Venus have 
cast some doubt on the validity of the Mariner II data, some interest in the manned 
exploration of this planet is being revived. However, more instrumerited-probe data 
are needed prior to any decision on the feasibility of manned landings on Venus. 

Mars has also been considered as the object of manned exploration. However, a 
careful study of the environment on the Martian surface reveals that it is not at all 
attractive. For example, the atmospheric pressure at the surface is less than 10 milli- 
bars, which corresponds to the pressure at an altitude of approximately 100 000 feet 
above the Earth. The oxygen content is less than 1 percent, which is equivalent to the 
oxygen content at an altitude of approximately 160 000 feet above the Earth. The water- 
vapor content bn Mars is perhaps only l/2000th of the moisture on Earth; therefore, 
rivers, lakes, and oceans are probably nonexistent. What little water there is on Mars 
may be salty. Also, the surface of Mars is probably bombarded with asteroids and 
meteoroids from the asteroidal belt. This condition may be much more serious than it 
is on Earth because of the greater meteoroid population near Mars and because of the 
thin atmosphere. On Earth, meteors penetrate to perhaps 50 000 feet altitude; a similar 
particle on Mars would strike the surface. Also, the theory of planet formation suggests 
that Mars has a solid core and no mountains of the folded type. With a solid core, there 
probably is no appreciable magnetic field, and hence, no trapped radiation belts of the 
Van Allen type. On the surface of Mars, severe radiation intensities can be expected 
during giant solar flares because of both the rarefied atmosphere and the lack of magnetic- 
field trapping of ionized particles. Thus, strong shielding would be required on the 
Martian surface during giant solar flares. To survive, man would have to take his Earth 
environment with him. Conditions are so hostile that colonization is probably out of the 
question in our times. Nevertheless, manned exploration of Mars will take place and 
can be justified solely on its scientific merits. 
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GLOSSARY 



apogee. That point in the orbit of a satellite of the Earth that is farthest from the center of the 
Earth. 

astronomical unit. The mean distance of the Earth from the Sun, amounting to approximately 
93 million miles; used as the principal measure of distance within the solar system. 

galaxy. A vast assemblage of stars, nebulae, star clusters, globular clusters, and interstellar 
matter, composing an island universe separated from other such assemblages by great 
distances. 

ionization . The process by which neutral atoms or groups of atoms become electrically 
charged, either positively or negatively, by the loss or gain of electrons. 

ionosphere . A layer of the Earth’s atmosphere characterized by a high iOn density. Its base is 
at an altitude of approximately 40 miles, and it extends to an indefinite height. 

nebula. An immense body of highly rarefied gas or dust in the interstellar space of a galaxy. 

It is seen as a faint luminous patch among the stars. 

perigee . That point in the orbit of a satellite of the Earth that is nearest to the center of the 
Earth. 

refraction . The deflection from a straight path undergone by a light ray or a wave of energy in 
passing obliquely from one medium into another in which its velocity is different. 

solar corona. The tenuous outermost part of the atmosphere of the Sun extending for millions of 
I miles from its surface. It contains very higdily ionized atoms of iron, nickel, and other 

gases that indicate a temperature of millions of degrees. It appears to the n^ed eye as a 
pearly gray halo around the Moon's black disk during a total eclipse of the Sim, but it is 
I observable at other times with a coronagraph. 

solar prominence. A tongue of glowing gas standing out from the Sun's disk, sometimes to a 
height of many thousands of miles, and displaying a great variety of form and motion. 

I Prominences are especially numerous above sunspots. 

! sunspot. A disturbance of the solar surface which appears as a relatively dark center (umbra), 

surroimed by a less dark area (penumbra). Sunspots occur generally in groups, are 
! relatively short lived, and are found mostly in regions between 30 North and 30 South 

' latitudes. Their frequency shows a marked period of approximately 11 years. They have 

i intense magnetic fields and are sometimes associated with mag^netic storms on the Earth. 

troposphere. That part of the Earth's atmosphere in which temperature generally decreases 
with altitude, clouds form, and there is considerable vertical wind motion. The tropo- 
sphere extends from the Earth’s surface to an altitude of approximately 12 miles. 
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2. PROPULSION FUNDAMENTALS 



James F. Connors* 



Having considered the nature and the scope of the aerospace environment, let us di- 
rect our attention to the means by which man ventures out into space. Obviously, propul- 
sion is the key which opens the door to all pioneering achievements in space. The 
"muscle" of the space program is the rocket engine. In it resides man's basic capability 
to hurl instrumented unmanned and manned payloads out beyond the restricting influences 
of the Earth's atmosidiere and gravitational field. 

Before we can intelligently examine any hardware details of the propulsion system 
and the vehicles, it is essential that we have some insight into what actually is a rocket 
engine. What are the fundamental design criteria? What factors influence performance? 
What is thrust? How is it derived from the hot jet issuing from the engine? The follow- 
ing discussion is centered on these questions. 

Man's interest in exploring the "heavens" dates back to the earliest recorded civili- 
zations. But a rational basis for modern rocketry was first established by Sir Isaac 
Newton in 1687; in that year, Newton published his book "Principla", in which he pre- 
sented his principles of motion. Those principles, or laws, are examined in this chapter. 
(Symbols are defined in the appendix. ) 



Newton's Second Law of Motion (fig, 2-1) states simply that if a 1 -pound force, or 
push, is applied to a body of unit mass (that is, 1 slug, defined as 32. 2 lb), that body will 
accelerate 1 foot per second each second. In the illustration it is presumed that the body 
rides on frictionless wheels. Momentum is a term that describes a body in motion and 
may be defined as the product of mass and velocity. (Mass is related to weight by the 
equation m = W/g.) Nev/ton's Second Law of Motion can be stated mathematically by the 
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Figure 2-1. - Newton's Second Law of Motion: Acceleration - 
Thechange in a body's motion is proportional to the magni- 
tude of any force acting upon it and in the exact direction 
of the applied force. 



equation 



F = 



ma = 




( 1 ) 



or 



p _ Amv _ Change in momentum 
At Change in time 

Simply, thrust is equal to the rate of change in momentum. 



Newton's Third Law of Motion 



Newton's Third Law of Motion (fig. 2-2) states that for every action there is an equal 
and opposite reaction. K we picture our little character here standing on frictionless 
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Flgure2-2. •Nevdon'sThlrt Law of Motion. Reaction -For every acting force there Is 
always an equal and opposite reacting force. 
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roller skates and holding a bowling ball, we will find that upon the action of throwing the 
ball there is a reaction force pushing him back in the opposite direction. The same situ- 
ation exists with a high-pressure water hose. With a jet pf water issuing from the nozzle, 
there is a force pushing back on the hose in the opposite direction. These are examples 
of the principle of action and reaction. 

Probably, the simplest form of rocket with which we all are acquainted is a toy bal- 
loon. The balloon rocket (fig, 2-3) uses the principles of both laws of motion. When the 



balloon is inflated and the outlet is tied off, the internal pressures acting in all directions 
against the wall of the balloon are in balance. Since no gas issues from the balloon, 
there is no thrust. When the outlet is opened, however, gas discharges through the open- 
ing (action), and the balloon moves in the opposite direction (reaction). The internal 
pressures are no longer balanced, and there is a reaction force equal to the open exit 
area times the difference between the internal and ambient pressures. 



This reaction is equal to the action force which is created by the exiting gas stream 
and which consists of a momentum term of mass flow rate m times the exit gas ve- 
locity v« plus a pressure term (P^ - P_)A^. 

*'0 0 a © 



( Note; A dot over a symbol indicates a rate flow or means ’’per unit time. ”) In both the 
action and reaction forces, the effect of the surrounding environment has been taken into 
account by referring to P^. Obviously, in a vacuum (P^ = 0) the thrust of a balloon 
rocket is larger than it is in the atmosphere (at sea level, for example, P^ = 14. 7 psia). 




Figure 2-3. - Balloon rocket. 




F = liVg + (Pg - 



( 2 ) 
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Figure 2-4. - Actual rocket engine. 



In principle, there is no difference between a balloon rocket (fig. 2-3) and an actual 
rocket engine (fig. 2-4). In actuality, however, a rocket engine must have many practi- 
cal refinements which a balloon rocket does not have. For example, a strong, high- 
temperature structure with intricate cooling provisions must be used to stably contain the 
high-pressure, hot gases. A combustion process (involving a fuel and an oxidizer at 
some particular mixture ratio, or o/f) is utilized to generate the hot, high-pressure 
gases. These gases are then expanded and exhausted finally through a nozzle at high ve- 
locity to the ambient environment. The purpose of the nozzle is to convert efficiently the 
random thermal energy of combustion into a high-velocity, directed kinetic energy in the 
jet. As with the balloon, thrust is determined by the momentum of the exit gas (eq. (2)). 
Thrust, of course, could also be obtained by integrating or summing up the incremental 
component pressures acting on all the internal surfaces of the combustion chamber and 
the nozzle. For an ideal nozzle, the gases are expanded such that the final exit pressure 
P is equal to the ambient pressure P„. In this case, then, the pressure term is zero 
and 



Equation (3) also generally holds in vacuum, or out in space, where the pressure term 
can be considered to be negligibly small. In space and in the absence of any external 
force fields, a spacecraft's motion can only be affected by thrust resulting from mass 

ejection. 

Newton’s Second Law of Motion can also be stated as 




( 3 ) 
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In vertical flight, the net upward thrnst equals the total thrust minus the vehicle weight, 
or F - W. Therefore, 



r' 



a = g 



F - W 
W 



or 






( 4 ) 



For lift-off, of course, F/W must be greater than 1; usually, it is approximately 1. 3 to 
1. 5 for conventional rocket boosters. 



ROCKET-ENGINE PARAMETERS 
Specific Impulse 

Specific impulse is a measure of rocket engine efficiency, just as "miles per gallon" 
is a measure of automobile economy performance, and is defined as follows: 

Pounds force 



or 



^80 = = 

mg Pounds mass per second X g 



I = - 1 ! (usually specified in seconds; here, W is the pro* 
W pellant utilization rate in pounds per second. ) 



Rewriting equation (3) yields 



= = I 

W g ’ 



sp 



( 5 ) 



Total Impulse 



Total impulse is given by the following equation: 



I^ = Ft 



( 6 ) 
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where t is the firing duration. 

Some of the many factors which must be considered in the design of the rocket nozzle 
are chamber pressure P^, ambient pressure ratio of specific heats for the particu- 
lar gas y, and nozzle area ratio c. In thermodynamics, specific heat is a property of 
the gas that describes a work process involving changes in states (such as pressure, 
temperature, and volume). In practice, the effects of these factors are included in the 

ideal thrust equation: 



F = CpP^At 



(7) 



where the thrust coefficient Cp varies from about 0. 9 to approximately 1. 8, depending 
on the nozzle pressure ratio. For an ideal nozzle (isentropic expansion to Pg, i. e., no 
energy losses), a rather complicated expression exists for Cp*. 




Using (X|uations (3) and (7) yields 



F = CpPgAt = 



Wv^ 
g 



^^e = 



gCpVt 



W 



( 8 ) 



(9) 



Characteristic Exhaust Velocity 

For the special case where Cp equals 1, Vg is designated as the characteristic ex- 
haust velocity c* (pronounced "see-star"). This quantity depends only on the combustion 
gases and is unaffected by what happens in the nozzle. As such, it is of value in compar- 
ing the potential of various propellants and is readily determined from experimentally 
measured parameters as follows: 



f/ygRT- 

Theoretical c* = 1 

2 Jy+i)/2(y-i) 

This theoretical value is determined from the properties of the hot combustion gas and 
thus is a function of the particular propellant combination. The ratio of experimental to 
theoretical c* is generally used as an indicator of combustion efficiency. 

From the preceding relation it can be shown that 

c* = (a constant) 

Stated another way, c* is directly proportional to the square root of the combustion tem- 
perature and inversely proportional to the square root of the molecular weight of the pro- 
pellant. From equations (9) and (10), 




c* 



V 



e 



C 



F 



Then 



F = 35 ^ (c*Cp) 
g 



From equations (5) and (7), 




CFPc^ 



W 



Substituting with equation (10) yields 





( 11 ) 



( 12 ) 



The interrelations of all the foregoing rocket-engine parameters are shown in detail in 
table 2-1. Review thepn for familiarity. All that is required are a few definitions and 
a little algebra. 



TABLE 2-1. - PROPULSION FUNDAMENTALS 
[Interrelation of rocket-engine parameters. ] 



Parameter 



In terms of - 



SP 



W 



Nozzle throat area A^ 



VgW 



gP^C 



c'^F 



c*W 

gPr 



^F^c 






Cf^c 



^F^c 



^F^c 



Wc* 

gPr 



Exhaust gas velocity v 



gAtPcCF 



c*C, 



c*C, 



W 



gF 

W 



Bl, 



gPcCp^t 



sp 



W 



IF 

W 



Characteristic exhaust velocity c* 



eA,P, 



t c 






fis2 



gPpA 



c t 



W 



CpW 



w 



WCr 



Nozzle tljrust coefficient Cp 






l£ 

c* 



e 

c* 






Vt 



F 

Pc^ 



IL. 

Wc* 



Thrust F 



AfPcCp 



VgW 



c*CpW 



^F^c^t 



^BP^ 



CF^c^t 






Specific impulse Igp 



^t^F^c 



W 



c*C, 



g 



CpC* 



j; 

w 



CF^c^t 



w 



IF 

w 



Combustion-chamber pressure P 



VgW 



CpA, 



gCpA, 



c*W 

gAt 



CpAt 






CjAt 



Cp^t 



c*W 

gAt 



Weight-flow rate W 



6A*P, 



t^c 






_IL. 

c*C, 



-EL 

c*C, 



gPpA 



c t 



BP 



BP 



NOZZLE FLOW AND PERFORMANCE 




Let us now turn our attention to the exhaust nozzle and examine some of the pertinent 
flow mechanisms. Figure 2-5 shows how a small disturbance propagates. Probably all 
of us have observed an action at some distance away and have noted the passage of a fi- 
nite time before the sound reached our ears. A sharp noise generates a spherical sound 
wave which travels outward from the source at the speed of sound c. At sea level and 
room temperatures, c is about 1100 feet per second. 

The effect of stream velocity on the propagation of small disturbances is shown in 
figure 2-6. In the subsequent discussion, Mach number M is simply the ratio of flow 
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Figure 2'3. - Propagation of smaii disturbances in air. Instantaneous 
distance of sound wave from source - ct where c is speed of sound in 
air (at sea ievei, ~ 1100 ft/sec) and t is time in seconds. 
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Figure 2-6. - Effect of velocity on sound-wave propagation. 



f velocity to the local speed of sound. If it is assumed that disturbances are generated in 
discrete increments of time, then for quiescent air conditions (M = 0) the waves are ar- 
f rayed in concentric circles at any instant of time and are moving out uniformly in all di- 
rections. At subsonic speeds (M < 1), the waves are eccentric and are moving out in 
both directions, but they are moving faster in the downstream direction than in the up- 
stream drection. At sonic flows (M = 1), there is no upstream propagation because the 
relative velocity is zero. At supersonic velocities, the envelope of small disturbances 
forms a Mach cone, the half-angle of which is equal to the Mach angle. 



At supersonic conditions, small disturbances can only propagate downstream within a 
volume defined by the Mach cone. A Mach wave thus defines the so-called region of in- 
fluence. 
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Convergent-Divergent Nozzle 



The flow conditions for a typical rocket nozzle are shown in figure 2-7. This figure 
shows the pressure distribution along the walls of a DeLaval convergent-divergent nozzle 



End of 
combustion 




Distance 



Figure 2 -f. - Pressure distribution in Oelaval convergent-divergent 
no22le. 



for various pressure ratios. The pressure ratio is changed by varying the ambient pres- 
sure and holding the chamber pressure constant. At low pressure ratios, 
where P^ is relatively high, subsonic flow exists throughout the convergent and diver- 
gent portions of the nozzle. A small decrease in P^ causes the pressures to fall off all 
the way back to the combustion chamber. As was shown in figure 2-6, disturbances prop- 
agate upstream in the subsonic flow. This process continues with docreasing P^^ until 
the pressure ratio in the throat corresponds to "choking” or sonic velocity. With further 
decreases in P^^, the flow upstream of the throat remains unaffected (remember : small 
disturbances cannot propagate upstream against a sonic or supersonic flow) while the flow 
downstream expands supersonically to a point where a normal shock is located. This 
normal shock is evidenced by a sharp rise in pressure (the so-called shock jump) and 
provides an abrupt transition of the flow back to the subsonic condition again. Further 
decreases in P_ cause the shock to move rearward in the nozzle and to occur at pro- 
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gressively higher Mach numbers. Eventually, the flow separates from the walls behind 
the shock wave. This is indicated here by the flatness in the distributions existing down- 
stream of the shock jumps which are located well down in the nozzle. Note again that 
slight decreases in P_ can affect the location of the shock jump but cannot propagate any 

a 

effects upstream thereof in the supersonic flow. When is decreased to the point 
where supersonic flow is first established throughout the nozzle, and there is no shock 
jump, the nozzle is at design pressure ratio. Any further decreases in will not af- 
fect the nozzle pressures, and the flow will continue to expand outside the nozzle. 

At less than design pressure ratio, overexpansion losses occur. These are indi- 
cated for one such representative condition by the Crosshatched area in figure 2-7. 
Overexpansion losses result from local pressures in the nozzle being less than ambient 
pressure. Pressures less than P^^ constitute a loss in thrust or a drag on the propul- 
sion system. For the particular the nozzle area ratio c (equal to A^/A^ is simply 
too large and the flow overexpands with attendant energy losses. 

At any point within the nozzle, the flow velocity, or Mach number, depends on the 
ratio of the local cross-sectional area to the throat area A/A^ as shown in figure 2-8. 
There is an evident need for a convergent channel to accelerate the gas subsonically and 
for a divergent channel to accelerate the gas supersonically. Theoretical considera- 
tions based on the conservation of mass, momentum, and energy across the nozzle 
yield the following expression to describe the variation in area; 
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Rgure 2-8. - Norzle-area variation with flow Mach number. 



It should be understood that for larger nozzle pressure ratios the gases can be 

expanded to higher exit Mach numbers M^. Hi^er exit Mach numbers require larger 
nozzle area ratios A^/A^. 



Variable-Area Nozzle 

During an actual rocket boost phase throu^ the atmosphere, the ambient pressure 
decreases rapidly with altitude (as described in chapter 1). With a constant chamber 
pressure P^, this chang;ing ambient pressure causes a wide variation in the nozzle pres- 
sure ratio. For an ideal nozzle to match every point on the trajectory would require a 
variable-area nozzle and a concomitant variation in exit Mach number M^ to correspond 
to the variations in pressure ratio. Such a variable-area-ratio nozzle could possibly be 
accomplished mechanically. However, it would involve much structural complexity and 
added weight that would probably offset any gains in performance over a fixed-geometry 
nozzle. It would be especially difficult with a three-dimensional axisymmetric arrange- 
ment. 



Free*Expansion Nozzle 

Another possibility in achieving this adjustment in expansion ratio is to do it aerody- 
namically as suggested in figure 2-9. The Prandtl-Meyer flow- expansion theory permits 





(a) PriniRI-Meyer flow turning around a corner. 




(M Plug noale (on design). (0 Plug noale (off design). 

Figure 2-P. - AFlilude compensation by means of free-expansion noales. 
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calculation of supersonic flow turning about a point as illustrated in figure 2- 9(a). 
Streamlines can be readily calculated through this expansion field at any specified radius. 
These theoretical streamlines can be used as surface contours for plug-type nozzles as 
shown in figures 2-D(b) and (c). Note the similarity in expansion fields. Operation of the 
plug nozzle is shown for both on- and off-design conditions. Also, note the variation in 
the size of the two exiting Jets for on and off design. This aerodynamic adjustment of the 
flow is referred to as "altitude compensation. " In this free-expansion process, no over- 
expansion losses are incurred as in the contrasting case for the convergent-divergent 
nozzles at off-design conditions. In some advanced engine concepts for the 20- to 
30-million-pound-thrust category, modular combustors or clusters of small high- 
pressure engines are envisioned as feeding combustion gases onto a common plug nozzle 
for further expansion externally. 



ROCKET-ENGINE PERFORAAANCE 

Let us now briefly consider the thrusting phase of a rocket flight. Because of the ap- 
plication of continuous thrust by the engine, the speed of the vehicle increases steadily 
and reaches a maximum when the propellant is finally consumed. At this point the veloc- 
ity is referred lo as the "burnout velocity" and is designated v In determining this ve- 
locity increment, we will neglect for now the gravitational effec s and aerodynamic drag. 
Now we will concern ourselves only with the thrust of the rocket engine. By using 
Newton’s Second Law of Motion (F = Amv/At) and integrating over the burning period, 
a logarithmic expression can be derived for 

m. m. 

Vt, = v_ In = 2. 3 V log — (14) 

° ® mj mj 

where m^ is the initial total mass of the vehicle (at lift off), and m^ is the final mass at 
burnout. By using equation (5) the expression for can be rewritten as follows: 



But, by definition 



m, m, 
MR = s — 

mj mj + mp 



o 
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Therefore, by substitution, 



Vh = gIo« In = 2. 3 gigp log — 



sp 



MR 



MR 



( 15 ) 



This is the basic rocket equation. It shows the direct role of specific impulse in the at- 
tainment of high vehicle velocity. Burnout velocity is the parameter that best reflects 
rocket engine performance for either analyzing or accomplishing specific boost or space 
missions. It must be remembered, however, that In equation (15) we have neglected an 
additional gravity term. This gravity term will be taken into account in the next chapter, 
where we consider actual flight trajectories. 
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APPENDIX - SYMBOLS 



2 

A area, in. 

2 

Ag nozzle exit area, in. 

2 

A^ nozzle throat area, in. 

a acceleration, (ft/sec)/sec 

Cp nozzle thrust coefficient 

c velocity of sound, ft/sec 

Cp specific heat at constant pressure 
(for air, approx. 0. 241), 
Btu/(lb)(°F) 

Cy specific heat at constant velocity 
(for air, approx. 0. 17), 
Btu/(lb)(°F) 

c* characteristic exhaust velocity, 
ft/sec 

F thrust or force, lb 

g acceleration due to gravity, 

32. 2 (ft/sec)/sec 

Igp specific impulse, sec 

total impulse, lb-sec 

M Mach number 

Mg Mach number at nozzle exit 

MR mass ratio, nij/m. 

m mass, slugs 

final mass of vehicle at burnout, 
slugs 
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m^ initial total mass of vehicle, slugs 

mp mass of propellant, slugs 

m mass-flow rate, slugs/sec 

m molecular weight (for hydrogen, 2; 

for oxygen, 32), Ib/mole 

o/f oxidizer to fuel (mixture) ratio 

2 

ambient pressure, Ib/in. 

combustion- chamber pressure, 
Ib/in. ^ 

2 

Pg nozzle exit pressure, Ib/in. 

R gas constant (universal gas constant, 

1544 ft-lb/^R)(mole); specific 
gas constant for air, 53. 3 ft-lb/ 
(lb)(®R)) 

T combustion temperature, 

t time, sec 

V velocity, ft/sec 

Vjj burnout velocity, ft/sec 

Vg exhaust gas velocity 

W weight, lb 

W weight -flow rate, Ib/sec 

OTj^ Mach angle, deg 

y ratio of specific heats, Cp/c^ 

A change in quantity or magnitude 

e nozzle area ratio, /A.^ 
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3. CALCULATION OF ROCKET VERTICAL-FLIGHT PERFORMANCE 

John C. Eward* 

In calculating the altitude potential of a rocket, one must take into account the forces 
produced by both the thrust of the engine and the gravitational pull of the Earth. A sim- 
plified approach can be developed for estimating peak altitude performance of model 
rocket vehicles. The principles Involved, however, are basic and are applicable to all 
rocket -powered vehicles. The method of calculating vertical -flight performance is to 
use Newton’s law to compute acceleration. Then, velocity and vertical distance, or alti- 
tude, are computed from acceleration. (Symbols used in these ca,lculatlons are defined 
in the appendix . ) 



CALCULATIONS 

According to Newton’s law of motion, a mass M exerts a force (in weight units) of 
value M on its support. If the support is removed, this mass will fall freely with an 
acceleration of 32. 2 feet per second per second. That is, the vertical speed will in- 
crease by 32. 2 feet per second for each second of free fall. Imagine that this mass M 
is resting on a frictionless table top. A force of M (weight units) in a horizontal direc- 
tion will produce an acceleration g of 32. 2 feet per second per second in the horizontal 
direction. K the force is increased or decreased, the acceleration will be correspond- 
ingly increased or decreased. If the force in weight units is designated W and the ac- 
celeration is a, then this proportionality is expressed as 

W ^ M (1) 

a g 



or 



Wg = Ma 

Physicists do not Uke to keep writing g in the equation. They distinguish between force 
and weight. Hence, they define the force F as Wg. 



♦Associate Director for Research. 



F - Wg = Ma 



Hence, 



F = Ma (2) 

This is the equation we will use. Because this equation is independent of Earth’s gravity, 

it is equally valid everywhere in the universe. 

A thrusting rocket has at least two forces acting on it: (1) the force Fj^ due to the 
motor, and (2) the force F^ = -Mg due to the weight of the rocket. The force F is the 

sum of ^■r and % 



F - F|,+ F^ 



or 



F = Fj^ - Mg 



(3) 



Acceleration 



From equations (2) and (3) the acceleration is given as 



a = 




For convenience, the subscript on the symbol for the force due to the rocket motor will 
now be dropped so that 



a=l-g (4) 

M 

The acceleration is thus made up of two acceleration terms. The first, F/M, is due to 
the thrust -to -mass ratio. This would be the acceleration if there were no gravity. The 
second acceleration is that of gravity. This term reflects the so-called gravity loss. 
Equation (4) is general for vertical flight if instantaneous values of thrust and mass are 
inserted. 
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Velocity 



If the acceleration is constant, then the velocity is clearly the acceleration multi- 
plied by the time. This quantity is the area under the acceleration-time curve. Sf the 





acceleration is not constant, th<~n each increment in velocity is the local average accel- 
eration multiplied by the time increment. The total velocity is the sum of the incremen- 
tal velocity changes. This is, in fact, the area imder the acceleration-time curve. Note 
that the areas generated by the curve can be positive or negative. A positive area de- 
notes increasing velocity. A negative area denotes decreasing velocity. The velocity is 
. zero initially and also when the positive and negative areas are equal. The velocity at - 
any time is the area generated by the acceleration up to that time. Positive velocity 
means that the rocket is rising. Negative velocity means that the rocket is falling. 



Flight Altitude 

In a similar manner, each increment of vertical distance traveled Y by the rocket 
(flight altitude) is the local average velocity multiplied by the time increment. Thus, 
distance or altitude is the area under the velocity-time curve. The maximum altitude 
occurs when the velocity is zero (when the positive and negative areas under the 
acceleration-time curve are equal). 

Note that the equations and graphical solution are general if instantaneous thrust and 
mass are employed in calculating the acceleration as a function of time. For example, 
the second-stage motor thrust and the combined weight of all remaining stages would be 
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used just after first-stage burnout. The thrust and duration of thrust are given in model 
rocket catalogs. Remember to use consistent units. If thrust is in pounds, multiply by 
32.2 to get F. Use M in pounds, time in seconds. The value of g is 32.2 feet per 
second per second. If thrust is in ounces, the mass should be in ounces, but 32.2 is still 
the multiplication factor to obtain F. Note that maximum thrust and average thrust are 
quite different for most model rocket motors. 



The propellant weight for model rockets will likely be small compared to the launch 
weight. Hence, the mass can be nearly constant. Also, an average thrust might be em- 
ployed instead of instantaneous thrust. Hence, acceleration is constant. The following 
equations result for a single-stage rocket. These equations can be obtained from the 
area plots already discussed. 

During powered flight 



APPROXIMATE ANALYTIC SOLUTIONS 




( 5 ) 




( 6 ) 
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The time is limited to the thrust duration of powered flight. The initial velocity was 
taken as zero. For coasting flight, time t^ is measured from burnout. The height 
increase during coasting flight is y . 

K0 

For coasting flight 



a = -g 

v=-gt^ + v^ 



But at peak, altitude V = 0, so 




c 2 



Inserting t^ from equation (10) into equation (11) gives 




The total height is then 



or 



This then reduces to 



Y " 7a + yc 




Y=iil 

m 2 2g 



£ 

M 



_a 

2 



( 8 ) 

( 9 ) 



( 10 ) 



( 11 ) 



( 12 ) 



(13) 
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Let T be the total impulse as given in rocket motor tables. This is force in pounds 
multiplied by time in seconds. Then 

F w Z. g 

*a 

Substituting into equation (13), 

Y = le/T_t\ (15) 

2M 7 

The t term in equation (-15) results from the gravity loss. This subtraction from the 
flight altitude can be minimized by (a) choosing motors with high total impulse T, (b) de- 
signing rockets with low mass M, and (c) choosing motors with very short burning time 

(minimizing t^^). 

Tabulated values of motor characteristics are now required. The model rocket cata- 
logs generally list such motors. These have been found to have an average specific im- ^ 
pulse of about 82.8 seconds. That is, the motors generate 82. 8 pounds of thrust for each 
pound per second of propellant flow rate. The jet velocity of these motors is then 
82. 8 X g s 82. 8 X 32. 2 * 2666 feet per second. Other useful motor characteristics 
are listed in table 3-1. The quantities T and t are the total impulse and burning ! 

time included in equatioh (15). The quantity m is the propellant weight. This should 
be small compared to the rocket weight if the assumptions of equation (15) are to hold. j 

Division of propellant weight by burning time gives the average propellant flow rate, or ( 

burning rate, m. The term gt^ is the velocity loss during powered flight due to gravity, | 



table 3-1. - MODEL ROCKET MOTOR CHARACTERISTICS 



Motor 


Total 


Burning 


Propellant 


Average 


Velocity 


Distance 




Impulse, 


time, 


weight, 


propellant 


loss, 


loss, 




T, 




m, 


burning 


gta> 


etln, 




lb -sec 


sec 


lb 


rate, 


ft/sec 


ft 










m, 














Ib/sec 






lA.8 


0.17 


0.17 


0.00211 


0.0124 


5.49 


0.466 


iA.8 


.35 


.40 


.00422 


.01055 


12.89 


2.58 


A. 8 


.70 


.90 


.00844 


. 00938 


29.0 


13.04 


B.8 


1. 15 


1.40 


.0139 


.00992 


45.1 


31.50 


B3 


1. 15 


.35 


.0139 


.0397 


11.27 


1.97 


C.8 


1.50 


2.00 


.0181 


. 00905 


64.4 


64.4 
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while gt^/2 is the altitude loss due to gravity during powered flight (see eqs. (6) and 
(7)). The velocity loss during powered flight, of course, leads to an additional altitude 
loss during coasting flight. 

Sample problem : 

Each of three different rockets is to be fired with three separate motors. The loaded 
weights, or masses, M of the rockets are 0. 15, 0.25, and 0. 5 pound, respectively. The 
three motors to be used are the A. 8, the B3, and the C. 8. Use equation (15) to calculate 
the expected altitude for each of the rockets. (The values of T and t^ for each of the 
motors are given in table 3-1. ) Note that the B3 engine outperforms the C. 8 engine on 
the heavy rocket in spite of the smaller total impulse. This is due to the gravity-loss 
term. 



Motor 


T/M 




T/M - V 


Y, 

ft 


0. 15-Pound rocket 


A. 8 


4.67 


0.9 


3.77 


283.2 


B3 


7.67 


.35 


7.32 


903.5 


C.8 


10.00 


2.00 


8.00 


1288 


0. 2 5 -Pound rocket 


A. 8 


2.80 


0.9 


1.9 


85.6 


B3 


4. 60 


.35 


4.25 


314.7 


C.8 


6.00 


2.00 


4.00 


386.4 




0.5- 


“Pound rocket 




A. 8 


1.40 


0.9 


0.5 


11.2 


B3 


2.30 


.35 


1.95 


72.2 


C.8 


3.00 


2.00 


1.00 


48.3 



O 
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SIMPLE THEORY FOR MULTISTAGE ROCKETS 

Let subscripts 1, 2, 3, . . . , and n refer to conditions of the first, second, 
third, . . . , and n^^ stages during thrusting flight. For example^ tg is the time in- 
crement during second stage firing, yg is the distance, or altitude, increase during 
second-stage firing, Vo is the velocity increase due to the second stage, etc. The 
general equations (constant mass) for the n stage are 
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( 16 ) 



(17) 



Hence, the total velocity of the rocket after n stages have fired Is 

V = Vj + Vj + Vj + . . . V„ 



(18) 




The second term of equation^ Is the velocity of the rocket just prior to n stage 
firing multipUed by the n'Stafe firing time, and y„ Is the altitude increase durmg 
n**' stage firing. The total altitude will then be 




In equation (22) It Is assumed that there Is no time delay between stage firings. Note 
from equation (14) that 
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(17a) 



(18a) 



(20a) 



(20b) 



(22a) 



(22b) 



(22c) 
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These mathematical derivations may be confusing. The final results, however, are 
almost self-evident from sketches of acceleration and velocity against time. Accelera- 
tion is constant for each stage and for coasting flight. The area under the acceleration- 
time curve gives the velocity. The velocity increase for each stage is then the area of 
the rectangle given by the product of acceleration and time. For example, the second- 

stage velocity increase from the sketch is ^ 2^2 ^2 ” " ^2] ^2’ ^ ^ simi- 

lar manner the terms of equation (22c) may be recognized as the various shaded areas of 




the lower part of the sketch. For example, the term Vjtj/2 of equ.'ition (22c) is the 
first triangular area of the velocity-time curve. The second term is the area of the rec- 
tangle plus the triangle over the time inter val tg- etc. 



'■* r\ 
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Sample problem: 



A rocket is to be fired with a B3 motor for its first stage and an A. 8 motor for its 
second stage. The launch weight of the rocket is 0. 3 pound, and the second-stage weight 
is 0. 15 pound. What altitude is the rocket expected to attain? (In the following calcula- 
tions the subscript number denotes the stage.) 

V 

From the problem: 



= 0.3 lb 



Mg = 0. 15 lb 



From table 3-1: 



= 1. 15 lb-sec 



Tg = 0. 7 lb-sec 



t^ = 0. 35 sec 



tg = 0. 9 sec 



From equation (17a): 





Vj = 112. 1 ft/sec 



Vg = 121.4 ft/sec 



f From equation (18): 



V= 112.1+ 121.4 



V = 233.5 ft/sec 



I 
j ■ 



i 



From equation (20b): 



yi = 



112.1 X 0. 35 
2 



y2 = 



121. 4 X 0. 9 
2 



+ (0. JX 112. 1) 



= 19. 6 ft 



Yg = 155. 5 ft 



I FinallY, from equation (22a): 



o 
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Y=19.6.165.5 + (m^ 

64. 4 

Y = 1021.7 ft 

These equations have neglected the change in mass associated with propellant ejection. 
Hence, the actual performance would be higher than the calculated value. On the other 
hand, wind resistance, which would decrease performiance, has also been neglected. The 
actual performance would also change if the thrust were not constant with time. Most 
model rocket motors give a peak in thrust soon after ignition. High initial thrust leads 
to improved performance. 



EXACT EQUATIONS FOR CONSTANT-THRUST ROCKET VEHICLES 



At any point in time, neglecting drag. 



a 



Z. 

M 



M 



- g 



(23) 



where I is the specific impulse (!=^82. 8 sec for the model rocket motors that we have 
sp 

examined), m is the average propellant burning rate in pounds per second, and M is 
the instantaneous weight of the vehicle in pounds. Over the period of acceleration or 
motor thrust duration, this equation yields the following expression for velocity at burn- 
out: 



Mi 

V = 2. 3 Iff log-i - gt 



(24) 



where M- is the initial total mass of the vehicle, is the final mass of the vehicle at 
burnout, and t is the burning time of the rocket motor. This is the same as equa- 
tion (16) of the previous chapter except for the second (or gravity -loss) term. The 
powered-flight altitude is then given by the equation 



^i / 



M, M, 

- 1 - 2.3 — 



M. 



M, 



Mx 



(25) 
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The maximum altitude (or altitude after coasting) is then 



Y = y f 



or 



Y = y + 



2g 



(26) 



j Aerodynamic drag has been ignored in the relations presented herein. This drag 

force, which would be included in equation (3), generally has the form 

i 

■ / 

I 4 

\ 



i where p is the air density, and V is the instantaneous speed of the rocket. The drag 
j coefficient Cj^ is related to the geometry of the rocket and the quality of flow (laminar, 
i turbulent, etc. ) over the surface of the rocket. The quantity A is a reference area to 
indicate rocket size. The theory and prediction charts for rocket performance with 
aerodynamic drag are presented in reference 1. 
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APPENDIX - SYMBOLS 



D 



A 
a 
C 
F 

Fr 

% 

g 

'sp 

M 



M 



f 



M, 



MpMg, Mg, . . . , M 



n 



m 

m 

T 



area 

acceleration 

aerodynamic drag coefficient 
force 

force due to aerodynamic drag 
force due to rocket motor 
force due to weight of rocket 
acceleration due to Earth’s gravity 
specific impulse 
mass of rocket 
final mass of rocket 
initial mass of rocket 

mass of rocket during respective firing of first, second, 
third, . . . , n^^ stage 

weight of propellant 

average burning rate of propellant 

total impulse (force multiplied by time) 

total-impulse increase associated with firing of first, second, 
third, . . . , n^^ stage, respectively 



f 1» ^3’ ' ■ ’ * 



n 



V 

Vi,V2,V3, . . ., 



W 

Y 



time 

time duration of acceleration (for single-stage rocket) 

time duration of coasting flight (V > 0) 

incremental time increase during firing of first, second, 
third, . . . , n^^ stage 

velocity of rocket 

incremental velocity increase associated with firing of first, 
second, third, . . . , stage 

force in weight units 

flight altitude (V 2 : 0) 



r% r% 
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y 



incremental altitude increase 



altitude increase associated with coasting flight 






> • • • > yr 



incremental altitude increase during firing of first, second, 
third, . . . , n " stage 



air density 



\v 
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4. THERMODYNAMICS 
Marshall C. Burrows* 



By using the equations which were presented in chapter 2, it can be shown that 
specific impulse, or the pounds of force exerted by the rocket per pound of propellant 
flowing each second, is dependent on the composition and temperature of the combustion 
products. Therefore, studying the various kinds of propellants and noting what happens 
when they react or burn is important. Observing how fast heat is produced by each pound 
of propellant that enters the combustion chamber is also important, since this determines 
the size and weight of the chamber. 

The study of propellants, their reactions, and the energy changes needed to perform 
work is called thermodynamics. This practical subject gives engineers many tools they 
need to improve systems that interchange energy and work. Some such systems are 
rocket engines, automotive engines, and even refrigerators. We will not concern our- 
selves with the details of this subject but will only examine several rules or laws of 
thermodynamics that are important to remember. The first rule concerns temperature, 
a term which we hear applied to the weather every day. The point to remember is that a 
group of bodies (or molecules) all at the same temperature are said to be in "thermal 
equilibrium" with each other. The second rule to remember is that we cannot get more 
useful energy out of a system than we put into it. In other words, we cannot get more 
useful thrust out of a rocket engine than we put into it in the form of energy-containing 
propellants. This is analogous to the adage which states that "you can't get something 
for nothing. " The final rule that we will consider is that heat flows only from hotter 
to cooler bodies. Many novel methods of propelling a rocket engine have failed be- 
cause the inventor forgot one cf these basic rules. Even the refrigerator in your 
home obeys these rules. The fluid that absorbs heat from the inside of the box is 
compressed and pumped to the bottom or back of the refrigerator where heat is rejected 
to the room. 

Now that we have discussed some rules which govern the operation of a rocket en- 
gine, we shall examine in greater detail the characteristics and combustion processes 
of some available propellants. 

The first genuine rocket propellant was probably made by the Chinese for their 
"arrows of flying fire" in the 13th century. Ingredients may have included tow, pitch, 

*Aerospace Scientist, Rocket Combustion Section. 
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Figure 4-1. - Early solid-propellanl rockets. 



turpentine, sulfur, charcoal, naphtha, petroleum, incense, and saltpeter. Eventually, 
gunpowder (or black powder) became the standard propellant, first in powder form, and 
later in granular form. In all the early solid-propellant rockets, burning proceeded up- 
stream from the nozzle in a rather uncontrolled manner. Figure 4-1 shows how these 
early rocket configutations progressed from simple "fire arrows" to spin-stabilized 
missiles. Late in the 19th century it was found that combustion could be controlled more 
reliably if the powder was pressed into pellets or "grains. " This latter term is still 
used today to define a propellant charge. 

Near the end of the 19th century, a double-base (nitrocellulose-nitroglycerine) pro- 
pellant was introduced, and it partly replaced the traditional gunpowder. The smokeless 
exhaust of this new propellant was a significant advantage for military uses. 

The first use of liquid propellants in rockets was claimed by Pedro E. Paulet, in 
Peru in 1895, when he operated a small rocket on gasoline and liitrogen peroxide. 

Robert H. Goddard, an American, demonstrated a gasoline - liquid- oxygen rocket in 
1926, and he has been considered the pioneer in this field. Work on the improvement of 
the liquid-propellant rocket continued throughout the 1930's. This work enabled the 
Germans to build a workable missile in the form of the V-2 rocket during World War II. 
The variation among these early liquid-propellant rockets is shown in figure 4-2. 

Work on both liquid and solid propellants has been accelerated since that time until 
we now have a variety of liquids and solids from which to choose. The most common 
liquid propellants are listed in table 4-1. Liquid oxygen and alcohol powered the V-2 
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Figure 4-2. - Early llquid-propellant rockets. 
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TABLE 4-1. - COMMON CHEMICAL-ROCKET-PROPELLANT COMBINATIONS 



Oxidizer 


Fuel 


Typical 

oxidant- 

fuel 

weight 

ratio, 

O/F 


Specific 

impulse, 

(lb)(sec) 

lb 

(a) 


Name 


Formula 


Storage 

temper- 

ature, 

°F 


Name 


Formula 


Storage 

temper- 

ature, 

Op 


Liquid 


Oxygen 


°2 


-297 


Ethyl alcohol 


CgHgOH 


60 


2.00 


287 


Nitrogen tetroxide 


N 2 O 4 


60 


Hydrazine 


N 2 H 4 


60 


1.30 


291 


Oxygen 




-297 


RP-1 (kerosene) 




60 


2.60 


301 


Oxygen 


°2 


-297 


Hydrogen 


»2 


-423 


4.00 


391 


Solid 


Potassium perchlorate 


K 4 CIO 4 


60 


Asphalt resin 




60 


High 


220 


Ammonium perchlorate 


NH 4 CIO 4 


60 


Rubber or plastic resin 




— 


High 


250 


Double-base type propellant (nitrocellulose-nitroglycerine); boiling point, 60° F 


— 


250 



2 

^Maximum theoretical impulse for products expanding from a combustion-chamber pressure of 1000 Ib/in. 
to atmospheric pressure. 
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(c) Atlas booster. Propellant, liquid oxygen - KP*1. 



(d) Centaur upper stage. 



Figure 4*3, - LIquId-propellant applications. 



Propellant, liquid oxygen * liquid hydrogen. 
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rocket (fig. 4- 3(a)) that we mentioned earlier. Oxygen is liquid only at very lov; temper- 
atures, so it must be refrigerated or stored in well- insulated tanks. From the stand- 
point of storage, the second set of propellants is attractive. Nitrogen tetroxide is the 
oxidizer, and hydrazine is the fuel. Both of these propellants are liquid in the tempera- 
ture range of 40° to 70° F. Both propellants are very toxic, and hydrazine can burn 
alone, or act as a '’monopropellanl. " This property of hydrazine can cause it to be 
dangerous to handle or use when it is heated excessively. However, when hydrazine is 
mixed with an equal amount of another liquid fuel called UDMH (unsymmetrical dimethyl 
hydrazine), the resulting mixture (Aerozine) is reasonably safe to use. Nitrogen tetrox- 
ide and Aerozine were used in the Titan II boosters (fig. 4-3(b)) which launched the 
Gemini series of manned satellites. Liquid oxygen has been used with RP-1 and hydro- 
gen to power several important rocket vehicles. RP-1 is a type of kerosene, and, with 
liquid oxygen, powers the Atlas booster (fig. 4- 3(c)). Hydrogen is liquid at a much 
lower temperature than oxygen. It is much more energetic than the other fuels, but it is 
very light as a liquid, just as it is very light as a gas. Hence the tank that holds the 
hydrogen must be large in volume and very well insulated. The Centaur (fig. 4- 3(d)), 

I 

which operates in a space environment, uses liquid hydrogen and liquid oxygen as pro- 
pellants . 

Other oxidizers that are used in liquid propellant systems are fluorine, fluorine 
compoimds, nitric acid, and hydrogen peroxide. Other liquid fuels include ammonia, 
metallic hydrides, various hydrocarbons, and amines. 

Pespite the poor performance and bad physical properties of gunpowder, it is still 
used as a solid propellant. For example. Model Missiles, Inc., uses sporting blrxk 
powder in its Type A motors for missile model propulsion. However, new composite 
propellants are replacing it because their performance is much higher, and their physi- 
cal properties are much improved. 

In table 4-1 the most common solid propellants are listed. The first nev; composite 
that resulted from research work early in World War H consisted of a mixture of potas- 
sium perchlorate oxidizer and asphalt resin fuel. This combination was used in the 
initial JATO (Jet Assisted Take-Off) units. Ammonium perchlorate was soon substituted 
as the oxidizer, and plastics or synthetic rubbers replaced asphalt resins as the fuel. 
These con^binations yielded considerably less smoke in the exhaust, produced higher 
impulse, and presented fewer handling problems than previous composite propellants. 

The Polaris and Blue Scout boosters (fig. 4-4) use improved types of composite propel- 
lants. 

The double-base propellant has been used for various military rocket applications 
since Robert Goddard first experimented with it during World War I. The three major 
materials used are nitrocellulose, nitroglycerin, and diethylene glycol dinitrate (DEGN). 
Unfortunately, each of the^e materials is about as hazardous as the mixed composite pro- 
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(a) Polaris missile. Composite propellant grain. (b) Slue Scout booster, composite propellant grain; third stage, double-base propellant grain. 




3. COMBUSTION 

4. ACCELERATION 

5. HEAT TRANSFER: FILM COOLING, REGENERATIVE COOLING, ABLATION 

6. STABILITY: PROPELLANT, INJECTION, COMBUSTION 

Figure 4-5. - Llquid-propellanl combustion. 



pellant. Dry nitrocellulose, nitroglycerin, and DEGN are all high explosives and sensi- 
tive to shock. Mixing and forming are always done remotely, and numerous materials 
are added to increase the safety and reliability of the propellant. The Nike booster and 
the final stage of the Blue Scout utilize homogeneous propellants . 

Now that the common types of propellants have been described, let us consider the 
manner in which the two basic types of propellant, liquid and solid, burn to produce hot, 

\ gaseous products . 

Figure 4-5 shows various means of injecting liquid propellants into the combustion 
chamber. These means of injection include showerhead jets, impinging streams of 
several types, and concentric tubes in various sizes and arrangements. .Injection of the 
' propellant is followed by the mixing process. There are four processes by which liquid 
propellants may mix. Cold liquids such as oxygen and hydrogen may be near their 
I boiling temperatures when they enter the combustion chamber. On the other hand, 
liquids such as RP-1 (kerosene) must be heated up to their boiling temperatures by the 
combustion gases themselves. Hence, one mixing process is that of slowly heating fuel 
; droplets and streams surrounded by vaporized oxidizer. Oxygen-alcohol and oxygen - 

; RP-1 propellants mix by this process because the oxygen vaporizes before the alcohol or 

[ the RP-1. In a second mixing process oxidizer droplets are surrounded by vaporized 
fuel. Oxygen- hydrogen propellants mix by this process because the vaporization of 
V hydrogen exceeds that of the oxygen. Liquids that react spontaneously (hypergolic pro- 
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pellants) mix by a third process. In this process, neither of the ingredients is boiling, i 
but they mix as liquids. The liquids then react at their interfaces or from within to break 
up the liquid streams into droplets and vaporized gases. A fourth process is the mixing 
of gases. This process occurs in gaseous-propellant rockets or where liquids have been 
heated so that they enter the combustion chamber as gases. 

The Injection and mixing processes can be observed in cold flow tests with an appa- 
ratus like that shown in figure 4-6. When water or one ingredient of the propellant mix- 
ture is flowed through the injector, the spray pattern shows the extent of propellant ; 

mixing and the size of the droplets produced in the mixing process. The injection behav- ! 
ior of nonboiling propellants can be observed by flowing water through the tubes and 
illuminating the stream with a strobe light. If liquid nitrogen is substituted for the * 

water and the impinging streams are again illuminated, the behavior of a boiling liquid 
can be observed. These observations can also be made with an actual combustor if it is 
equipped with special windows. Such a combustor has been used at Lewis Research 
Center for studies of alcohol burning in vaporized oxygen, oxygen streams burning in 
vaporized oxygen, oxygen streams burning in hydrogen, and impinging streams of hyper- 
go lie propellants, all at a combustion- chamber pressure of approximately 20 atmospheres. 
Photographs obtained in these studies are presented in figure 4-7. The results of such 
tests are used to determine what mathematical model is to be used to describe the be- 
havior of a particular propellant combination. 

Combustion follows very rapidly after mixing has taken place. The gaseous products 
increase In velocity toward the nozzle and mix with the unburned propellants as they go. 
Ideally all the imburned propellants mix, react, and mix again as products before they 
reach the nozzle. Incomplete mixing and incomplete reaction result in reduced rocket 
efficiency, which in turn, reduces the payload. 




(a) Ethyl alcohol drops In (b) Nitrogen tetroxide and hydrazine jets, 

vaporized oxygen. 



(c) Liquid-oxygen jets In gaseous 
hydrogen. 



Figure 4-7. - LIquId-propellant vaporization and combustion. Combustloh-cnamber pressure, 20 atmospheres. 



The simplest way to state the combustion reaction of a liquid propellant combination 
is to write the equation that describes it. The following equations describe the combus- 
tion reactions of the liquid propellants which have been discussed previously: 



3 Og + CgHgOH (alcohol) - 2 COg + 3HgO + heat 
Og + RP-1 (kerosene) - XCOg + YHgO + heat 
NgO^ + 2 NgH^ 3 Ng + 4 HgO + heat 
Og + 2 Hg - 2 HgO + heat 

I 

The actual reaction for each of these propellant combinations is not as simple as 
shown in these equations. One reason for this is that there are more products than 
shown here. Another reason is that the oxidant-fuel weight ratio 0/F for highest 
impulse is fuel rich (that is, there is not enough oxidant to react with all the fuel). 
Hence, the actual reaction of oxygen and hydrogen can be described more accurately by 
the following equation; 



^ Og +4Hg-1.98HgO+1.97Hg + 0.06H + 0.03 0H + heat 

I The combustion of composite solid propellants (fig. 4-8) is somewhat analogous to 

i that of liquid- propellant mixtures. Solid- propellant surface heating takes the place of 
; the injection process. Solid or liquid fuel and oxidizer particles decompose to form gases 
■ which subsequently react. Since the solid propellant Is an excellent insulator, the solid 
' is heated at or very near the surface until the oxidizer and fuel start decomposing at their 
j common boundaries. Soon the oxidizer particles are no longer held in place by the fuel 
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1. BURNING RATE 

2. MIXING 

3. COMBUSTION 

4. ACCELERATION 

5. HEAT TRANSFER: 




PROPELLANT, ADDITIVES, INHIBITOR 
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6. STABILITY: PROPELLANT, CONFIGURATION, COMBUSTION 

Figure 4-8. - Composile-propeilant combustion. 



binder, and they break loose to be carried along in the gas stream with the decomposing 
binder, aher materials such as metallic particles of aluminum are sometimes added to 
the composite propellant for better combustion and higher impulse. Also, the burning 
aluminum is a great aid in the observation of the burning of the propellant (fig. 4-9). 

The reaction of a double-base propellant is different from that of a composite because 
the oxidizer and fuel of the double-base propellant are chemically mixed rather than just 
in physical proximity to each other. In order to describe the burning of a double-base 
propellant it is necessary to consider three zones called the foam, fizz, and flame zones. 
Heating very close to the surface melts some of the propellant and causes some low- 
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Figure 4-9. - Burning composite propeiiant with 
added aiuminum. Pressure, 1 atmosphere. 
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temperature reactions. Bubbles of gas are released (foam zone) which rise and enter the | 
fizz zone, where the remaining propellant decomposes. Final reactions and flame tern- | 

perature occur in the flame zone. | 

Thus far the discussion has centered on the characteristics and the behavior of the | 

propellants. The following discussion pertains to the combustion chamber. At the end of 
the chamber opposite the nozzle, there is an injector in the liquid-propellant engine, and 
there is usually a layer of solid propellant and inhibitor in the solid-propellant engine. 

In the liquid-propellant engine there is sufficient liquid entering the combustion chamber 
from the propellant manifold to prevent melting or burning of the injector face. However, 
care must be taken to prevent very hot, oxidizer gases from hitting the surface of the 
chamber wall at high velocity, because these gases can act just like a cutting torch. In 
the solid-propellant engine, a layer of propellant and inhibitor prevents overheating of the 
combustion- chamber walls, so the walls need only be strong enough to withstand the 
chamber pressure. As the solid propellant is burned away, the inhibitor acts as a heat 
shield and as a very slow burning fuel (fig. 4-10). Latex paint is a good example of an 
inhibitor. 




Figure 4-10, - Burning strand of solid propellant. 
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The combustion-chamber walls of a liquid-propellant engine are more complex than 
those of a solid- propellant engine. One of the liquid propellants, usually the fuel, passes 
at high velocities through thin tubes on its way to the injector. The tubes form part of 
the outside chamber walls. This procedure is called regenerative cooling and helps to 
prevent overheating of the chamber walls. Sometimes regenerative cooling is not suffi- 
cient to ensure cool walls. Then part of the liquid fuel is sprayed on the inner surfaces 
of the walls to act as a liquid or vapor shield against the heat from the combustion 
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gases. This procedure is known as film cooling. Of course, the walls must be strong 
enough to contain the chamber pressure. 

The nozzle of a liquid-propellant engine is cooled the same way as the chamber walls 
(regenerative and film cooling). But the nozzle of a solid-propellant engine is necessarily 
uncooled. Therefore, it is made of a strong heat-resistant material such as tungsten, 
graphite, or a metal-ceramic combination. 

Normally, there are low- velocity, cool gases close to the inside surfaces of the 
chamber walls. These cool gases help to shield the walls from the high-velocity, hot 
gases in the center of the chamber. If the cool gases are removed, the wall surfaces 
may burn out in the liquid-propellant engine, or they may erode in the solid-propellant 
engine. Pressure oscillations within the chamber can have the same effects, and they 
can even rupture the chamber walls themselves. These pressure oscillations are known 
as combustion instability. One form of combustion instability is called chugging and is 
characterized by severe oscillations in pressure at low frequencies (<100 cps). Another 
form of combustion instability is characterized by severe, high-frequency oscillations in 
pressure and is called screaming. 

Chugging can be compared to a surging in which the propellants flow alternately at 
low and high velocities. The chamber pressure then responds to this flow behavior. 
Chugging may not be destructive to the engine itself, but it can result in violent shaking 
of the whole rocket structure. 



Screaming can be compared to the pressure vibrations in pipi ^rgan tubes. Pres- 
sure waves can travel at sonic velocities up and down the chamber length, around it, 
across it, or radially in and out (fig. 4-11). All these high-frequency oscillations have 
been measured in research engines. Waves around the chamber have recently been pro- 
duced in a specially built engine v/hich can burn liquid propellants (O 2 and Hg) or solid 
composite propellants. Figure 4-12 shows stable and unstable combustion with both types 
of propellant. 





RADIAL 




STANDING TRANSVERSE 



SPINNING TRANSVERSE 



Figure 4-11. - Fundamental modes of acoustic combustion Instability. 
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5j/\BLE transition 

(a) Combustion of liquid-oxygen - liquid-hydrogen propellant 



UNSTABLE 




STABLE 



TRANSITION UNSTABLE 

(b) Combustion of composite propellant. 

Figure 4-12. - Screaming in liquid- and solid-rocket combustors. 
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In this chapter, a general discussion of the development, uses, burning processes, 
and problems of propellants has been presented. However, no attempt has been made to 
select the "best” propellant, mjectior method, or combustion-chamber shape. There 
really is no absolute best in these things, because no one propellant has all the desirable 
characteristics, and because the combustion-system hardware must be optimized for 
each propellant combination. The principal desirable features of propellants and of com- 
bustion systems are presented in the following lists. 

Propellants : 

(1) High chemical energy (high impulse, high temperature) 

(2) Low molecular weight of combustion products 

(3) Chemical stability during storage 

(4) Small variation of physical properties with temperature 

(5) No change in state at storage temperature 

(6) High propellant density 

(7) Predictable physical and combustion characteristics 

(8) Easily ignitable, but safe and nontoxic during storage 

(9) Stable, efficient burning behavior 

(10) Nonluminous, smokeless, nontoxic exhaust 

Combustion systems: 

(1) Injector or grain optimized for most stable, efficient combustion 

(2) Use of minimum chamber volume necessary for maximum system efficiency 

(3) Nozzle shape optimized for propellants and mission 
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GLOSSARY 



ablation . Removal of surface material from a body by sublimation, vaporization, or 

melting due to heating resulting from a fluid moving past it at high speed. This phe- 
nomenon is often used to protect a structure from overheating by providing an ex- 
pendable ablation surface, such as the heat shield on a reentry vehicle, or a protec- 
tive coating in a combustion chamber. 

additive. A substance added to a base to achieve some purpose such as a more even rate 
of combustion in a propellant or improved lubrication properties of working fluids 
suchasRP-1, etc. 

airbreathing engine . An engine which requires the intake of air for combustion of the 
fuel, as a ramjet or turbojet. This is contrasted with the rocket engine, which 
carries its own oxidizer and can operate beyond the atmosphere. 

alcohol . See ethyl alcohol. 

ammonium perchlorate (NH^CIO^). Solid compound used as an oxidizer in composite 
propellants . Available oxygen content is low, so high percentages aye required for 
high performance. Exhaust contains very little smoke. 

chemical fuel . A fuel depending on an oxidizer for combustion or for development of 
thrust, such as liquid- or solid- rocket fuel, jet fuel, or internal-combustion engine 
fuel; distinguished from nuclear fuel. 

chemical rocket . A rocket using chemical fuel. 

chug^ng . A form of combustion instability in a rocket engine, characterized by a pulsing 
operation at a fairly low frequency, sometimes defined as occurring between partic- 
ular frequency limits. 

combustion . A chemical process characterized by the evolution of heat; commonly, the 
chemical reaction of fuel and oxidizer; but, by extension, the term includes the de- 
composition of monopropellants and the burning of solid propellants. 

combustion instability . Unfavorable, unsteady, or abnormal combustion of fuel, espe- 
cially in a rocket engine. Unfavorable combustion oscillation such as chugging or 
screaming. 

combustion chamber . See thrust chamber. 

composite propellant . A solid rocket propellant consisting of an elastomeric fuel binder, 
a finely ground oxidizer, and various additives. 

cryogenic propellant. A rocket fuel, oxidizer, or propulsion fluid which is liquid only at 
very low temperatures. 
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ethyl alcohol (C 2 HgOH). Colorless liquid used extensively in the chemical and liquor 
industries. Used with water as the fuel in the German V-2 rocket. (25 percent 
HgO, 75 percent CgHgOH). 

film cooling. The cooling of a body or surface, such as the inner surface of a rocket 
combustion chamber, by maintaining a thin fluid layer over the affected area. 

hybrid motor . A rocket-propulsion unit that burns a combination of propellants of differ- 
ent composition and characteristics (as a liquid oxidizer and a solid fuel) to produce 
a propulsive force. 

hydrazine (N 2 H 4 ). Toxic, colorless liquid with high freezing point (34° F); soluble in 
water and alcohol; very flammable and burns by itself (monopropellant). 

hydrogen. Lightest chemical element; flammable, colorless, tasteless, odorless gas in 
its uncombined state; used in liquid state as a rocket fuel; boiling point of -423° F. 

hydrogen- fluorine . High-energy liquid propellant for rocket engines. Hydrogen is the 
fuel and fluorine is the oxidizer. 

hypergolic fuel . Rocket fuel, such as hydrazine, that ignites spontaneously upon contact 
with the oxidizer and thereby eliminates the need for an ignition system. 

inhibitor . A substance bonded, taped, or dip-dried onto a solid propellant to restrict the 
burning surface and to give direction to the burning. 

initiator . A unit which receives electrical or detonation energy and produces a chemical 
deflagration reaction. 

liquid hydrogen . Supercooled hydrogen gag, usually used as a rocket fuel; boiling point 
is -423° F; low density requires bulky, well insulated tanks and lines; very flammable. 

liquid oxygen (LOX). Supercooled oxygen used as the oxidizer in man}^ liquid-fuel engines 
boiling point is -297° F; burns with fuels, metals, ^d organic materials. 

liquid propellant . A liquid ingredient used in the combustion chamber of a rocket engine. 

multipropellant. A rocket propellant consisting of two or more substances fed separately 
to the combustion chamber. 

nitrogen tetroxide (NgO^). Yellow-red, toxic oxidizer used in storable-liquid-propellant 
systems. Reacts spontaneously with fuel and many other materials; very corrosive; 
boiling point is 70° F; stable at room temperature. 

nozzle. The part of a rocket thrust- chamber assembly in which the gases produced in the 
chamber are accelerated to high velocities. 

oxidizer. A substance that supports the combustion reaction of a fuel. 



oxygen. See liquid oxygen. 
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oxygen-hydrocarbon engine . A rocket engine that operates on propellant of liquid oxygen 
as oxidizer and a hydrocarbon fuel such as a petroleum derivative. 

propellant . A liquid or solid substance or substances which either separately or mixed 
can be changed into a large volume of hot gases at a rate which is suitable for pro- 
pelling projectiles or air vehicles. 

rocket engine . A reaction engine that contains all the substances necessary for its oper- 
ation or for the consumption or combustion of its fuel. Does not require intake of 
any outside substance, and is capable of operation in outer space. Also called rocket 
motor. 

ro cket propulsion . A type of reaction propulsion in which the proptilsive force is genera- 
ted by accelerating and discharging matter contained in the vehicle. To be distin- 
guished particularly from jet propulsion. 

RP- 1 . Rocket propellant, type 1, is a nearly colorless liquid fuel resembling kerosene 
in its characteristics; contains a variety of hydrocarbon chemicals; boils at temper- 
atures from 220° to 570° F; easily storable at normal temperatures. 

screaming . A form of combustion instability, especially in a liquid- propellant rocket 
engine, of relatively high frequency and characterized by a high-pitched noise. 

solid propellant . Specifically, a rocket propellant in solid form, usually containing both 
fuel and oxidizer combined or mixed and formed into a monolithic (not powdered or 
granulated) grain. 

stoichiometric . Of a combustible mixture, having the exact proportions required for 
complete combustion, 

subsonic . Of or pertaining to speeds less than the speed of sound, 

supersonic . Of or pertaining to speeds greater than the speed of sound. 

thermodynamics . The study of the relations between heat and mechanical energy, 

thrust . The pushing force developed by an aircraft engine or a rocket engine. Specifically, 
the product of propellant mass flow rate and exhaust velocity relative to the vehicle. 

thrust chamber . The chamber of a jet or rocket motor in which volume is increased 
through the combustion process to obtain high velocity gases through the nozzle. 

UDMH. Unsymmetrical dimethyl hydrazine, a clear, colorless liquid with low freezing 
point, -71° F; boils at +146° F; soluble in water, ethyl alcohol, and most hydro- 
carbon fuels; one of a group of fuels known as the amines; mixed equally with 
hydrazine to form Aerozine; used in numerous current engines. 

vaporization rate . The unit mass of a solid or liquid that is changed to a vapor or gas in 
a unit of time. 
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5. MATERIALS 
William D. Klopp* 

In the space program, materials can make the difference between success and 
failure. Some of the most important materials problems are associated with tmcooled 
nozzles for both solid- and liquid- propellant rockets. Problems of crack propagation in 
large welded structures are also interesting, as is the development of lightweight, tough 
tank materials for containment of cryogenic fuels. 



o 

ERIC 



TYPES OF ROCKET ENGINES 

In the liquid-propellant engine (fig. 5-1), liquid fuel, such as kerosene, is pumped 
by a turbine-driven pump directly into the combustion chamber. At the same time the 
liquid oxidizer, typically liquid oxygen at -297° F, is pumped through hollow passages 
in the walls around the engine before entering the combustion chamber. Injector nozzles 
spray fuel and oxidizer into the chamber where they are mixed and burned. The hot gas- 
eous products are expelled throu^ the nozzle to provide the propulsive thrust. The 
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(a) Liquid-propellant rocket motor. 
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(b) Solid-propellant rocket motor. 
Figure 5-1. - Basic types of rocket. motors. 



Head, Refractory Metals Section. 



Of 






79 



process of pumping the liquid oxygen through the lining of the nozzle and combustion 
chamber is called regenerative cooling. This is necessary because the materials, such 
as stainless steel, which are strong enough to be used safely have melting points signifi- 
cantly below the temperature of the combustion gases. 

The liquid-propellant engine has a number of problems caused by clogged injectors 
or improper burning, such as screech (harmonic acoustic waves) and burn-through of the 
walls. However, these problems have been solved by improved design rather than 
through the use of advanced materials. 

One version of the liquid rocket motor, which is planned for use on the Apollo mis- 
sion, uses liquid fuels which are storable at room temperature. This type of fuel is un- 
suitable for regenerative cooling, and thus the engine must use heat-resistant materials 
in the combustion chamber and in the critical throat region of the nozzle. These pose a 
serious materials problem. 

The solid-propellant rocket motor (fig. 5-1) employs a solid fuel-oxidizer combina- 
tion rather than the more conventional liquids. Normally, the fuel, the oxidizer, and a 
bonding agent are mixed together in the liquid state, then cast to shape, and finally cured 
to a solid, rubbery mass. When heated to ignition temperature, the fuel and oxidizer 
combine at the surface to produce hot combustion gases which are expelled through the 
nozzle to provide thrust. Since in this motor no cryogenic liquids are available, regen- 
erative cooling of the hot combustion chamber and nozzle is impossible. The ability of ) 
heat-resistant materials to withstand the extreme erosion and corrosion conditions in 
these hot regions is a limiting factor in the design and operation of solid- propellant j 

motors. ; 

j 

1 

) 

HEAT-RESISTANT MATERIALS I 

i 

Several types of material are potentially suitable for use in the critical throat region | 
of uncooled nozzles. Many tests are employed to determine the best materials for a 

] 

particular motor and a particular set of operating conditions. 

The potentially suitable materials can be divided into two general classes, the refrac-; 
tories and the ablatives. The refractories, characterized by high melting points in the | 
range 4000° to 6000° F, include such materials as tungsten, molybdenum, graphite, and | 
certain oxides and carbides. These materials maintain their strength at high tempera- 
tures so that they are sufficiently tough to withstand the erosive effects of the hot gas ; 
stream. During engine operation, the internal surfaces of throats and nozzles of these 
materials are heated to close to the temperature of the gas stream. This heat is ab- | 

sorbed by the material and dissipated by normal thermal radiation and convective cool- I 

ing by the atmosphere on the outside. ! 



In contrast to the refractories , the ablative materials are not high melting and tough. 
Instead, they absorb heat from the gas stream by chemical reactions as well as by melt- 
ing and vaporizing. A typical ablative material is a composite called phenolic- ref rasil. 
This material consists of a tape woven from silica glass fibers and impregnated with a 
plasticlike phenolic resin. The tape is wound on a mandrel to form the nozzle, which is 
heated under pressure to bond the tapes together with the phenolic resin. During use, 
the resin decomposes to form graphite and organic compounds which melt and vaporize 
(ablate). The silica tape also melts, absorbing heat in the process, and reacts with the 
graphite to form silicon carbide. The compound is fairly high melting and tough and im- 
parts a certain degree of resistance to mechanical erosion to the nozzle. The ablative 
nozzles are cheap and easily fabricated and can be used in engines where the operating 
conditions are not so severe as to require the use of a tougher, refractory material. 



MATERIALS EVALUATION 

The selection of a material for the nozzle of a given motor designed to produce a 
predetermined thrust generally requires an experimental program to evaluate the candi- 
date materials under the given conditions. The two major parameters measured during 
test firings are the temperature distribution in the nozzle and the gas pressure in the 
combustion chamber. 

Figure 5-2 shows the temperature distribution profile in a refractory throat insert 
as a function of firing time. In the first few seconds of firing, the temperature of the 
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Figure 5*2. - Typical temperature distribution profiles in nozzle insert. 
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inside surface of the nozzle insert rises very quickly; it then begins to level off and ap- 
proaches the flame temperature asymptotically. At the outside surface of the insert, 
the heat is supplied by conduction and the temperature rise is slower. This condition 
leads to a temperature difference of 3000® F between the inside and the outside surfaces 
at the start of firing, as indicated at time t^^. The difference decreases as firing pro- 
ceeds, as at time t 2 > 

The large temperature differential between the inside and the outside surfaces just 
after ignition is a real problem with refractory inserts which are brittle when cold, such 
as tungsten, molybdenum, and the refractory oxides and carbides. The inside surface 
material tends to expand as it heats up, putting the outside surface in tension. Cracking 
of the nozzle can result if the material cannot deform plastically to relieve these stresses. 

Typical pressure-time traces are shown in figure 5-3. These traces indicate the 
amount of material removed from the vhroat area by mechanical erosion and chemical 




Figure 5-3. - Typical pressure-time traces for varying degrees of nozzle throat erosion. 



corrosion during firing. As the throat becomes larger, the gaseous combustion products 
escape more rapidly and the pressure within the combustion chamber decreases. Thus, 
an erosion resistant nozzle material shows a relatively constant chamber pressure during 
the entire firing cycle, while a large pressure drop indicates severe erosion in the criti- 
cal throat region. 

The results of two experimental programs recently conducted at the Lewis Research 
Center offer an insight into the behavior of several nozzle materials in two different un- 
cooled motors. 

The first program used a small solid-propellant engine test facility to study the be- 
havior of various types of throat insert materials under carefully controlled test condi- 
tions. The important characteristics of the engine were as follows: 
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Propellant Arcite 368, a solid combination of fuel and oxidizer 

which burns to give entirely gaseous products 

Flame temperature Calculated to be 4700° F, an intermediate temperature 

for solid propellants 

Chamber pressure, psi 1000, typical for solid- propellant engines 

Burn time, sec 30 

Nozzle throat diameter, in 0.289 

The appearance of several refractory and ablative nozzles after firing under these 
conditions is shown in figure 5-4. 

The tungsten nozzle (fig. 5-4(a)) demonstrated excellent erosion and corrosion re- 
sistance. A pressure drop of about 10 percent indicated that slight erosion had occurred, 
probably by oxidation of the tungsten to form volatile tungsten trioxide. Although it is a 
brittle material at low temperatures, the tungsten did not crack because the walls were 
relatively thin and thus thermal stresses were relatively low. 

In contrast to tungsten, the graphite nozzle shown in figure 5-4(b) suffered consider- 
able erosion and corrosion. The combustion chamber pressure decreased from 1000 to 
about 500 psi; this decrease indicated an unacceptably high loss of material from the 
throat area. 

Figure 5-4(c) shows a nozzle of LT2, a cermet (ceramic-metal) material consisting 
of aluminum oxide (AlgOg) in a metallic tungsten- chromium matrix. Figure 5-4(d) shows 
a nozzle made of a ceramic compound, silicon nitride. Both of these materials showed 
good strength and corrosion resistance. There was no throat erosion, and chamber pres- 
sure during firing remained constant. Both of these materials, however, are quite 
sensitive to thermal shock and cracked severely on cooling after firing. Neither mate- 
rial is adequate under these conditions. 

Two ablative nozzles are shown in figures 5-4(e) and (f). The darkened regions near 
the inside surfaces of these two nozzles indicate the depth of resin decomposition during 
firing. Both nozzles suffered high, though uniform, erosion. The 40-percent resin mate- 
rial in figure 5-4(e) showed a pressure drop from 1000 to 500 psi, while the 20- percent 
resin material showed a pressure drop from 1000 to 400 psi during firing. Both, of 
course, are unacceptably h^h pressure losses and indicate that these materials are un- 
suitable for this type of engine. 

The results of this small-scale program indicated that for high-pressure solid- 
fueled engines, tungsten is preferable to the other materials tested, provided that thermal 
shock can be avoided when the engine is made larger. 

A second study at Lewis illustrates how different engine condijtions dictate the use of 
materials other than tungsten. The object of this study, the engines for the service 
module of the Apollo moon mission, uses liquid fuel which is storable at room temper- 
atures. The nozzle material is ablative phenolic- ref rasil for both the large main thrust 
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(a) Tungsten. 



(b) Graphite. 



CS-26529 
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(c) LT 2. 



(d) Silicon nitride. 



(e) Phenolic-refrasil (40 percent resir). (0 Phenolic-refrasil (20 percent resin). 

Figure 5-4. - Nozzles of various materials after firing in small solid-propellant motor. 
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engine, which has an 8-inch throat diameter, and the smaller vector control engines, 
which have a 1-inch throat diameter. The operating conditions are moderate because the 
engine will be functioning only in a low-density atmosphere. The chamber pressure is 
expected to be less than 100 psi, flame temperature, 4000° to 4500° F, and total burn 
time, 700 seconds with several restarts. 

For these operating conditions, the ablative material appears adequate. However, 
possibly more thrust may be required of the engine, necessitating a higher chamber 
pressure or a higher flame temperature. Under these conditions , the adequacy of the 
ablative nozzle is marginal, and thus various alternative nozzle materials for both the 
1- and the 8-inch-throat-diameter engines are being studied. The alternatives include 
other refractory metals and compounds, various types of reinforced refractory combina- 
tion, and other ablatives . 

Figure 5-5 shows several large- and small-diameter nozzles after being test-fired 
with the storable liquid fuel. Figure 5- 5(a) shows an 8-inch-diameter nozzle of phenolic- 
refrasil ablative material after a 160-second firing. The nozzle has suffered relatively 
severe charring, and too much melting and running of the silica tape has occurred. A 
large-diameter nozzle such as this can tolerate more erosion from the throat region than 
a small-diameter nozzle. 

Figure 5- 5(b) shows a molybdenum nozzle after firing for 47 seconds. This 1-inch- 
diameter nozzle has suffered severe erosion at the throat because of the highly oxidizing 
flame. Although molybdenum behaves similarly to tungsten, which was suitable for the 
less oxidizing flame of the solid-propellant engine described previously, molybdenum is 
a poor material for the liquid-fueled engine. 

The throat insert which performed best is pictured in figure 5- 5(c). This insert is 
i made from sintered zirconia (ZrOg) reinforced with tungsten- rhenium alloy wire. After 
a 734-seconcl firmg, the nozzle is still intact although beginning to deteriorate. It shows 
some erosion and cracking but appears adequate for at least 700 seconds of firing. Also 
visible in figure 5- 5(c) are the graphite heat sink to reduce heat transfer from the throat 
insert to the ablative nozzle holder and a portion of the exit cone, which is also con- 
structed of ablative material. Tests are continuing on this and similar materials. 

For a small solid- propellant rocket engine, a ceramic nozzle may be adequate. An 
, example is the engine used by the Lewis Aerospace Explorers. It is designated type 

i B-8-4 and has a short firing time of 1. 4 seconds. After firing (fig. 5-6) the inside sur- 

face of the nozzle shows some erosion and also had a fused layer about 5 mils thick. 

Since silica melts at 3200° F, this suggests a flame temperature of approximately 4000° 
to 4500° F. The extent of throat erosion indicates a moderate pressure drop in the en- 
gine during the firing cycle. 
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Diameter, 8 inches. 



ABLATIVE MATERIAL 




GRAPHITE 
HEAT SINK 



NOZZLE THROAT 
OFZIRCONIA 
REINFORCED 
WITH tungsten- 
alloy WIRE 

C-66-846 



(c) Composite tungsten alloy-reinforced-zlrconia nozzle atter firing for 734 seconds. 
Diameter, 1 inch. 

Figure 5-5. - Nozzles of various materials after firing in storable- liquid-propellant motor. 
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Figure 5-6. - 
type B-8-4. 



Ceramic nozzle after firing for 1.4 seconds in solid-propellant model rocket engine, 



COMBINATION METHODS 



Some rocket engines use a combination of refractory and ablative principles to 
achieve good heat-resistance in the nozzle. An example is the Polaris Missile, which 
is capable of being fired from a submerged submarine. This is a two-stage missile, 
with both stages being powered by solid-fueled engines. The first-stage engine burns for 
approximately 90 seconds with a combustion chamber pressure of 800 psi. The nozzle 
material for this engine is a refractory-ablative combination of a porous tungsten skeleton 
infiltrated with silver. The tungsten provides strength at high temperatures while the 
silver absorbs heat by melting and boiling. The drawing in figure 5-7 shows the extent 
of silver loss at various regions in the nozzle after firing. The silver loss reaches 
100 percent near the hot inside surface and is 40 to 50 percent in the cooler areas near 
the external surface. 

The second stage of the Polaris operates at a higher altitude and less total thrust is 
required. The chamber pressure for this engine is 200 to 300 psi, and because of the 
less erosive nature of the gas stream, graphite is a satisfactory nozzle material. 







(a) Cross section showing percentage of siiver 
loss at various locations during firing. 
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Inside surface Center section Outside surface 

(b) Microstructure of silver-infiltrated tungsten after firing. 

Figure 5-7. - Silver-infiltrated tungsten nozzle of type 
used in Polaris Stage I. 

SUMMARY OF VARIABLES 

Each of the important variables for engines requiring uncooled nozzles can range 

extensively a,s shown by the following summary. 

^ <100 to about 1000 

Combustion chamber pressure, About 4000 to 6500 

Temperature, • • About 60 to 700 

Firing times, sec 

Chemical nature Combustion products may be reducmgoroxidizmg 

Erosive nature Solid- propellant combustion products may contain 

erosive solid particles, such as alumina 

Typical storable liquid fuel is NTO (nitrogen 

tetroxide) - Aerozine 50; typical solid 
fuel is polyvinyl chloride - ammonium 
perchlorate 

The choice of material suitable for the various classes of engine Is generally based 
on the extent of throat erosion during firing vmder simulated engine operating conditions: 
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Tungsten: Good erosion resistance but poor corrosion resistance; can be used as 
ablative by infiltrating with silver or copper 
Molybdenum: Similar but slightly inferior to tungsten 

Graphite: Fair erosion and corrosion resistance; usable in low-pressure engines 
Ceramics and cermets: Good erosion and corrosion resistance, but subject to 
severe thermal cracking 

Plastic ablative: Poor erosion resistance; light weight and low cost make it attrac- 
tive for large, low-pressure nozzles where erosion is tolerable 



ROCKET CASINGS 

Other parts of rocket engines that new materials have improved are the casings for 
holding solid propellants and the tanks for liquid propellants. An example is the large 
steel casing for the 260- inch-diameter solid-propellant rocket which has been under de- 
velopment for several years as a low-cost backup vehicle for the more expensive and 
complicated liquid-fueled rockets that have powered all of our important space missions 
to date. 

The rocket casing is constructed by welding together 3/4- inch-thick segments of 
high-strength steel. Structures such as this, however, are notoriously subject to pre- 
mature brittle fracture, as demonstrated by costly losses of welded Liberty ships during 
World War n. 

Such a failure occurred during proof testing of the first casing. This failure occur- 
red at 56 percent of the intended proof pressure and, according to accelerometer measure- 
ments made during the test, originated at two welding flaws at the area indicated in 
figure 5-8. This figure shows the pieces from the casing laid out in a hangar where the 
cause of failure was under study. Once initiated, the cracks propagated rapidly and 
catastrophically through the entire structure. 

In order to determine the influence of welding techniques on the structural integrity 
of the casing, the susceptibility of two types of welds to crack propagation was studied. 

The two types of weld investigated, a two-pass arc-weld and a multipass arc-weld, are 
shown diagramatically in figure 5-9. Steel specimens welded by the two techniques 
jWere then notched and fatigue-cracked to a predetermined depth by alternately stretch- 
^ing a small difiitance and releasing in order to simulate a weld flaw. The specimens were 
then pulled in tension to failure. These tests showed that the welds produced by the multi- 
-pass welding technique were approximately three times stronger than those produced by 
the two-pass technique. 
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Figure 5-8. - 260-lnch-diameter rocket casing after failure during hydraulic proof testing. Arrows 
indicate weld flaw which caused failure. 




Figure 5-9. - Types of weld used In manufacturing 260-inch-diameter solid propellant rocket casings. 











Figure 5-10. -260-lnch-dlameter casing manufactured with the use of multiple-pass tungsten-inert 
gas welding technique. 

Figure 5-10 shows a second 260- inch-diameter casing which was welded by the multi- 
pass technique. This casing passed the hydraulic proof test and subsequently was success- 
fully ground test-fired. This engine, incidentally, uses an ablative nozzle with an 89-inch- 
diameter throat. The chamber pressure is 600 psi and the flame temperature 5500° F 
with a 2- minute firing time. 

The determination of the proper welding technique for the casing is an excellent 
example of the successful application of a modern laboratory technology, in this case the 
study of crack initiation and propagation, to the solution of an important manufacturing 
problem. 



FUEL TANKS 



The storage of cryogenic fuels is important to the success of post-Apollo missions. 
These trips will need large quantities of liquid oxygen and liquid hydrogen for long periods 
of time. This means not only adequate insulation to prevent excessive fuel losses through 
vaporization but also protection from damage by high-velocity micrometeoroids. Since 
much of the vehicle structure will consist of tankage, it must be as light weight as possi- 
ble. 



Although micrometeoroids are less common in space than was estimated several 
years ago, there are enough to constitute a potentially serious hazard. Most have very 
low masses, but, because of their high velocities (of the order of 17 000 miles per hour), 
their momentums are quite large. 
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(a) Before impact. 




(b) After impact. 

Figure 5-11. - Damage to water-filled aluminum tank resulting from impact by high- 
velocity projectile. 
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The damage resulting from impact of a high-velocity particle with a liquid-filled 
tank can be catastrophic. Figure 5-11 shows a metal tank which was filled with water and 
then hit with a high-velocity projectile. The extensive damage resulted not from the 
immediate shock of impact but from the high-energy shock wave created in the liquid as 
a result of the projectile passing through. The shock wave, on hitting the tank, literally 
tore the tank apart. Even more extensive damage occurs when the tank is filled with a 
cryogenic fluid such as liquid oxygen or liquid nitrogen since the toughness of the metal 
tank is reduced at low temperatures. Obviously, micrometeoroid impact into a metal 
tank containing a cryogenic fuel during a space flight could seriously damage or destroy 
the entire vehicle. 

Several possible solutions to this potentially serious problem have been studied in 
the laboratory. For example, the tanks could be covered with a lightweight armor such 
as berylliu.m, which would reduce the probability of penetration by an impacting particle. 
Alternatively, the metal tanks could be protected by a "bumper, " that is, a thin sheet 
of metal positioned a fraction of an inch outside of the tank. This would cause an impact- 
ing particle to fragment. Although the total momentum of the fragments would be the 
same as that of the original particle, the individual momentums would be lower; further- 
more, the area of impact would be much larger and the probability of penetration would 
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be significantly decreased. Both of these possible solutions have merit, but at the same 
time, both involve a significant weight penalty which can be measured directly in terms 
of reduced payload. 

One attractive solution is to construct the tanks from plastic-bonded glass fiber 
material, which is both lightweight and shatter-proof. This is done by winding glass 
fibers into layers that are alternately oriented at 90° from each other and then impreg- 
nating and bonding them with an epoxy resin binder. Since the composite is permeable by 
the small hydrogen molecule, the inside must be lined with a layer of aluminum foil. The 
cylinder shown in figure 5-12 was filled with liquid nitrogen and hit with a high-velocity 
projectile. The cylinder contains a small hole where the projectile entered and another 
hole in the back where the projectile exited. However, the elasticity of the tank enables 
it to withstand the secondary, high-energy, shock wave in the liquid nitrogen. During 
space flight, the fuel in this tank would, of course, be lost, but damage to adjacent tanks 
and to the vehicle itself would be avoided. Thus, it appears that this material will be 
highly useful in our extended post-Apollo space missions. 




• ’ .■ ■.■:C-66-4375i 

Figure 5*12. - Damage to liquid-nitrogen-filled, plastic-bonded 
glass fiber cylinder resulting from impact by high-velocity projectile, 
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CONCLUDING REMARKS 



In this chapter a few of the materials problems which directly affect and limit our 
space propulsion systems have been described. Of necessity, the discussion has em- 
phasized the applied aspects of these problems and their solutions. It was impossible to 
Cover the scientific and often more interesting aspects of the problems, such as the de- 
tails of the oxidatioii behavior of refractory metals or the basic mechanisms of crack 
propagation. Furthermore, it avoided many other areas where materials properties are 
also limiting factors, such as the loops and radiators of self-contained systems for gen- 
erating electric power in space. Development and selection of materials for these ap- 
plications tax the ingenuity of the materials scientists. 
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6. SOLID -PROPELLANT ROCKET SYSTEMS 
Joseph F. McBride* 

HISTORY OF SOLID ROCKETS 

I 

The first use of rockets was historically recorded about the year 1232, when Chinese 
writers told of "arrows of flying fire" with propulsive power furnished by an incendiary 
powder. Rockets using mixtures of sulfur, charcoal, saltpeter, petroleum, and turpen- 
tine were used as weapons by the Arabs, Greeks, Italians, and Germans from 1280 
to 1800. 

A great variety of rockets propelled by gunpowder and similar solid-fuel combina- 
tions have been used in fireworks demonstrations and as missiles in battle for the past 
several centuries. The British attacked Copenhagen with 30 000 rockets in 1807, and in 
1814 Francis Scott Key wrote his famous poem under "the rockets red glare" as the 
British bombarded Fort McHenry near Baltimore. 

Interest in solid rockets of much larger size and increased performance came at the 
beginning or World War n, when the first jet-assisted takeoff units for aircraft were de- 
veloped and used (1940-41 at Jet Propulsion Laboratory, Pasadena). 

Since World War n, solid-rocket propulsion devices have been further improved in 
performance and greatly increased in size for use as air-to-air missiles (Sidewinder, 
Genie), ground-to-air missiles (Nike, Hawk), intercontinental ballistic missiles (Minute- 
man, Polaris), ground-to-ground tactical weapons (Sergeant, Honest John, Shillelagh), 
air-to-ground delivery systems (Skybolt), sounding rockets (Argo, Astrobee), space 
launch vehicles (Scout), and space boosters (Titan HI, 156-inch and 260-inch boosters). 



DESCRIPTION OF SOLID ROCKET 

A solid-fueled rocket propulsion system (motor) consists of a propellant fuel-and- 
oxidizer charge (grain) of a certain configuration, with the following associated hardware 
(fig. 6-1): 

(a) A case, the high-pressure gas container which encloses the grain 

(b) A nozzle, the gas-expansion device through which the rocket exhaust flows 

^Aerospace Engineer, Solid Rocket Technology Branch. 
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Figure 6-1. - Solid-fueled rocket motor, 



(c) An igniter, the device which starts combustion of the propellant grain in a con- 

trolled manner 

(d) Insulation, a temperature-resistant, low- conductivity material protecting case 

and nozzle from exposure to hot gases 



SOLID-PROPELLANT GRAIN 

A solid propellant is basically a mixture of fuel and oxidizer which burn together, 
with no other outside substance injected into the combustion chamber, to produce very 
hot gases at high pressure. Various additives may be mixed into the fuel-oxidizer com- 
bination for purposes of: 

(a) Controlling the rate of burning 

(b) Giving hotter -burning, more energetic, chemical mixtures 

(c) Optimizing propellant grain physical properties (tensile and shear strengths, mod- 

ulus of e^sticity, ductility) 



Grain Mixture 



Mostonodern solid- propellant grains belong to one of two classes, double-base or 
composite. 

The double-base propellant is a mixture of two very energetic compounds, either one 
of which alone would make a rocket propellant. Usually the two constituents are nitro- 
glycerin [CgH5(0N02)g] and nitrocellulose [CgH,^02(ON02)g]. As the chemical formulas 
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indicate, both the fuel (carbon and hydrogen) and the oxidizer (oxygen) atoms are con- 
tained in each of these molecules; both substances are monopropellants which burn with- 
out any added oxidizer. The nitrocellulose provides physical strength to the grain, while 
nitroglycerin is a high-performance and fast-burning propellant. Double-base grains are 
generally formed by mixing the two constituents and additives, then pressing or extrud- 
ing the puttylike mixture into the proper shape to fit the motor case. 

A composite grain is so named because it is formed of a mixture of two or more un- 
like compounds into a composite material with the burning properties and strength char- 
acteristics desired. None of these constituent compounds would make a good propellant 
by itself; instead, one is usually the fuel component, another the oxidizer. 

The most modern of the composite propellants use a rubbery polymer (in fact, a syn- 
thetic rubber such as polybutadiene or polysulfide) which acts as the fuel and as a binder 
for the crumbly oxidizer powder. The oxidizer is generally a finely ground nitrate or 
perchlorate crystal, as, for example, potassium nitrate (KNO3) or ammonium perchlo- 
rate (NH^CIO^). The composite mixture can be mixed and poured like cake batter, cast 
into molds or into the motor case itself, and made to set (cure) like hard rubber or con- 
crete. The cured propellant is rubbery and grainy with a texture similar to that of a 
typewriter eraser. 

Composite propellants often contain an additional fuel constituent in the form of a 
light-metal powder. Ten to twenty percent by weight of aluminum or beryllium powder 
added to a polymer-based grain has the effect of smoothing the burning (combustion) proc- 
ess and increasing the energy release of the propellant. This added energy in the hot 
gases produced in combustion appears as added specific impulse I of the rocket pro- 
pulsion system. 



Grain Design 

Solid grains are also classed by the shapes of their exposed burning surfaces and the 
manner in which the propellants are burned out of the case. A great deal of engineering 
is devoted to the shape of the grain, the configuration of the combustion chamber, and the 
sizes of the parts of the grain to control stresses and the burning of the propellant. 

A solid- propellant grain will burn at any point on its surface which is; 

(a) Exposed to heat or hot gases of a high enough temperature to ignite the propellant 

mixture 

(b) Far enough separated from the other case or propellant surfaces to allow gas flow 

past the point 

Grains are classified as end-burning or internal-burning; this classification de- 
scribes the propellant surface on which burning is allowed to take place. An unlimited 
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(a) End burning. 



(b) Internal burning, circular port. 
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(c) Rod and tube. 




(d) Internal burning, star configuration. 
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(e) Multiple-disk grain. 







(f) Unrestricted burning, hollow grain. 




(g) External burning, cruciform. 

Figure 6-2. - Typical solid-propellant grain configurations. C'jtterned after illustrations 
appearing in Rocket Propulsion Elements by George P. Sutton.) 



number of combinations and variations of the basic end-burning or internal-burning grain 
are possible (fig. 6-2). 



BURNING PROCESS 



As was stated previously, a correct chemical mixture of fuel and oxidizer will sup- 
port combustion when exposed to high temperature and gas flow; it will continue to burn 
as long as the gaseous products of combustion are allowed to escape from the burning 

surface. 

The rate at which hot gases are produced by the burning propellant depends on the 
total area over which burning is occurring the rate at which burning is progressing 
into the propellant r; and the density of the propellant being transformed into gas p. 
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(Symbols are defined in the appendix. ) The flow of combustion gases off the burning sur- 
face is described by the rate equation 



It is a characteristic of any solid propellant that its burning rate at any point on the 
grain surface is determined by; 

(a) The composition of the propellant at that point 

(b) The pressure of the gases surrounding the point 

(c) The temperature of the grain at that point just as the "burning zone" approaches 
These characteristics at each point on the grain are averaged for the entire grain in 

the general, solid -propellant, burning-rate equation 



where f is the instantaneous burn rate (in. /sec), a^ is the burn-rate constant (which 
varies slightly with the overall temperature of the grain), is the instantaneous motor 
chamber pressure (psi), and n is the burn-rate exponent for the particular propellant 
(typical values range from 0. 4 to almost 1. 0). 

Combining the burning-rate equation (2) with the weight-flow-of-gas-produced equa- 
tion (1) yields 



Now, for any rocket device, the thrust produced by expansion of exhaust gases 
through a nozzle can be expressed as 



where F is the thrust (lb), Cp is the nozzle thrust coefficient (a constant which is a 
measure of the expansion efficiency of the nozzle and the properties of the propelling 




( 1 ) 




(3) 



F = CpAjP^ 



(4) 



2 

gases), is the nozzle throat area (in. ), and is the rocket chamber pressure 



(psi). 



But, thrust is also given by the equation 



FsWI, 



sp 



(5) 
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where W is the gas weight flow through the nozzle (Ib/sec) and I__ is the engine spe- 

sp 

cific impulse (a measure of propellant energy release and efficiency of gas expansion 
through the nozzle). 

Combining equations (4) and (5) gives 

_ F . ( 

^sp ^sp 

In the rocket, a steady-state condition is reached when the rate of gas produced 
equals the rate of gas flow out of the chamber 



or, from equations (3) and (6), 



w ~ w 

produced out 




( 7 ) 



; 

I 



At any instant during the firing, everything in equation (7) is invariable except the , 
chamber pressure. Thus, the pressure in the rocket chamber stabilizes at the instanta- ; 
neous value found by solving equation (7) : ' 





And so, the motor designer can control the pressure at which the rocket will oper- 
ate by: 

(a) Selecting the propellant, thereby fixing I^p, a^, p, and n 

(b) Designing a nozzle size and configuration, thereby fixing A^ and Cp 

(c) Designing the grain burning surface to make vary as desired during the firing 



THRUST-TIME HISTORY 

Since the thrust of the rocket can be expressed as 
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We find, using equation (8), that 



F = (CpAt)2-"(A^i^paBP)”-l (9) 

So the thrust, like the chamber pressure, is controlled primarily by the amount of 
burning surface exposed at each moment during the firing. 

The thrust-time curve is the most important performance characteristic of a rocket 
motor. In space, acceleration of the vehicle propelled by this motor follows Newton’s 
Second Law of Motion 



F 

_ _ motor 

cl — 

"^vehicle 

at any instant. Therefore, the entire velocity history (mission profile) of the vehicle de- 
pends on the thrust-mass-time relationship it experiences. 

Solid-motor grain design concentrates on the problem of tailoring the thrust curve by 
configuring the burning surface area to give the desired thrust with time (see fig. 6-3). 

Thrust curves are typically progressive, regressive, neutral, or a combination of 
these, as shown in figure 6-4. Also noted are some of the grain port shapes which will 
produce these thrust variations by the manner in which their burning surfaces vary in 
area as burning proceeds. 




Figure 6"3. 'Typical Uirusl-llme diagram. 
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NEUTRAL 




(a) End burning. 



(b) Internal burning, circular port. 




(c) Internal burning, star configuration. 



(d) Rod and tube grain. 



TIME 

Figure 6-4. - Thrust-time histories. 
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Another major design problem comes in the elimination of long thrust tailoff, or de- 
cay period, at the end of rocket firing. Long tailoff time wastes propellant by burning it 
inefficiently at low pressure for a relatively long time. Long tailoff also endangers the 
motor case by exposing it to hot gases while it is no longer protected by propellant. 
Short, abrupt tailoff is desirable but difficult to achieve, particularly in complex star 
grain designs. In such grains, the nature of the burning- surfece shape gives decreased 
burning area near the end of the firing because of residual propellant slivers. 



Rocket propulsion developers have done much within the past five years to correct 

the two great drawbacks of the solid rocket motor: 

(a) Inability to shut down on command once ignited and before propellant burns out 

(b) Inability to throttle chamber pressure and thrust 

Developmental solid rockets have been successfully stopped by using rapid pressure 
decay (opening the throat or venting the case), by quenching with water or COg, or by 
using bi-grain motors (one grain fuel-rich, one grain oxidizer-rich) with the two cham- 
bers connected by a throttle valve. 

Throttling has been achieved in bi- grain rockets and, of course, in liquid- solid hy- 
brid rocket engines. 



CONTROLLABLE SOLID MOTORS 
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INERT COMPONENTS OF MOTOR 



•s* 

The propellant grain is the “live” part of the solid motor. The other parts provide 
no propulsive gases and do not burn, so they are “inert. ” The major inert components 
of the motor are case, nozzle, igniter, and insulation. 



Case 



The motor case is the pressure- and load-carrying structure enclosing the propellant 
grain. Cases are usually cylindrical with curved, nearly hemispherical end closures. 
Some motors are made with completely spherical cases. 

Highest motor performance demands the lightest possible inert weight, so case de- 
sign becomes a problem of obtainii^ the thinnest, lightest structure to contain the cham- 
ber pressure (typically 400 to 1000 psi in modern solid rockets) and to withstand the loads 
the vehicle encounters during its flight. 

In a cylindrical pressure vessel, which most solid motor cases are, the principal 
stress in the wall material is given by the equation 

S = (10) 

t_ 



where S is the hoop stress (psi), is the radius of the cylinder, and t^ is the thick- 
ness of the wall. 

From this equation we see that the wall thickness 




c c 



( 11 ) 



can be minimized by using the highest allowable stress S, or the strongest case mate- 
rial, for the given chamber pressure and case size. A good case material is one with a 
high strength-to-welght ratio. Among today’s best materials are high-strength titanium 
alloys, flber-glass-and-plastlc composite materials, and high-toughness steel allovs. 
The following examples show the uses of these materials: 

(a) Steel alloys: 260-lnch booster, 120-inch booster, Minuteman first stage 

(b) Titanium: Minuteman second stage 

(c) Filament-wound fiber-glass composite: Minuteman third stage, Polaris 
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Nozzle 

The nozzle is the only portion of the solid motor which must withstand exposure to 
high-temperature, high-velocity propellant gases for the full duration of the rocket firing. 
The most critical location is in the nozzle throat (smallest area) section, where gas 
flows at Mach 1 velocity with relatively high pressure and density. In the throat, heat 
transfer to the nozzle wall is highest. 

The greatest nozzle problem is one of finding materials suitable for high- 
temperature, long- duration application. A solid-rocket nozzle, of course, cannot be 
cooled by running fuel through its wall as in regenerative cooling of liquid rocket cham- 
bers and nozzles. Instead, the nozzle must be lined with one of the following types of 
material, which will withstand high temperature for long duration: 

(a) A refractory substance (tungsten, graj^ite, etc. ) which will not melt, crack, or 

crumble when heated to temperatures over 3000° F 

(b) An ablative composite substance (plastic or rubber reinforced with refractory- 

type fibers or crystals) which gives off decomposition gases and erodes during 
firing 

Ablatives are used in those applications (e. g. , very large rockets) where rocket per- 
formance is not seriously degraded by change of nozzle contour or increase in throat area 
during firing. Refractories are mandatory in applications which cannot tolerate nozzle 
configuration changes. 

The nozzle, toe, is a pressure vessel and must be structurally designed to contain 
the internal pressure and aerodynamic flight loads acting upon it. The pressure within 
the nozzle decreases rapidly downstream of the throat, and wall thickness can be de- 
creased sharply for a saving of inert weight. 



Igniter 

The solid- propellant grain burning surface must be bathed in hot gas before it will 
ignite and support its own combustion. The rocket igniter is a gas producer which can be 
started easily and dependably by a signal from the firing switch. 

The most-used igniter today (fig. 6-5) is a small rocket motor itself, and it exhausts 
hot gas into the grain cavity of the main rocket. This igniter can be mounted at the head 
end or the aft end of the main rocket motor, or even outside with its hot gases directed 
into the main nozzle. 

The igniter itself is started by yet another small charge of very fast-burning solid 
propellant in the form of pellets Or powder. This igniter booster is started by the pri- 
mary initiator, which is a hot-wire resistor or an exploding bridgewire connected to the 
firing switch through the ignition circuit. 
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Figure 6-5. - Typical igniter. 
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Most of the accidents involving solid rockets have resulted from premature igniter 
firing, either by inadvertent application of voltage to the exploding bridgewire or by igni- 
tion of the highly sensitive igniter pellets by impact shock, stray currents, static dis- 
charge, or even radio transmissions too close to the rocket. Great effort in safety pro- 
cedures has made these premature ignitions quite rare. Igniter circuits are locked open 
until just before firing, shunting circuits are placed across igniter input leads to elimi- 
nate stray currents, and personnel working around solid motors are required to wear 
conductive shoes (to prevent static electricity buildup) and use nonsparking tools. 



Unless it is protected by insulation, the motor case will quickly lose strength and 
burst or will burn through whenever hot combustion gases reach the case wall. This 
burning through of the case could occur near the end of the burning time in the internal- 
burning gprain or throughout the firing time at the aft end of an end-burning grain. 

Every solid motor contains a certain thickness of insulation between the propellant 
g^ain and the motor case to protect the chamber walls until all propellant has burned out 
and chamber pressure goes to zero. This insulation is usually an asbestos-filled rubber 
compound which is bonded with temperature-resistant adhesives to the case wall on one 
side and to the propellant grain on the other. 



Insulation 
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STEERING CONTROL 



A missile or space vehicle requires a significant amount of steering control as it 
flies through atmospheric winds and performs the pitch, yaw, and roll maneuvers neces- 
sary in the performance of its mission. Most liquid- propelled vehicles are steered by 
engine gimbaling; that is, the entire chamber and nozzle assembly is moved relative to 
the rest of the vehicle so that the direction of thrusting is changed. 

Moving a solid-rocket chamber relative to the vehicle is a large task because the 
chamber is a major portion of the vehicle and contains all of the rocket's propellant. The 
combustion chamber is not separate from the propellant tankage as it is in a liquid or 
nuclear rocket system. Solid rockets are therefore steered by moving the nozzle alone, 





(b) Jet tabs on a rocket developed by 
Lockheed for the U. S. Air Force. 




(c) Secondary injection. 
FIguro 6*6. * Thrust vector control. 





by moving the exit cone of the nozzle alone, or by changing the direction of the exhaust 
jet coming from the nozzle. Any method of controlling the direction of thrusting in rela- 
tion to the engine or the vehicle is termed "thrust vector control" or TVC. 

Moving the entire nozzle or the exit cone (fig. 6-6(a)) has been done successfully in 
many missiles (Minuteman, Skybolt, air-to-air missiles). Deflection of the exhaust-gas 
jet alone has also been accomplished by placing obstacles such as vanes or tabs in the 
nozzle to disturb the exhaust flow pattern (fig. 6-6 (b)), or by injecting a fluid (gas or liq- 
uid) through the nozzle wall at right angles to the main gas stream (fig. 6-6(c)). In this 
way, the jet and the thrust direction are deflected a few degrees off the vehicle center- 
line. This method of steering is used in such operational rocket vehicles as Minute- 
man n, Polaris, and the 120- inch boosters for the Titan HI C. 

Another method of steering for rocket vehicles involves the use of aerodynamic sur- 
faces (vanes, fins, or canards) which give steering-control forces through lift, like an air- 
plane wing (fig. 6-7). A vehicle with this kind of control needs no thrust vector control in 



the propulsion system (e.g. , most air-to-air and ground-to-air missiles). However, 
aerodynamic control can occur only in the atmosjAere and while the vehicle has sufficient 
velocity through the air. Aerodynamic steering may be combined with TVC; the TVC 
provides steering control near the ground before the vehicle has built up velocity, and on 
the edge of the atmosphere or in space where a wing becomes useless. 




Figure 6-7. - Aerodynamic control. 
Nike missile with fin stabilizers 
and canard steering. 




107 



SOLID-ROCKET PERFORMANCE 



There are two major indicators of rocket system performance, specific impulse I^p 
and mass fraction M. F. : 



j Thrust 

Rate of propellant usage 

^ (Initial mass) - (Burnout mass) 

Initial mass 

Weight of propellant 

Weight of total propulsion system 

Solid propellants are typically less energetic than the better liquid- propellant com- 
binations. Modern solids have sea-level I^p values in the range of 220 to 250 seconds, 
compared with over 350 seconds for the liquid-oxygen/liquid-hydrogen combination. 

On the other hand, solid-rocket mass fractions can be quite high because there are 
no valves, piping, or pumps to add to the inert weight. High-performance upper-stage 
solid motors typically attain mass fractions nearing 0. 95 through the use of filament- 
wound glass cases and refractory-lined nozzles. Even the large solid boosters have 
mass fractions exceeding 0. 90, a value which liquid-fueled missiles with very thin tank 
walls (e. g. , Atlas) can barely achieve. 

The solid rocket’s real advantages are its strength, since the propellant grain has 
considerable strength of its own and also acts as a stiffener and shock dampener, and its 
instant readiness, since there are no fuel tanks to be filled just prior to firing and launch. 



SAFETY PRECAUTIONS 

Because a solid grain consists of fuel and oxidizer in a mixture all ready for burning 
upon the application of heat, a solid motor can be a serious fire and explosion hazard. 
Double-base propellants are explosive by nature and much more hazardous than the cast- 
able composites, which are merely fire hazards. For this reason, double-base propel- 
lants are not used in large- sized motors, only in air-to-air and antiaircraft missiles ana 
in final- stage space vehicles for which the propellant grain does not exceed several hun- 
dred pounds in weight. A high-energy double-base grain has a potential explosive yield 
higher than a like amount of TNT. These explosive grains can be detonated by the shock 
of dropping, being struck by a rifle bullet, or overheating in a fire. 
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The danger with a nonexplosive composite grain is that it may ignite prematurely in 
a fire, and the motor will become propulsive at a time and place hazardous to personnel 
and property. 

Solid motors are processed, loaded, and stored in facilities well away from dwell- 
ings. They are surrounded by blast walls and heavy earthen bunkers to stop shrapnel 
and pieces of burning propellant. Motors are transported with care and with a minimum 
number of personnel present to reduce the chance of Injury in case an accident does 
occur. 

The same kind of care for safety is taken during the mixing of propellants, when fuel 
and oxidizer are first brought together in large containers and stirred by intermeshing 
paddles. Serious fires and explosions have occurred during mixing operations at several 
propellant plants. However, because of the use of remote controls, fire-control systems, 
and proper Isolation and protection of the mixing facilities, there have been relatively few 
injuries and deaths in these accidents. 
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APPENDIX - SYMBOLS 



1 2 

exposed grain burning area, in. 

, 2 

nozzle throat area, In. 

2 

acceleration, ft/sec 
propellant burn rate constant 
nozzle thrust coefficient 
thrust, lb 

specific Impulse, sec 
rocket mass fraction 
mass, slugs 



propellarit burn rate exponent 

r.ombustlon-chamber pressure, 
Ib/ln. ^ 

radius of cylinder. In. 

propellant burning rate, in. /sec 
2 

stress, Ib/ln. 
thickness of wall, in. 

wel^t-flow rate, Ib/sec 
density, Ib/ln. ^ or Ib/fl^ 




7. LIQUID-PROPELLANT ROCKET SYSTEMS 
E. William Conrad* 

Liquid-propellant rockets may be classified as monopropellant, bipropellant, or tri- 
propellant. In a monopropellant rocket, a propellant, such as hydrazine, is passed 
through a catalyst to promote a reaction which produces heat from the decomposition of 
the propellant. bipropellant ’■ocket burns two chemical materials, a fuel and an oxi- 
dizer, together. In a tripropellant rocket, three different chemical species, such as hy- 
drogen, oxygen, and beryllium, are mixed in the combustion chamber and are burned to- 
gether. These tripropellant rockets have great potential, but they are not yet in actual 
use because they present many developmental problems. The following discussion will 
be restricted to bipropellant rockets because this type is used for the bulk of our present 
space activities. 



ROCKET ENGINE 

A simple, liquid-propellant rocket engine is shown in figure 7-1. The principal com- 
ponents of this engine are the injector, the combustion chamber, and the exhaust nozzle. 



f Dhaust nozzle 
\ 





*Chief, Chemical Rocket Evaluation Branch. 
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The propellants enter the combustion chamber through the Injector. In the combustion 
chamber the propellants mix and are Ignited. Some propellants, such as the oxygen- 
kerosene combinations used In the Atlas launch vehicle, are Ignited by means of a spark 
plug. Other propellants, such as the nitrogen tetroxlde - hydrazine combination used In 
the advanced Titan launch vehicle, are hypergollc; that Is, when the two propellants are 
mixed, they Ignite spontaneously. When the propellants burn, they produce very hot 
gases. The high temperature, In turn, raises the pressure of these gases In the combus 
tlon chamber. The Increased pressure causes the gases to be discharged through the ex- 
haust nozzle. As these gases pass through the exhaust nozzle, they are accelerated and 
expanded. The area reduction at the nozzle accelerates the gas to sonic velocity at the 
throat. Then, In the diverging portion of the nozzle, the gases are expanded and accel- 
erated to supersonic velocities. (This flow process Is discussed In chapter 2. ) 



Fuel Injector 

The design of the Injector Is of great Importance because the propellants must be 
Introduced Into the combustion chamber in such a way that they will mix properly. The 
objectives of the mixing process are to attain fine atomization of the propellants, rapid 
evaporation and reaction of the propellants as close as possible to the Injector face, and 
a uniform mixture ratio throughout the combustion chamber. The ultimate goal is to have 
each molecule of fuel meet an appropriate number of oxidizer molecules and be com- 
pletely consumed in the combustion process. A detailed discussion of the fundamental 

procGssGS of combustion is prGsented in chapter 4. 

Injectors of many types are used to accomplish the desired mixing of the propellants. 
Some of the most commonly used injectors are shown in figure 7-2. The double impinging 
stream Injector, shown in figure 7-2(a), is a relatively common design. Fuel and oxi- 
dizer are supplied to the combustion chamber through alternate manifolds, so that each 
fuel stream impinges on an oxidizer stream. This impingement shatters the streams mto 
ligaments, which, in turn, break up into droplets. FinaUy, the droplets evaporate and 
burn. The triple Impinging stream injector (fig. 7-2(b)) is also very common and highly 
efficient. With this design, two streams of one propellant impinge on a stream of the 
other propellant at a common point. Figure 7-2(c) shows the self-impinging pattern, m 
which two streams of the same propellant impinge on each other and shatter to produce a 
fine, fan-shaped, misty spray. Alternate manifolds in the injector produce fans of fuel 

mist and of oxidizer mist. These fans mix and bum along their intersections. The 

shower-head stream injector, shown in figure 7-2(d), was very common in the early days 
of rocketry. With this design, streams of each prepeUant are simply injected parallel to 
one another. The efficiency of this system is, in general, relatively poor. Too muc o 
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Figure 7*2. * Several injector types. 
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each propellant goes out the exhaust nozzle without mixing and reacting with the other 
propellant. Because of this low efficiency, very few current engines use shower-head 

injectors. 

Also shown in figure 7-2 are some rather unusual injector designs. The spray injec- 
tor (fig. 7-2(e)) produces a cone of oxidizer and impinging streams of fuel. Figure 7-2(f) 
shows a splash-plate injector, In which streams of fuel and oxidizer impinge at a point on 
the splash plate. This impingement produces sprays that eddy around the splash plate 
and promote further mixing of the propellants. The nonimpinging stream Injector, shown 
in figure 7-2(g), has a precombustion chamber in the form of a cup sunk into the injector 
face. Many streams of both propellants are injected into this precombustion chamber to 
produce a rather violent mixing. The premixing injector (fig. 7- 2(h)) has a premixing 
chamber into which the two propellants are injected tangentially to produce a swirling 
mixing action. There is a new and relatively efficient Injector which uses a quadruple 
impinging stream pattern. With this design, two streams of each propellant impinge at a 
common point. This injector Is particularly effective for use with storable propellants. 

The concentric tube injector, shown in figure 7-3, is probably the optimum design 
for hydrogen-oxygen propeUant combinations. The oxidizer enters the oxidizer cavity 
through the center pipe, then flows outward throughout this cavity, and enters the combus- 
tion chamber through the hollow oxidizer tubes. The fuel enters the fuel cavity, which is 
just under the injector face, and thence it flows into the combustion chamber through the 
annuli which surround the oxidizer tubes. 




Figure 7*3. - Cross section of concenlric*tube injector. 
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Combustion Instability 



All these injection techniques create a combustion zone which has a great deal of 
energy contained in it; this concentration of energy can cause severe problems. One 
great difficulty in developing new rocket engines is combustion instability, particularly 
the variety at high frequency which we call **screech” or "screaming. This phenom- 
enon has plagued propulsion people since afterburners were developed in the late 1940’s 
and has continued through ramjets and into the rocket field. Screech can increase heat 
transfer by a factor of as much as 10 and thus is extremely destructive. As an example, 
in figure 7-4 is shown an injector face which experienced screech for only 0. 4 second. 
Why Screech happens is not yet fully understood, but there has been, and there still is, a 
great effort aimed at trying to solve the combustion instability problem. What apparently 
happens in the engine is tliat pressure waves are set up which have various possible 
modes of oscillation as acoustic systems. The waves may oscillate, or pulse, from the 
injector face down to the exhaust nozzle throat where there is a sonic plane, and bounce 
back to the injector face - the longitudinal mode. They do this at the speed of sound, 




Figure 7-4. - Injector after operartion with screech for 0.4 second. 
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which in that medium is very high so that the frequencies in a large engine would be of 
the order of 2500 to 3000 cycles per second. It is also possible for the pressure wave to 
travel from the center of the engine or Injector area out radially to the walls of the cham- 
ber and back Into the center in an expanding- contracting fashion - the radial mode. 

There is another mode, the transverse, or tangential, where the pressure waves start at 
the top point and travel around and bump into one another at the bottom and reflect back 
around to the top. This tangential mode of screech is particularly destructive. 

Acoustic liners. - There are numerous ^ys of combating high frequency instability; 
one of the most promising techniques is the use of an acoustic liner which works much 
like the acoustic tile used on ceilings. The liner presents a perforated surface to the 
combustion zone and although part of each wave hits the solid part of the surface, bounces 
back, and is not dissipated efficiently, other parts pass through the liner into an acoustic 
resonator, an example of which is shown in figure 7-5. Helmholtz resonator theory is 
used to determine the size of the cavity behind the holes so that the sound energy, or 
pressure wave energy, that passes through the hole is broken up and dissipated. These 
Uners have been quite effective, but they are not a cure-aU. They are a very valuable 
tool, but we have not yet learned how to fully optimize the design of these devices to 
achieve maximum effectiveness. 

Baffles. - Another way of eliminating this instablUty which is usually successful is 
by the use of baffles on the injector face. Shown in figure 7-6 is an injector with such 
baffles from the Air Force Transtage engine. Four baffles are used that extend down into 




Figure 7*5. - FligW weight acoustic liner for screech suppression. 
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Rgure 7 - 6 . - Baffles att^c^ed to injector face for screech preventina 



the combustion zone to interrupt the progress and reinforcement of these tangential pres- 
sure waves. This method is based on the hypothesis that screech originates much like a 
detonation wave; once the disturbance is created in the combustion zone, the waves ac- 
celerate the combustion process locally, which, in tux*n, provides energy to reinforce 
the wave. These waves will propagate and grow as they feed on the chemical energy that 
is present. The baffles represent an attempt to interrupt the waves and reflect them 
back into a zone where there is no unbumed propellant to supply energy for their contin- 
uation. Other hypotheses have been advanced, however, and no theory is yet confirmed. 



Cooling 

Having created an inferno, the designer is next faced with the problem of how to con- 
tain it. The gas temperatures vary between aboiit 4000° and 7000° F, depending upon the 
particular propellant combir.ation. However, most of the structural materials in common 
use melt at much lower temperatures. For example, stainless steel or Inconel melt at 
about 2200° or 2400° F, much below the combustion gas temperature. There are refrac- 
tory alloys such as molybdenum which melts at around 4700° F. However, the use of 
molybdenum poses some problems because it oxidizes extremely rapidly; in fact, it will 
simply sublimate, going directly from the solid phase into the gas phase unless it is pro- 




tected from oxygen attack. Coated molybdenum Is, therefore, one of the materials that 

are being carefully considered in advanced engines. 

Reaeneratlve method. - Since no known material will work unassisted, the designer 

must employ active cooling techniques. There are many ways to cool engines, none of 
which are optimum tor all propellant combinations or all types of engine. Therefore, 
several different techniques are used. Regenerative cooling, perhaps the most common 
system, is used In the Atlas engines, in the F-1, and the J-2 engines used In the Saturn 
booster stages. Figure 7-7 shows a cross section of a regeneiatlvely cooled en^ ne 



\ gentrator 
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Figure 7*7.* RegeneralhreJy cooled rocirt engjne. 



where one of the two prepeUants is used as a coolant. The propellant used for cooltag is 
piped into the engine at the downstream end of the exhaust nozzle. There it is dm e 
among as many as perhaps 100 small tubes which extend the entire length of the engine 
and are orezed together to form the walls of the engine. Each of these tubes is specially 
formed and tapered to change the local velocity of the coolant as it passes forward to the 
injector. The Ic ll coolant velocity is calculated to match the expected heat distribution 
from the combustion process. In the case of the hydrogen burning engines, hydrogen is 
used as the coolant because it is excellent in this regard. It can be heated to almost any 
temperature and wiU continue to absorb heat so that the hydrogen itself does not pose a 
limitation. B, on the other hand, hydrazine is used to cool an engine, like those m t e 
Titan, local velocity must be very high because the hydrazine will detonate if it gets 

abovG 210° or 220° F. 
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Ablative cooling. - There are some cases where the regeneratively cooled engine 
cannot be made to cool properly. One of these cases is where there is a need to throttle 
the engine to produce a lower thrust. When the engine is throttled, propellant flow is 
reduced and the velocity of the coolant in each of the coolant tubes is reduced. Accord- 
ingly, the heat-transfer capability of the coolant in the tube decreases. Consequently, 
the metal begins to overheat and burnout will occur. The engines for the Aixjllo landing 
vehicle, which require a 10! 1 throttling, use ablative cooling. These thrust chambers 
are made essentially of glass fibers and a plastic. The problem of reduced propellant 
velocity is avoided because the ablative engine is not adversely affected by operation at 
reduced thrust. In figure 7-8 Is shown an example of an ablative engine after firing. 




C-66-?9u 

Figure 7-8. - Sectioned eWative conbuslion chamber after 151 seconds of operatioa 



This engine is almost the same size as the engine to be used in making the lunar landings 
with Apollo. The Apollo engine is made of quartz fibers which are more or less perpen- 
dicular to the engine centerline; these are imbedded in a phenolic resin. The principle 
of operation here is this: the heat vaporizes the resin, each pound of resin absorbing 
between 2000 and 5000 British thermal units of heat in the process. The gases that 
evaporate from the resin flow over the hot inside surface of the combustion chamber and 
nozzle, cooling these surfaces by evaporation. Furthermore, the gases act as a barrier 
to prevent more heat from entering the ablative wall from the hot combustion gases. 
Eventually, however, the quartz fibers melt and beaded runoff of quartz occurs. This 
principle was used on the heat shield of the first reentry body returned from space. It is 
also the principle that is used on the Mercury capsule heat shield and o.n the Apollo heat 
shield as well as the engines. 




Figure 7-9. - Injector with porous faceplate for transpiration cooling. 



Transpiration cooling. - Another technique for cooling rocket engines is transpira- 
tion cooling. Transpiration cooling simply consists of using a porous material to fabri- 
cate the chamber wall, and forcing through the porous wall a small quantity of one of the 
propellants. This is practical, particularly with a propellant such as hydrogen which is 
gaseous by the time it emerges on the hot side of the wall. Figure 7-9 is a view of an 
injector with a porous faceplate for transpiration cooling. One common way of making a 
porous wall consists simply of layers of stainless screen that are then pressed and sin- 
tered to make a rather rigid structure. The merit of the transpiration cooling system is 
that it probably can be made to work under the most severe heat-transfer conditions we 
can imagine. It will probably allow higher chamber pressure (with its consequent higher 
heat transfer) than will either the regenerative system or the ablation system. There is 
a penalty, however, in performance in using transpiration cooling, particularly if ex- 
tremely severe heat-transfer conditions require high coolant flows. Much of the propel- 
lant used as a coolant flows through as a boundary layer and does not become fully in- 
volved in the combustion process. This means that more propellant is needed with this 
cooling system than with either of the others, propellant which adds weight but little 
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I thrust. Therefore, by comparison, a transpiration cooled engine is slightly less effi- 
1 cient than either a regenerative or an ablative cooled one. 

I Dump cooling . - An experimental engine using the dump cooling technique is shown 
j in figure 7-10. The dump coolant, hydrogen in this case, enters a concentric shell 

I 

j 

f 

I 

I Coolant Coolant 




Figure 7-10.- Sketch of experimental engine with "dump" cooling. 

around the combustion chamber at the injector end and flows around the chamber through 
helical passages to the aft end, thus cooling the chamber wall, hi a flight engine, the 
warm hydrogen resulting would flow through an exhaust nozzle independent of the main 
stream and would produce an impulse almost as high as the main propellant stream. 

This technique is probably most applicable to engines operating at low chamber pressure, 
j Radiation cooling . - A final method, which has been used on small engines in partic- 
I ular, is radiation cooling. With this technique, the combustion chamber is made from a 
; coated refractory alloy such as columbium, molybdenum, or tantalum -tungsten which can 
i operate at metal temperatures of the order of 3000^ F; such a chamber operates white 
hot. The inside of the chamber receives heat from the combustion gases which are of 
the order of 5000° F, while the outside of the chamber radiates the heat so received into 
space. The heat transfer due to radiation is in accordance with the Stefan- Boltzmann 
Law, which states mathematically: 




Q 
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where 



Q quantity of heat transferred/unit time j 

€ emissivity (usually about 0. 9), the ratio of radiation emitted by a surface to that | 

emitted by a perfect radiator ] 

T thrust chamber temperature, °R 

m . o-r* 3 

Tq temperature of matter surrounding engme, R ‘ | 

Inasmuch as the temperature in space is almost absolute zero, the equation becomes j 

When a radiation- cooled engine is started, the chamber will quickly heat to some very 
high temperature at which the heat rejected by radiation is exactly equal to the heat 
received from the combustion in the chamber. In practice, such engines must be care- 
fully located to avoid overheating any portion of the spacecraft which can "see" the hot 
chamber and, therefore, can receive radiation from it. 



PROPELLANT SUPPLY 
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Since the combustion chamber and its operation have been examined, it is appro- 
priate to examine next the systems which deliver the propellants to the combustion cham- ^ 
ber. Basically, only two system types are used: pressure -fed or pump-fed, although | 

many variations are possible with either system. | 

Fressure-fed system. - A typical pressure-fed system is shown schematically in 
figure 7-11. An inert gas, usually helnam or nitrogen, is stored under high pressure in ^ 
the bottle labeled "gas supply. " Prior to engine start, the gas is allowed to enter the | 
fuel and oxidant tanks through check valves (one way) and a pressure regulator which will | 
maintain the pressure in the tanks at some preset value higher than the desired thrust ^ 
chamber pressure. The engine is started by opening the fire valves in a carefully con- | 
trolled sequence (with the use of an electronic timer) to allow the gas pressure to force | 
the propellants into the thrust chamber. As the propellants are consumed, additional gas| 
is supplied to the tanks by the pressure regulator to maintain constant pressure until the ^ 
tanks are empty or shutdown is commanded. More sophisticated systems include variousl 
methods of heating the pressurant gas to reduce the quantity required. It should be noted | 
that with pressure-fed systems, the propellant tanks must operate at high pressure and | 
must, therefore, be strong and heavy. As a result, this system is competitive with pumi| 
fed systems only for fairly small missile plages. 
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Figure 7-11. - Typical pressure-fed propellant system. 



{ 



Pump-fed system. - One version of a pump-fed system, used for the RL-10 engines 
in the Centaur vehicle, is shown schematically m figure 7-12. Boost pumps at each pro- 
pellant tank, not shown, are driven by catalytic decomposition of hydrogen peroxide in a 
gas generator to supply propellants at relatively low pressures to the inlet of the pumps 
shown in the figure. The oxygen is pumped to a pressure of about 500 psi and then passes 
through the mixture ratio control valve to the injector, which sprays it into the combustion 
chamber. Hydrogen, on the other hand, is pressurized by a two-stage pump; from there. 
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it enters the engine cooling jacket wh re, in cooling the chamber its temperature is in- 
creased from about 40° to 300° R. The warm gaseous hydrogen leaving the front end of 
the cooling jacket is then used to drive a turbine which powers both the hydrogen and 
oxygen pumps. After leaving the turbine, the hydrogen passes through the injector into 
the combustion chamber. Pump speed is regulated by a controlled bypass of some of the 
hydrogen around the turbine. The system just described is referred to as a "bootstrap" 
system. Another common system simply employs a separate combustion chamber or gas 
generator using engine propellants tapped off the main supply lines to drive the turbine 
which drives the pumps. The exhaust gas from the turbine is ducted overboard through a 
separate nozzle. 



Propellants 

To round out this brief description of chemical rocket propulsion, it is appropriate 
to consider the propellants - and the reasons for their selection. In figure 7-13, specific 
impulse is plotted as a function of the bulk density of the propellant combination for a 
number of combinations. It should be recalled from a preceding chapter that specific 
impulse is a figure of merit much like gas mileage of an automobile. It is equal to the 
pound-seconds of thrust produced for each pound-per-second of propellant flow. It will be 
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Julk density, g/cc 

Figure 7-13.- Performance characteristics of typical propellant combinations. 
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seen that the maximum values of specific impulse are achieved with OFg-Hg and Fg-Hg, 
followed by Og-Hg. These propellant combinations are, of course, of considerable 
interest since they give significantly higher values of impulse than the Og-RP-l used in 
Atlas or the NgO^-NgH^ used currently in Titan. 

By itself, however, specific impulse is not a singular criterion of merit - other 
factors must be considered, such as the bulk density shown by the abscissa. The overall 
objective of a missile stage is to impart a maximum change in velocity to the stage and its 
payload. As given in chapter 2, the equation relating these factors in space is: 



Wj weight of stage loaded with propellant 
Wg empty weight (at burnout) 

Inspection of this equation shows that the velocity change can be increased by increasing 
specific impulse, but also, it can be increased by decreasing the vehicle empty weight or 
structural weight. In this regard then, the use of higher density propellants will result 
in smaller propellant tanks and, hence, a lower structural weight. The trade-off between 
specific impulse and bulk density is indicated in figure 7-13 by the curve of constant AV. 
From this, it may be seen that F2"^2 produce a greater velocity change than will 
OF 2 -RP-I (for an equal velocity change, OF 2 -RP-I would have to show a specific impulse 
of 380 seconds instead of 350). Thus, the AV produced is not simply given by the ratio 
of the specific impulse values, but is also affected by the bulk density. 



There are other factors that are important in the propellant selection; one of them is 
hypergolicity. This ability of some propellant combinations to burn spontaneously is a 
desirable characteristic because it eliminates spark plugs or other ignition devices and 
thereby improves reliability. Another important consideration is the temperature at 
which the fuel and the oxidizer are liquid. Ideally, this temperature should be the same 




where 



Vj final velocity 
Vj initial velocity 

specific impulse 

bp 

g universal gravitational constant (32. 217 ft/sec^) 



Miscellaneous Considerations 
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for both; otherwise, the colder propellant will freeze the warmer one solid. For example, 
although hydrogen and nitrogen tetroxide make a good propellant combination, their liquid 
temperature ranges are so different as to require heavy insulation between the storage 
tanks. This means extra weight with its consequent interference with performance unless 
the stoi-age tanks are placed far apart - a design difficult to achieve in most rockets, and 
one which frequently adds weight in the form of extra piping and bracing. Toxicity is 
another factor. Fluorine is extremely toxic; nitrogen tetroxide is somewhat more toxic 
than phosgene. These toxic propellants have to be treated with respect and involve costly 
saiety equipment and procedures which the user would like to avoid. The designer must 
consider propeUants with ah adequate supply and reasonable cost. These have generally 
not been factors in the programs to date; however, they are important in selecting pro- 
pellants for advance missions, inasmuch as it is possible to specify something that is 
beyond our ability to supply. For example, if the tripropellant combination mvolving 
finely powdered beryllium were suddenly the only way of meeting a very energetic mission 
requirement, there would be enormous problems of fhlding supplies and suppliers. 

Storage and insulation ai-e important; for example , if the mission were to fly close to the 
Sun, say within 1/10 astronomical unit, and return, the mission time would be about 220 
days. To contain liquid hydrogen tor long time periods such as this without excessive 
boilott requires exceptional insulation, and the designer must pay the penalty m terms of 
weight, aher propellant combinations then, in this particular type of mission, are com- 
petitive, because, even though their impulse may be lower, the designer can avoid all 
this insulation weight. Finally, there is the consideration of the cooling capacity of the 
propellant; for example, hydrazine detonates at about 210° F and, therefore, is limited 
in the amount of heat it can absorb, but hydrogen can absorb any quantity of heat without 
limitations except those imposed by the materials to contain the hot hydrogen. 

This discussion has covered the more important factors of the many that govern the 
behavior of liquid propellant rockets and which the designer must consider. A detailed 
treatment of the subject is contained in Rocket Propulsion Elements by George P. Sutton, 
Third ed. , John Wiley and Sons, Inc., 1963. 
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8. ZERO-GRAVITY EFFECTS 



William J. Masica* 

Gravity is as familiar to us as breathing and probably just as much taken for granted. 
We expect water to be at the bottom of a glass, warm air to rise, a football pass to be 
completed, and, when we sit, to have a certain part of ourselves in firm contact with an 
object on the ground. We view balls that roll uphill and Indian rope tricks with suspicion, 
for experience tells us that we cannot defy gravity. 

Isaac Newton, at the early age of 23, was the first to really define the operations of 
gravity. Using the idea of accelerated motion discovered by Galileo and the planetary 
data supplied by Brahe and Kepler, Sir Isaac, with brilliant insight, arrived at the uni- 
versal rule of gravity: 

The gravitational force or the force of attraction between two bodies is directly proportional to the 
product of the masses of the two bodies and inversely proportional to the square of the distance 
between them. 



Expressed mathematically. 



m.,m„ 

F = G— 

where G is a constant. To be precise, this equation applies only to very, very small 
volumes of mass. Given a little more time (needed to develop calculus!), Newton was 
able to show that his equation also applied to any spherical mass of constant density ma- 
terial. The gravity force acts as if all the mass were at the center of the sphere, and 
the r in the equation is the distance between the centers of the spheres. 

The amazing part about this rule is that it is universal. Provided that we do not ask 
too many questions, Newton's equation works 99. 44 percent of the time. The gravita- 
tional force between masses of any shape can be calculated by breaking a large body into 
many small mass volumes, using Newton's equation to find the force caused by each of 
these small masses, and then adding all the forces together. Only the arithmetic becomes 
more difficult. 

Head, Fluid Dynamics and Heat Transfer Section. 
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Newton's gravity equation is an experimental rule; that is, it describes most ob- 
served facts of gravity. It cannot be derived, and it avoids explaining why or how one 
mass body attracts another. Einstein pretty well completed the remaining 0. 56 percent 
of the problem when he developed his theory of general relativity. Despite numerous 
challenges, general relativity has remained virtually unchanged since its formulation 
over 40 years ago - a truly remarkable fact (and testimonial) in view of the sweeping 
changes in every other krea of science. Today, Einstein's theory of gravity is generally 
accepted because it appears to agree with experimental observations. There remains, 
however, considerable disagreement as to just how good is the agreement. Recent 
measurements of the shape of the Sun by Dr. R. H. Dicke and his colleagues at 
Princeton University seem to suggest that Einstein’s theory needs some modification. 
Professor Dicke's challenge is being taken seriously. The debates continue in the 
scientific periodicals, and apparently it will be some time before the question is resolved. 
(For a readable text on gravity, including some of the original relativistic aspects, 

see ref. 1 ■ ) 



ZERO GRAVITY 

f 

I What would a world without gravity be like? In a classical world (one with reasonably 

large objects, times of the order of minutes and hours, and speeds weU below the speed 
of light - in brief, the kind of world we live in), Newton's gravity equation works very 
I well. According to Newton's equation, a gravity-free world would then be effectively a 

i massless world. For example, if the only mass system in our world were a glass of 

I water, the glass of water would experience no gravitational force. But, the mass of the 

1 water alone would still cause some small gravity force on the glass. The gravity forces 
I due to the mass of water in a glass are extremely small, so small that they can be re- 

1 garded as zero, simply because the masses, themselves are small. For all practical 

I cases, then, a gravity-free world could mean a world of small mass volumes, where 

; very ^ssive objects, such as planets, are absent. ActuaUy this is only one way of pic- 

turing a gravity-free world. If the glass of water could be magically placed at a spot be- 
tween the Earth and the Moon where the gravity caused by the mass of the Earth exactiy 
i cancels the Moon's gravity, the glass of water is in a gravity-free environment. The 
gravity force caused by the other planets is negligible because of their remoteness. 

A third way of describing a gravity-free world is a very practical one that can 
actually be obtained. Imagine that you are on an elevator, initially resting at the top 
floor. In one hand you are holding a ball, in the other, a glass of water. You feel grav- 
ity acting on your body because the elevator floor is in contact with your feet, pushing up 
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with a force exactly equal to your weight. If you drop the ball, it falls, accelerating at 
a rate of about 32 feet per second per second. Just as you pick the ball up, the elevator 
cables break, and the elevator begins to fall. Because of a streamlined elevator floor, 
there is no air drag, and you and the elevator begin to accelerate freely. While pondering 
your fate, you notice that the familiar tug of gravity on your body has vanished - to over- 
simplify, your feet cannot quite catch up to the elevator floor. If you gently release the 
ball, it will just stay there, floating in the elevator. As far as you are concerned, your 
short-lived world is gravity-free. Of course, the panic-stricken fellow standing on the 
ground sees all sorts of gravity forces: you, the elevator, and the ball all accelerating 
downward because of the Earth's gravity force. 

A gravity-free world, or zero gravity, or weightlessness is, therefore, a relative 
thing. In general, zero gravity means more than the effective absence of gravitational 
force in a world of small masses or at certain select places in space between planets. 

As long as a body, a rocket ship, or a glass of water is accelerating freely under gravity- 
type forces only, with no friction, air drag, or other forces acting, it will be in a zero- 
gravity environment to an observer moving aloi^ with it. Thus, the contents of a rocket 
with its engine shut off, coasting freely towards the Moon, are in zero-g. Objects on a 
platform falling freely on Earth in a vertical tower, evacuated to eliminate air drag, are 
in zero-g. The contents of a Gemini capsule that is moving freely in a stable orbit around 
the Earth are in zero-g. (Contrary to some popular statements, the net force acting on 
an orbiting spacecraft is not zero, nor could it possibly be zero - remember Newton's 
first law of motion?) Since friction-type forces are almost always present, a practical 
definition of zero-g, preferably in mathematical form, is still required. Later in this 
chapter, such a definition of zero-g for a fluid system is given. 

Your quick thinldng has saved you in that ill-fated elevator ride. While calmly 
awaiting rescue from the crushed elevator, your thoughts return to what happened during 
your brief moments in zero-g to the water in that glass you are still holding. 



SPACE FLIGHT IN ZERO GRAVITY 

The requirements of space flight have stimulated zero-g research. How will man, 
his life-support equipment, space vehicles, and all the various systems used in space 
flight perform in zero-g? The problems, which are many, range from the subtle bio- 
physical ones to the very practical problem of just turning a wrench. Since systems such 
as liquid propellants and life support are vital, much attention has been given to finding 
out what happens to a liquid-vapor or fluid system in zero gravity. A few of the problems 
and questions which have to be answered are shown in figure 8-1. This figure shows a 
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Figure 8-1. - Fluid management problems. 



propellant tank holding a cryogenic, fluid (liquid hydrogen, liquid oxygen, etc. ). On Earth 
under normal gravity, or l~g conditions, the liQ^uid is exactly where it should be. like 
water in a glass, the liquid is at the bottom. If liquid must be removed to start our en- 
gines on the pad, all that is needed is an outlet located somewhere at the bottom of the 
tank. Since cryogenics evaporate very easily and build up pressure in the tank, a vent 
located at the top of the tank can be opened to prevent a pressure explosion. If the vent 
is opened while the rocket is on the ground or during launch, only gas or vapor will be 

lost and not the precious liquid fuel supply. 

In zero-g while the vehicle is coasting, the requirements are much the same. The 
liquid should be at the tank outlet in order to be able to restart the engines; becausv? of 
the heat from the Sun and the like, the tank must be vented. Consequently, the liquid and 
vapor must be in a proper position in the tank. The problems have, however, been in-, 
creased in zero-g. Now an attitude control maneuver, for example, could easily cause 
the liquid and vapor to move around in the tank. In zero-g, the liquid will not necessarily 
return to the bottom or pump outlet part of the tank as it would in 1-g; gone is the reli- 
able restoring force of gravity. 



CAPILLARITY AND SURFACE ENERGY 

The first question is obviously what is the shape of the liquid surface in zero-g? The 
glass of water in 1-g has a fairly flat liquid surface or (to sound scientific) liquid-vapor 
interface, except near the walls of the glass, where the liquid curves up slightly. This 



curvature near the walls is due to very short-range, molecular forces that act something 
like electric forces. Another force, which acts along the entire liquid surface, is the 
surface tension force. Usually, we forget all about these forces in 1-g because they are 
very small; but in zero-g these are the only forces present and, therefore, these capil- 
lary forces are, relatively speaking, very large. 

Surface tension, or the fact that a liquid surface acts like a thin elastic film, is not 
quite a force. It might act like a force, but surface tension is really an energy-type quan- 
tity. Energy is a defined quantity used in physics and is very handy and easy to work 
with; it is a scalar, that is, a number. Numbers can easily be added, multiplied, or 
otherwise handled. A force is a vector and not quite so simple to work with. For 
example, as in chapter 9, if you want to add forces, you must consider both the magni- 
tude and the direction of each force. In one form, energy is the amount of work or effort 
required to move something somewhere. An arbitrary numbering system is given to 
energy to indicate that it takes more work to push a car 50 feet than to push it 5 feet. 
Closely related to the definition of energ 3 ' is the principle that all physical systems, 
when left alone, take the path (or shape or form) that requires the least amount of energy. 
Although this is given without proof, the principle is very familiar to all of us: we do the 
least amount of work to get a job done. Nature happens to work the same way. 

The idea of energy and the principle of minimum energy are powerful tools in physics. 
Together they can be used to solve many problems. They are especially useful in capil- 
larity. It takes work to remove a molecule from a liquid or solid surface; the larger the 
area between the molecule and its neighbors, the easier it is to pull out that molecule. 

For liquids, this amount of work, or energy, divided by the available area is called the 
surface tension. Generally, a large group of molecules over any unit area (an area of 
1 mm^, 1 cm^, etc. ) is usually considered. Surface tension is then an energy per unit 
area. Solids also have surface energies, and, as one might suspect, these are usually 
larger than those of liquids. It takes more work to pull out a tightly held metal surface 
molecule than a rather loosely held liquid surface molecule. Most liquids have surface 
energies in the range from 2 to 80 energy units per unit area, while solids cover the 
wider range from about 15 to over 800 energy units per unit area. 

Surface energy and the principle of minimum energy explain many everyday facts of 
capillarity. Water has a surface tension of 70 energy units per unit area. Wax has a 
surface energy of about 40 energy units per unit area. Water on a newly waxed car beads 
because the solid wax surface has the lower energy. Ilie water tries to cover as small 
an area of the lower energy wax surface as possible. This is the same principle behind 
the nonstick frying pans. These solid surfaces have very low energies, much lower than 
most food products. Thus, by the minimum energy principle, food will not stick to form 
new surfaces of higher energy. Of course, things also happen in reverse - a drop of oil 
with a surface tension of 30 will spread on wax to try to keep the new surface energy at 
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a minimum. Detergents, another example, lower the surface tension of water and, 
among other things, let the water spread more easily over fabrics to aid in washing. 

It is essential when using minimum- energy principles that ^ the energies be con- 
sidered. In the last paragraph, we lawe quite incorrectly neglected one of the energies. 

All solid-liquid-vapor systems (a glass of water, for example) have three surface ener- 
gies: the liquid -to -vapor , the solid-to- vapor, and the solid -to -liquid surface energies. 

If gravity is present, there is also the gravitational energy, for it takes extra work to 
move something against the gravity force. When each surface energy per unit area is 
multiplied by the area that particular surface covers, the product is an energy term, or 
simply a number. For example, if represents the surface energy per unit area of 

the liquid-vapor surface and is ^e area of that surface, then 

cr X A, , = X Area = Energy 

Area 

All the energy terms are added to give the total energy, and according to the prin- 
ciple of minimum energy, this total energy will be as small as possible. The only way 
the energy can change is if the areas of the surfaces change. Since all the areas cannot 
be made as small as possible (the glass of water is a fixed size), those that multiply the 
largest surface energies will be changed more. Thus, the liquid shape will be that shape .■ 
where the surface areas become as small as possible, with the largest area changes ! 

I 

being for those terms that affect the energy the most. \ 

CONTACT ANGLE ; 

i 

Finally, the boundary conditions have to be considered. One obvious boundary con- 
dition is that the liquid is in the glass; another condition is the contact angle. For many 
combinations of liquids and solids, the spreading of the liquid is not perfect. The liquid ' 
meets the solid at some definite angle. This angle is called the contact angle (0 in 
fig. 8-2) and its value may range from 0^ to well above 90°. Water on a very clean glass : 
surface has a 0° contact angle; on wax, about 90°. Mercury on glass has about a 130 
contact angle. Obviously, the contact angle is related to the surface energies. Forex- | 
ample, a hi^ conta.ct angle means that the surface tension of the liquid is probably 
greater than the solid surface energy. The contact angle has been shown both theoreti- 
cally and experimentally to be independent of gravity. Its value remains constant whether 
at 1-g or zero-g. 
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(Ij) Nonwetting liquid. 9O‘’<0<18O“. 
Figure 8-2. - Contact angle definition. 



LIQUID SURFACES IN ZERO GRAVITY 



With this information we can now explain what happened in that glass of water during 
the elevator ride. In zero-g the only forces present are capillary forces. According to 
the principle of minimum energy, the zero-g shape will be that shape where the sum of 
the surface energies is the smallest. This sum is made small by changing the areas of 
the liquid, vapor, and solid surface, while keeping the contact angle the same. Fig- 
ure 8-3 shows the zero-g shapes in various tanks for liquids with a 0® contact angle. The 
zero-g interface shape in a spherical tank is a vapor bubble, completely surrounded by 
liquid. In a partly filled cylindrical tank the liquid forms a hemispherical surface. No- 
tice that in each case, the area of solid (to vapor) is "minimized" to keep that relatively 
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(a) Spherical tank. 
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Figure 8-3. - Zero-g interface configurations for 0° contact angle liquids. 
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CONTACT ANGLE 

Figure 8-4. - One-g and zero-g interlace configurations. 

large energy term as small as possible. Figure 8-4 compares surface shapes in a cylin- 
der for different values of contact angle. In summary, the zero-g interface shape depends 
on three things: the fluid properties including the contact angle, the shape of the con- 
tainer, and the percentage of liquid in the tank. Given these, the zero-g shape can be 
defined by use of the idea of minimum total energy. 



ZERO-GRAVITY BAFFLES 

It is apparent from figure 8-3 that the zero-g location of the liquid and vapor could 
cause problems in rocket engine restart and venting operations. In a spherical tank, for 
example, the vent may be covered by liquid. Some method of positioning the liquid in 
zero-g is necessary. Since liquid surface shape in zero-g depends on tank shape, the 
position of the liquid can be controlled by changing the interior shape of the tank, for ex- 
ample, by adding baffles. A simple baffle is shown in figure 8-5. It is merely a tube 
mounted over the tank outlet with holes provided to allow the liquid to flow freely between 
the tank and the tube. For this baffled tank, a 0° contact angle liquid fills the tube over 
the lank outlet while the remaining liquid is distributed around the tube. Note that the 
tube also positions the vapor at the vent part of the tank. Another type of baffle is shown 
in figure 8-6. It consists of a sphere mounted off-center in the direction of the tank out- 
let within the main spherical tank. It can be shown, to use the familiar textbook words 
(which usually means, as it does here, with a lot of work), that these zero-g shapes do 
result in minimum total surface energy. 
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Figure 8-5. - Capiiiary standpipe baffie. 





(b) Zero-g configuration. 

CS-25175 



Figure 8-6. - Sphericai baffie. 



Baffles like these work fine in zero-g, where surface energies are dominant, but 
they usually cannot position the liquid under conditions of acceleration disturbances, such 
as those from space vehicle attitude control or docking maneuvers. However, they are 
able to move the liquid back to the desired location once the disturbance is removed. Fig- 
ure 8-7 shows a baffled tank with the liquid away from the desired position, as if displaced 
by some acceleration. Once the disturbance is remoyed, and a zero-g condition is re- 
stored, the liquid will return to the desired position over the tank outlet. All that is 
needed is that the liquid initially reach the baffle, so that it ’’knows” its minimum-energy 
shape. 

There are many other kinds of baffles, as well as other methods (a piston, spinning 
the tank, screens, use of electric forces acting on the liquids, and acoustics are just a 
few) which can be used to control liquid in zero-g. All have their advantages and disad- 
vantages (weight, sizes, reliability, etc.). One major advantage of passive baffles is 
that they have no moving parts, but one big disadvantage is that they generally cannot 
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Figure 8-7. • Fluid behavior In baffled tanks. 
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guarantee that the vapor will be at the vent, especially under very low-g rather than 
zero-g conditions. 



BOND NUMBER 

At this stage in the discussion, it is very disheartening to admit that true zero-g 
does not exist. The streamlined elevator floor of the earlier example will produce some 
drag because the elevator shaft cannot be evacuated completely. Even a rocket ship in 
space will have solar wind and light pressure causing small but measurable forces. In 
brief, "accelerating freely" is really impossible. When the Agena-Centaur or Saturn 
coast in low Earth orbits, they all will be in a low-g field as a result of atmospheric 
drag. Although the effective accelerations due to the air drag at these altitudes may be 
small, say less than 0. 00001-g (10'®-g), they are significant. 

A quantity called the Bond number indicates how large the acceleration forces are in 
comparison with the capillary forces. For a cylinder, the Bond number is 

<'lv 

where a is the effective acceleration, R is the cylinder radius, Ap is the difference 
in density of liquid and vapor, and is the surface tension. The Bond number appears 
in all mathematical solutions of low-g fluid problems. For our purposes, the Bond num- 
ber may be regarded as an experimentally defined quantity. The Bond number has no 
dimensions. For Bond numbers much less than 1, surface tension is dominant; for Bond 
numbers greater than 1, gravity dominates. A glass of water in 1-g has a Bond number 
of about 200 - gravity is important. For liquids, zero-g really means that the Bond 
number of about 200 - gravity is important. For liquid, zero-g really means that the 
Bond number is very small, say less than 0.01. In a fluid system, gravity or 
acceleration-type forces can be neglected below Bond numbers of 0. 01. 

If a cylinder is small enough, the Bond number will be small, even in normal gravity 
conditions. The liquid surface in a soda straw looks like the zero-g shape in figure 8-4, 
even though the straw is not accelerating freely, but is motionless in 1-g. This is so 
because zero-g is a relative thing and to a fluid system of small size, gravity effects 
may be very small when compared with others. On the other hand, in a tank of large ra- 
dius, a very small acceleration could result in a significant gravity effect. In general, a 
large Bond number (greater than about 100) means a flat liquid surface and that gravity or 
acceleration effects are important. A low Bond number (say less than 10) means that 
capillary effects predominate and, if the contact Angle is small, a highly curved liquid 
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Figure 8-8. - Calculated interlace configurations at various 
Bond numbers when 6 * 10 °. 



surface results. A set of Interface shapes for different Bond numbers is shown in flg- 

intte real case of low Earth orbits, the Bond number is parUcularly useful. Air 
drag will act in a direction to cause the liquid to move. A liquid surface is ^ « 
of resisting very much acceleration before it starts to move. For 
water will run out of an Inverted glass, it will remain in the straw as long as ‘he ‘op 
end stays closed. How large an acceleration can be applied (or, in -g, ow m ® 
the strlw's radius be) before liquid will move? Surface tension prevents the liquid from 
flowing in a straw, and the overall criterion of liquid flow is given by the Bond number 
He Bond numbe; is less than about 1, no liquid will flow; if the Bond number s gre ter 
than 1, liquid will How. Some of tire data which provided this information are shown in 

figure 8-9. 
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For vehicles like Centaur in low Earth orbits, the Bond number is greater than 1 
because of the large radius of the vehicle's tank. Thus, under the action of very small 
drag forces alone, the liquid propellants will move to tiie front of the tank. While baffles 
could trap some liquid at the pump inlet of the tanks, no baffle of reasonable weight can 
pasitively prevent liquid from covering the vent. For Centaur and Saturn, a positive 
method of locating the propellant was required. The chosen systems are similar and are 
summarized in figure 8- 10. Each system positions the propellants during the entire 
coast period by applying a small acceleration sufficient to overcome the drag. Hie Bond 
numbers created by the accelerations are greater than the Bond number caused by drag. 
In the case of Centaur, this acceleration, is produced by small rocket engines which burn 
for the entire 2 5- minute coast period. The Saturn system obtains thrust by properly di- 
recting the vented gas from propellant boiloff. 

Residual air drag and its effect on propellant location is only one of the many prob- 
lems. When the vehicle shuts off its engines to enter the coast period, other types of 
disturbances act on the propellant. The tank walls may give a little and then spring back, 
propellant slosh or the back-and-forth movement of the liquid in the tank may build up, 
and various return lines leading from the engine pumps to the tank may create liquid 
streams into the tank. If nothing were done to prevent these disturbances, the propellant 
would indeed be in a chaotic state. Eventually, the propellant would settle, but venting 
might be required in the meantime. A large part of zero-g development goes into finding 
simple and reliable ways of preventing or damping out liquid disturbances. Ihe settling 
thrusts are increased in size to handle large liquid flow velocities, and various baffles 
are used to keep propellant sloshing below some reasonable level. 

For long-duration space missions, the continuous application of even a small thrust 
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Figure 8-10. - Cryogenic propellant management systems, 




to liquid-vapor control would result in an Important weight penalty. The subject 

of heat transfer - how the heat inputs build up the tank pressure - requires additional 
study. Heat transfer depends in part on free convection (for example, warm air rising) 
and buoyancy effects (an air bubble rising in a liquid to the surface). Both of these rely 
on density differences and gravity, and, therefore, free convection and buoyancy are re- 

duced or entirely absent in zero-g. 

A large part of the research investigating these and other similar zero-g problems is 
conducted at the Lewis Research Center. Lewis has two drop-tower facilities to produce 
short-time-duration, zero-g and low-g environments. The drop tower is identical to the 
freely fall.mg elevator. One tower uses a drag shield around the experiment to reduce a r 




Figure 8-11. - Drop tower zero-gravity faciiity. Maximum payioad, 500 pounds; 
2.25 seconds of gravity iess than lO'^-g. 



drag (fig. 8-11), while the newest zero-g facility (fig. 8-12) uses an evacuated chamber. 

In both facilities, the drag acceleration is less than 10" -g, so that if our experiments 
are reasonably sized, very low Bond numbers (or zero-g) can be obtained. Zero-g times 
range from about 2 to 10 seconds. To obtain the 10 seconds, the experiment is shot up- 
wards by an accelerator or cannon-like piston. As soon as the experiment leaves the ac- 
celerator, it is moving freely under the influence of gravity only. Both the up and 
the down flight of the experiment will result in a zero-g condition. While 10 seconds does 
not seem to be a long time, and it is not, things happen relatively faster in smaU model 
tanks. Drop-tower results can be scaled up to larger sizes and longer times by using 
scaling-type parameters (numbers) like the Bond number. 
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Figure 8-12. - Cutaway view of 10-second zero-gravity research facility. 
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In conclusion, we have examined the meanings of zero gravity, the importance of 
capillarity and surface energy, the powerful physical tools of energy and the principle of 
minimum energy, and the behavior of fluids in zero-g. The subject is fascinating, cover- 
ing the full range from the implications of relativity to the practical areas of manned 
space flight in a world free of gravity. 
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9. ROCKET TRAJECTORIES, DRAG, AND STABILITY 




Roger W. Luidens* 

TRAJECTORIES 

The three phases of a typical model rocket flight are p>owered flight, coasting, and 
parachute descent. These phases, shown in figure 9-1, are analyzed in the following dis- 
cussion. (Vertical flight has already been discussed in chapter 3. However, the current 



,^Peak altitude 
3 / 




discussion concerns the more general, oblique trajectory. ) The analysis depends pri- 
marily on the use of Newton’s law, which states that the net force, or the unbalanced 
force, F applied to a body is equal to the mass m of the body multiplied by its acceler- 
ation A. 



F = mA (1) 

where F is in pounds, m is in slugs (m = W/g, where W is the weight of the object in 
lb, and g is the acceleration due to gravity in ft/sec ), and A is in feet per second per 
second (A = AV/At, or time rate of change of velocity). 



*Head, Flight Systems Section. 
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According to Newton’s law, U there are no unbalanced forces, then there is no accel- 
eration; and, conversely, if the acceleration is zero, then the forces are balanced, 
zero acceleration means that the mass m is moving at a constant velocity which may or 

may not be zero. 



ERICi 



Powered Flight 

In order to simplify the analysis, it is assumed that the entire powered flight is ac- 
complished with a Single stage. However, the equations can be applied to multistage 
rockets, as will be explained at the end of this section. Also for the sake of simplicity, 

the effects of drag are not considered. 

For those who are unfamiliar with trigonometry, some simple definitions will be 
useful here. The functions (sine, cosine, and tangent) are defined as ratios of sides of a 
right-angled triangle, as shown in figure 9-2. 




Thus, 



. Side opposite 6 

sin 6 = — 

Slant side 



cos B = 



tan 6 = 



Side adjacent to 6 
Slant side 

Side opposite 6 



Side adjacent to 9 

These functions depend only on the angle S, provided that the angle opposite the slant 

152 . 



Horizontal 




Figure 9-4. - Forces on a rocket during powered flight. 



side (hypotenuse) is 90°. 

Trigonometric functions are useful in vector considerations. (A vector is any quan- 
tity or characteristic that has both magnitude and direction, such as an applied force or 
the velocity of an object.) For example, a force F applied along the slant side at an 
angle 6 is equivalent to, or can be replaced by, a force along the adjacent side F cos 9 
and a force parallel and equal to the opposite side F sin a. This relation is illustrated 
in figure 9-3. Usually, but not necessarily, the adjacent side is considered horizontal, 
and the opposite side is considered vertical; in all cases, however, the two components 
are perpendicular to each other. 

As shown in figure 9-4, the net force F applied to the rocket in the line of flight is 
^ the rocket thrust T minus (because it is the direction opposite to the thrust) the compo- 
nent of the rocket weight in the line of flight, W sin 0. The flight-path angle 9 is meas- 
ured from the horizontal. So, in the line of flight 



F = T - (W sin 0) 



The mass m of the rocket is 



( 2 ) 



m = - (3) 

g 

By substitution of equations (2) and (3) into equation (1), the acceleration A of the rocket 
along the line of flight is found to be 




sin 0 1 g 
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The weight, and therefore the mass, of the rocket varies during the powered flight 
because of the "burning" and exhausting of the propellant. Thus, the acceleration varies. 
The acceleration at the beginning of the powered flight (point 1 of fig. 9-1) is 



Ai=(^-=in9i)g 



The 



acceleration at the end of the powered flight (point 2, fig. 9-1) is 






(5) 



( 6 ) 



where 



= We minus weight of propellant burned 



The average acceleration is 



Ai + Ag 



av 



From the definition of acceleration, the change in velocity AV is 

AV - V2 - Vi = A^^(tg - tj) 



(7) 1 



( 8 ) 



where tg - t ^ = t^^ is the rocket burning time, and V^ for a one- stage rocket is zero. 
The average velocity V^^ during powered flight is 



V = 
’'av 



Vi + Vg _^v 



= Vi + 



(9) 



The distance travelled As during powered flight is then 



” ^av^b 



(10) 



and the altitude reached by the end of powered flight is 



o 
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( 11 ) 



Ah = h 2 - = As sin 




The velocity increase due to rocket thrust (eq. (8)) can be written in other forms. 

If a rocket engine is test fired, the thrust can be plotted as a function of time, as shown 
in figure 9-5. This is known as the thrust-against-time history, or simply thrust-time 



history (discussed in chapter 6). The area under the thrust-time curve represents the 
total impulse of the rocket (discussed in chapters 2 and 15). The change of velocity 
can be stated in terms of as follows: 



If in figure 9-5 the thrust is constant during the burning time, then AV can be written 
in the commonly seen form 



where In means "natural logarithm of” and I is the specific impulse (discussed in 

sp 

chapters 2, 6, 11, and 15). The altitude may then be calculated as before, starting with 
equation (9). 

The preceding equations and discussion have been based on the assumption that the 
powered flight was accomplished with only a single stage. However, these same equa- 




Time, t, sec 

Figure 9-5. - Thrust-time history of rocket engine. 




(12a) 



2 



AV = Ispgln— -gt^sin 

Wo 



2 



2 



(12b) 
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tions also can be applied in the analysis of the powered flight of a multistage rocket. 

Consider a rocket consisting of a first stage designated by the subscript a and a 
second stage designated by the subscript b. Apply equations (5) to (12) to the first stage. 
The resulting values at the end of the first stage of powered flight are Vg , from equa- 

tion (8), and h« > from equation (11). For efficient staging (i. e. , to achieve maximum 

velocity after the two stages have burned), the second stage should ignite immediately 
after the burnout of the first stage. Thus, the conditions at the end of the first stage 
(conditions designated by subscript 2^^) become the conditions for the beginning of the 
second stage (conditions designated by the subscript 1,^); that is, V. = Vg , and 

D 3> 

h = ho Now, equations (5) to (12) may be applied a second time. Coasting flight then 
^b 

begins at burnout of the second stage. 



The coasting trajectory of a rocket (point 2 to point 4* in fig. 9-1) may be analyzed 
by considering separately the vertic.'*.! and horizontal components of the velocity. For the 
sake of simplicity, the effects of drag are ignored in this analysis. 

Vertical component of velocity . - This part of the flight is most easily understood by 
first considering the rocket at peak altitude (point 3 in fig. 9-1 and fig. 9-6). Here, the 
vertical velocity V is zero, the vertical distance, or altitude, is hg, and the time is 
tg. The only force acting on the rocket is that due to gravitation, and the acceleration of 
the rocket is thus the acceleration due to gravity. 



Coasting Flight 



A = g = 32.2 (ft/sec)/sec 



(13) 




\, 



^Trajectory 




-rrr * — ^ 

Figure 9-6. - Vertical components of acceleration, velocity, and altitude 
durltr coasting part of rocket trajectory. 




The velocity of the rocket when it reaches the ground at the end of coasting (point 4' in 
fig. 9-6) is the acceleration g multiplied by the coasting time from peak altitude t , 
(where t^, = t^, - tg): ^ 




The distance traveled hg is 



+0 

V'— 

'^av 2 ^ 



or, by use of equation (14) in equation (15) 



h - 1.^2 



(14) 



(15) 



(16) 



A more useful equation for the vertical velocity at the end of coasting may be ob- 
tained by another combination of equations (14) and (15). If the altitude hp is known, 
then 



(17) 

The ascending leg of the coasting trajectory is similar to the descending leg; that is, 
one leg is a mirror image of the other leg in a vertical plane through the peak altitude. 
The vertical velocity at the end of powered flight (at burnout) can be determined by 

calculations which will be discussed in the section Relating the vertical and horizontal 
velocity components . Equation (17) can be rearranged to give the altitude increase above 
the burnout altitude. So, the peak altitude is 



"3 





(18) 



Horizontal component of velocity . - The horizontal component of velocity is shown 
in figure 9-7. Because there is no force acting in the horizontal direction during coasting 
flight (gravity acts only in the vertical direction), the horizontal component of velocity 
Vjj remains constant even though the vertical component of velocity changes. Therefore, 

% = \ = = Vh (19) 
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Figure 9-8. - Relation between 
veitical component, horizon- 
tal component, and total 
rocket velocities. 



The horizontal distance, or range, during coasting is 



R = Vut 
c he 



( 20 ) 



where t is the time in coasting flight from the end of burnout either to the point of par- 
achuto dWment (t^ = t^ - t^) or to the ground, if no parachute is used, (t^ = t^, = 

t„. - to). The total range from launch is R = Rg + , 

^ Relating the vertical and horizontal veloci ty components. - In general, the vertic 

and horizontal components of velocity are related as shown in figure 9-8. In this figure, 

V is the velocity of the rocket along its flight path, and e is the flight-path angle meas- 
ured from the horizontal. The velocities shown in figure 9-8 are related as follows: 



tan 9 = — 



( 21 ) 



and 






( 22 ) 



Sometimes 



it is convenient to write these relations in other forms. For example, 

V = V 2 sin 02 



(23) 
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\ = '^2 ®2 
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(24) 
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When these equations are applied at burnout (point 2 in fig. 9-1), as is indicated in equa- 
tions (23) and (24), then equation (23) gives the value required in equation (18), and equa- 
tion (24) gives the value required in equation (20). 

The coasting flight path described by the preceding equations (zero drag assumed) is 
a parabola. 



Parachute Flight 

When a parachute is deployed (point 4 in fig. 9-1), the vehicle quickly reaches its ter- 
minal velocity, which is a condition of no acceleration (constant velocity). As is shown 
in figure 9-9, there are now only two forces acting on the vehicle, and they are in equi- 





Figure 9-9. * Forces on a rocket during parachute 
descent. 



librium (equal and opposite). These forces are the aerodynamic drag D of the para- 
chute and the wei^t W of the vehicle. It should be recalled that Newton’s law states 
that when the forces are in equilibrium, the acceleration is zero; this law does not state 
that the velocity is zero. Since the drag increases with velocity, there is just one veloc- 
ity at which the drag equals the weight, and that is the terminal velocity. The aerody- 
namic drag of the parachute, in pounds, can be expressed as 
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(25) 



Dp = Cd 



.v! 



P 2 



where Cj^ is the aerodynamic drag coefficient of the parachute approximate value 

of 1.3), p ^is the air density in slugs per cubic foot (mass in slugs is weight in pounds 
divided by acceleration due to gravity in feet per second per second), Vp is the terminal 
velocity in feet per second of the parachute along its flight path, and Sp is the reference | 
area for the drag coefficient of the parachute (plan-view area of parachute in square feet). | 
By equating the drag to the vehicle weight, equation (25) may be solved for the terminal 
velocity Vp, which is a vertical velocity: 




The time for the parachute to reach the ground tp is 




General Equations of Motion 



The previous equations have been generated for special parts of the flight path. 
Equations of motion which are completely general and applicable to all phases of the 
flight may be found as follows : 

K the forces in the direction of flight in figure 9-10, including the drag that was pre- j 
viously omitted, are summed, the general vehicle acceleration can be determined to be 



A = 





(28) 



where in equation (26) S is the reference area for the drag coefficient. 

The change in velocity AV in an increment of time At is 

AV = A At (29) 
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and the velocity at the end of At is 



VAt = Vt+AV 



The increment of distance traveled is 



As= + jAVlAt 



The rocket weight at the end of At is 



= Wj - W At 



(30) 



(31) 



(32) 



where W is the weight flow rate of the propellant and 

W = X (33) 

^sp 

where I^p is the rocket specific impulse. (Weight flow rate and specific impulse are 
discussed in chapter 2. ) 

From the summation of forces normal (perpendicular) to the flight path, the change 
in path angle Ad is 
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, 6 cos l At 

V 



( 34 ) 



and the path angle at the end of At is 






(35) 



These equations may be integrated (i. e. , used repeatedly) over successive steps in time 
to determine the rocket flight path. This is usuaUy done by an electronic computer, but 
it may also be done by hand calculations. For near-vertical flight, sin 9 in equation (28) 
is 1.0, and equations (34) and (35) are not required. 



Orbital Flight 



The terminal velocity of the parachute was found by equating the vehicle weight to its 
drag. The two forces were in equilibrium. Orbital flight is an equilibrium between the 
centrifugal force and gravity, as shown in figure 9-11. 

The centrifugal force is given by the equation 

F = (36) 







Figure 9-11. - Balance of forces in 
orbital flight. 






Ij- 



where r is the radius of curvature of the orbital path and is only slightly larger than 

the radius of curvature of the Earth’s surface, (In the equations of the preceding sections 

the curvature of the Earth's surface has been ignored because the effect of this curvature 

on the trajectory of a model rocket is negligible.). For orbital flight, the centrifugal 

force F must be equal to the pull of gravity mg, so that 
c 



m 



v" 



= mg 



r 



(37) 



I; The velocity of a circular orbit about the Earth is then found by rearranging equa- 
tion (37) 




(38) 



The gravity of the Earth is about 32. 2 feet per second per second, and the radius is about 
4000 miles. Therefore, the velocity for a low circular orbit is 

= V32.2 X 4000 X 5280 := 26 000 ft/sec 










or 17 800 miles per hour. These numbers are only approximate. The circular velocity 
V is the velocity that must be provided by a rocket to achieve orbital flight. 

To escape from the Earth's gravity, an additional 41 percent in velocity is required. 
With this velocity, the rocket will occupy essentially the same orbit about the Sun as does 
the Earth. To go to another planet, a still higher velocity is required. To go to the 
Moon, a slightly lower velocity is sufficient because the Moon is in orbit about the Earth. 

Orbital flight may be viewed in another way to relate it to more familiar ideas of 
trajectories. Consider an imaginary cannon on top of an imaginary mountain that extends 
out of the Earth’s atmosphere, as shown in figure 9-12. The cannon points horizontally. 
A small powder charge will send the cannon ball a short distance before it falls to the 
Earth’s surface (trajectory 1). A larger charge of powder will send it a greater distance 
before it falls to the Earth’s surface (trajectory 2). With a sufficiently large charge, the 
cannon ball will never fall to the Earth's surface, because the Earth's surfece curves 
away at the same rate the cannon ball is "falling. ’’ The cannon ball is then in orbit (tra- 
jectory 3). 
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Figure 9-12. - Another view of orbitai flight. 



DRAG 

The rocket drag affects the rocket flight path and maximum altitude. The rocket 
drag consists of friction drag and form drag (fig. 9-13). The friction drag is the molas- 
seslike effect of the air on the vehicle as it passes through the air. This friction drag 
D| may be estimated by the equation 

D = C- X Surface area of rocket (39) 

I I 2 

where C. is the friction-drag coefficient. For a typical model rocket, is 0. 0045 for 
turbulent skin friction (for rough body surface), and it is 0. 0015 for laminar flow (for 
smooth body surface). 

The form drag is the result of low pressures acting on the rear or base arfeas of the 
rocket because of poor streamlining which leads to flow separation and turbulent air. 

The form drag can be determined by measuring the ba.ye pressure in a wind tunnel. 



Low pressure associated with flow separation 
causes form drag and turbulent alr- 7 ^ 

I \ 




frirtlon drag 

Figure 9-13. - Drag forces on a rocket. 




^/-Airfoil (streamlined shape) 




i; Figure 9-14. - Streamlining minimizes drag. 



The importance of good streamlining is illustrated in figure 9-14. The two shapes 

t 

I shown in the figure have the same drag. Obviously, a cylinder with its axis normal to 
I the flow direction is a high-drag shape. 






STABILITY 
Basic Concepts 



i Center of gravity . - The center of gravity, C. G. , is the point on a body where all 

I its mass (or weight) can be considered to be concentrated. A spinning or rotating body 
] which is not under the influence of aerodynamic forces or mechanical constraints (e. g. , 

[ a body thrown into the air so that it is spinning freely) will rotate about its center of 
I gravity. Under static conditions, a body balances about its center of gravity, 

j The C. G. of a model rocket can be determined by finding its center of balance. The 

I center of balance can be found by either of the methods shown in figure 9-15. In fig- 
! ure 9- 15(a), the C. G. lies at the intersection of the longitudinal axis of the rocket and a 
vertical line through the pivot point at which balance is achieved. In figure 9- 15(b), the 
C. G. lies at the intersection of the longitudinal axis of the rocket and the extension of the 
line of the string. fThe rocket should be built to be symmetrical about its longitudinal 
axis in weight, thrust, and aerodynamics. ) 

Center of pressure . - The aerodynamic forces act on all the external surfaces of the 
rocket to yield lift, side force, and drag. The point on the body where all these forces 
can be considered to be acting (concentrated) is the center of pressure, C. P. 

The most accurate way to determine the C. P. is in a wind tunnel or any air stream, 
as shown in figure 9-16. First, the rocket model is mounted on a pivot and is alined so 
I that its longitudinal axis is parallel to the direction of the airstream and its nose is point- 
ing upstream. In this position the model has zero angle of attack. (The angle of attack 
is formed by the longitudinal axis of the rocket and a line in the direction of the air- 
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Center of Longitudinal axis 




Center of 
balance-^ 


,^String 
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Balanced 



Down 




<a) By resting model on pivot. (b) By suspending model on string. 

Figure 9-15. - Methods of determining center of balance (and center of gravity) of model rocket. 
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(a) Low-angle-of-attack center of pressure. 
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(b) High-angle-of-attack center of pressure. 
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(c) Pivot behind both high- and low-angle-of-attack 
centers of pressure. 

Figure 9-16. - Centers of pressure of model rocket 
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stream. ) Next, the tail of the rocket is displaced to one side so that the rocket has a 
small angle of attack of approjfimately 15° (fig. 9- 16(a)). If the airstream causes the 
model to return to zero angle of attack, then the pivot point is ahead of the C. P. Several 
more rearward pivot locations are tried until one is found at which the model rocket no 
longer has the tendency to return to zero angle of attack. This pivot point, then, is the 
low-angle- of-attack C. P. 

A similar procedure may be followed to obtain the high-angle-of-attack C. P. In this 
case the rocket model is displaced to a high angle of attack of almost 90° (fig. 9- 16(b)). 
The pivot point at which the model maintains the high angle of attack to which it is dis- 
placed is the high-angle-of-attack C.P. The high-angle-of-attack C. P. is generally 
ahead of the low-angle-of-attack C. P. 

If the pivot point were moved to the rear of the low-angle-of-attack C. P. , then a 
displacement of the model from zero angle of attack to any other angle of attack would 
result in the rocket pointing downstream (fig. 9- 16(c)). 

A method of estimating the location of the C. P. of a model rocket without a wind- 
tunnel test is to locate its center of lateral area. The high-angle-of-attack C. I*, is 
very close to the center of lateral area. The procedure for finding the center of lateral 
area is to cut from a piece of cardboard the side outline (or shadow) of the model rocket. 
The center of lateral area of this cardboard outline is also its center of gravity. The 
center of gravity can be determined by the method already described in the section Center 
of gravity. 



Positive Static Stability 

Positive static stability is a property of a rocket such that when the rocket is dis- 
turbed from zero angle of attack, it tends to return to zero angle of attack. Since the 
rocket rotates about its C. G. and the aerodynamic restoring forces act at the C. P. , 
the relative positions of these two points determine the stability of the rocket. If the 
C. P. is behind the C. G. , the rocket has positive static stability. If the C. P. and 
C.G. are at the same point, the rocket has neutral stability. If the C. P. is ahead of 
the C. G. , the rocket has negative stability (i. e. , the rocket is unstable). 

For a stable rocket, the relative locations of the C.G. , the center of lateral area, 
the high-angle-of-attack C. P. , and the low-angle-of-attack C.P. are shown in fig- 
ure 9-17. Positive stability is essential for a predictable flight path. An unstable rocket 
can be a hazard to the persons launching or observing the rocket because its flight path 
cannot be predicted and it will not fly in the direction in which it is aimed. To ensure 
positive stability for all angles of attack, a model rocket should be designed so that the 
C.G. is located ahead of the high-angle-of-attack C. P. by a distance of 1 caliber (di- 
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\ \ 

Center of gravity^, \ \ ^ 



4-V- 






-k— u 



^Dlameter 

*^1 Diameter 

Figure 9-17. - Designing a rocket for positive static stability. 



ameter of. rocket), as shown in figure 9-17. The locations of the C.G. and the C.P. 
can be controlled by varying the size of the tail fins and/or the weight distribution of the 
model. Using the center of lateral area as the C. P. and locating the C. G. a distance 
of 1 diameter ahead of the C. P. generally results in a conservative and stable design. 
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10. SPACE MISSIONS 
Richard J. Weber* 

FLIGHT PATHS 



To serve as a foundation for the understanding of space missions, it is helpful first 
to consider the characteristic flight paths\of spacecraft. It has already been explained in 
chapter 9 that if an object is given a suffici^ently high horizontal velocity, it will not fall 
back to Earth. Instead it will continue to ”Wl” around the Earth in a circular path (pro- 
vided that the altitude is high enough so that ^tmospheric drag does not cause it to lose 
energy and descend). When the object is thus in a circular orbit (path A in fig. 10-1), its 




Figure 10-1. - Changes in fiight path caused by changes in initiai velocity. 
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velocity is such tha.t the centrifugal force just equals the gravitational attraction. 





^32.2 X 4000 X 5280 



26 000 ft/sec 



where V is the circular-orbit velocity, R is the radius of the orbit, Rq is the radius 
of the Earth, and gQ is the acceleration due to gravity at the Earth’s surface. 

K the initial velocity of the object is greater than V^., the orbital path is an ellipse 
(path B in fig. 10-1). With further increases in initial velocity, the apogee of this el- 
liptic orbit is moved farther away from the Earth. In the limit, the distance of the apogee 
from the Earth is infinity, the ellipse changes into a parabola (path C in fig. 10-1), and 
the object travels so far away from the Earth that it ’’escapes” from the Earth’s gravi- 
tational attraction and does not return. The initial velocity required for the object to just 
barely escape in this fashion can be determined by using calculus. The approximate value 
of this escape velocity is 



V = V2 V_ = 36 000 ft/sec 

0SC * C 



An object with this initial velocity will coast away from Earth at gradually decreasing 
speed until it finally reaches a very great distance from Earth at zero speed. The zero 
speed is relative to the Earth; since the Earth itself is moving around the Sun, the object 
will also be moving around the Sun in a circular orbit, just like a planet. 

If the initial velocity of the object is greater than the escape velocity, then the tra- 
jectory of the object relative to Earth is a hyperbola (path D in fig. 10-1). After the 
object has coasted a great distance away from Earth, it still has some excess velocity. 
Hence, instead of going into a circular orbit around the Sun, the object enters an elliptic 
orbit, as shown in figure 10-2. With each additional increase in initial velocity, the apo- 
gee of this elliptic orbit is displaced farther from the Sun, and the orbit may intersect 
the orbits of other planets (fig. 10-3). An interplanetary transfer mission can be accom- 
plished by aiming the trajectory and timing the launch so that the object and the other 
planet arrive simultaneously at the point of intersection of their orbits. 

Note that all the space trajectories discussed herein are simple conic sections 
(circles, ellipses, parabolas, hyperbolas) and that the flights consist primarily of coast 
paths only. Rockets are needed only to give the necessary velocity at the beginning of 
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Figure 10-2, - Excess energy yields elliptic orbit 
about the Sun. 



the flight (or at the end if we wish to slow down). (An exception to this sinqile condition 
is discussed in chapter 20, which concerns the use of electric propulsion. ) 

For real missions, of course, the analyses of trajectories are complicated by such 
factors as the orbits and orbital planes of other planets, the timing of the launch, the di- 
rection of the launch, the duration of the mission, etc. However, the basic concepts 
used in these analyses are the simple ones which have been described herein. 



MISSION OBJECTIVES 

A space mission essentially consists of a spacecraft traveling along a trajectory and 
carrying equipment to accomplish a particular job. A mission normally has one "direct" 
objective, and it may also have one or more "indirect" objectives. Some of the most 
common mission objectives are presented in the following list: 

(1) Direct 

(a) Application (weather study, communication, navigation) 

(b) Science (measurement of environmental conditions) 

(c) Engineering (development and testing of equipment) 

(d) Exploration 
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(2) Indirect 

(a) Prestige 

(b) Military value 

(c) Technological advancement 

(d) Stimulation of national economy 



(e) Alternative to war 

The mission obj^tive determines the destination of the spacecraft and the mission 
profile (the general way the mission is to be carried out). Destination and profile con- 
stitute the mission type. Die following are the various mission types: 

(1) Destination 

(a) Near-Earth 

(b) Lunar 

(c) Planetary 

(d) Other (solar, extra- ecliptic, asteroidal, solar escape) 

(2) Profile 

(a) Unmanned; manned 

(b) One-way; round trip 

(c) Flyby; gravitational capture (orbit); landing 

(d) Direct departure from Earth's surface; departure from Earth's surface by 



Sounding rockets are of particular interest because model rockets are more similar 
to them than to other full-size rockets. "Sounding" is the measurement of atmospheric 
conditions at various altitudes. A sounding rocket is relatively small. It is fired ver- 
tically, and without sufficient energy to place it into orbit or to cause it to escape Earth' s 
gravitational attraction. For the purpose of obtaining atmospheric data, a sounding rocket 
has the following advantages over other devices: 

(1) A rocket can obtain data at altitudes higher than that of a balloon (30 km) but lower 
than that of a satellite (200 km). Many important phenomena occur in this altitude region. 
Most of the radiation approaching Earth (X-rays, ultraviolet rays, energetic particles) is 
absorbed here, airglow and aurorae occur, meteoroids burn up, transition occurs between 
nonionized and ionized regions, etc. 

(2) Even at high altitudes, a rocket is superior to a satellite for determining vertical 
variations and for reaching a preselected point at a particular instant. 

(3) In general, a rocket is more flexible than a satellite in terms of operation and 
payload. Also, the rocket has a much lower initial cost. 



way of Earth parking orbit 



SOUNDING ROCKETS 
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The major disadvantage of a sounding rocket is its very limited lifetime; it is there- 
fore expensive in terms of cost per unit of information obtained. Nevertheless, sounding 
rockets have been used extensively in the past and will, no doubt, continue to be used in 
the future. 



MISSION PAYLOADS 

Once the mission objective is specified, the payload (equipment, power supply, etc.) 
necessary to accomplish the mission must be selected. In many cases the payload must 
be made smaller than is really desired, just because the available rocket launcher is 
limited in its capability. The following are two examples of typical mission payloads. 



Mariner IV 

The Mariner IV spacecraft (fig. 10-4) was designed to make scientific measurements 
about the planet Mars. It was launched by an Atlas-Agena booster on November 28, 1964 
and passed Mars on a flyby trajectory on July 14, 1965. During this time it traveled 
325 million miles on an elliptical path that missed Mars by only 6118 miles. Figure 10-5 
shows one of the pictures of Mars it took. The true payload of the spaceccraft consisted 
of the scientific instruments listed in table lO-I. The combined weight of these instru- 
ments was only 35 pounds; But other items which had to be added to this payload included 




Figure 10-4. - Mariner IV spacecraft. Mission, Mars flyby; weight, about 570 pounds; launch vehicle. 
Atlas Agena. 
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Figure 10-5. - Photograph of planet Mars taken by Mariner IV spacecraft. 



TABLE lO-I. - MARINER IV SCIENTIFIC 



INSTRUMENTS 



Description 


Weight, 

lb 


Power 

requirement, 

W 


Cosmic -ray telescope 


2. 58 


0.60 


Cosmic-dust detector 


2. 10 


.20 


Trapped- radiation detector 


2. 20 


.35 


Ionization chamber 


2.71 


.46 


Plasma probe 


6.41 


2. 90 


Helium magnetometer 


7. 50 


7. 30 


Television 


11.28 


8.00 



a radio to receive commands from Earth and to send back data, solar panels to provide 
electrical power for the instruments and radio, louvers for thermal control, propulsion 
for attitude control and midcourse guidance, structure to hold all the pieces together, 
etc. The weight of all this additional equipment was 535 pounds. Thus, although the true 
payload was only 35 pounds, the actual total payload which had to be launched into space 
was 570 pounds. This Mariner payload is typical of current unmanned, scientific flyby 
probes. 

Manned Mars Vehicle 



As an example of a very different type of vehicle payload, let us examine what might 
be required for a manned Mars landing mission. Ihe true payload in this case will be 
the crew of perhaps seven men plus whatever samples of Mars they try to bring back. 

The weight of the men and the samples would only be about 2000 pounds. But as far as 
the spaceship is concerned, this basic payload must be increased by all thq equipment 
and supplies necessary to keep the crew alive during their journey. As shown in fig- 
ure 10-6, it is convenient to divide this total payload into two parts. One part will be 
carried all the way to Mars and back again to Earth, whereas the other part is no longer 
needed after Mars is reached and so can be discarded there in order to lighten the space- 
ship. 
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Figure 10-6. - Payloads for interplanetary vehicle. 



i In the particular study quoted here, the round-trip payload consists of a command 

* module, a living module, and a lifting reentry vehicle to return the crew to the surface 
of the Earth; the total weight of this payload is estimated to be 80 000 pounds. Additional 
: equipment to be expended at Mars includes Apollo-type landing capsules and assorted 

1 orbital probes; the weight of this additional equipment is also approximately 80 000 

pounds. 



j ANALYSIS OF TYPICAL MISSION 

V 

f 

i Even a brief analysis of a manned interplanetary mission reveals the great com- 

I plexity of such a mission and the vast amount of planning required. As a typical example, 

' let us consider a mission with the specific objective of landing men on the surface of 

Mars for 40 days of exploration and then returning them to Earth. Theoretically, there 
are many ways of accomplishing this mission. The following is a breakdown of one 
reasonable method; 

(1) Various components of the interplanetary spacecraft are launched individually by 
Saturn V boosters into a parking orbit around the Earth. Then, from these components, 

i the spacecraft is assembled in orbit. 

(2) The assembled spacecraft is injected into an elliptic trajectory toward Mars. 
Nuclear rocket engines and hydrogen fuel are used for this phase of the mission. 

(3) After the spacecraft has coasted for 260 days, it is decelerated by nuclear rockets 

into a parking orbit around Mars. 
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(4) From this parking orbit, some of the crew members descend to the surface of the 
planet by means of Apollo-type landing capsules. 

(5) After the men have completed their 40 days of exploration, they return to the 
orbiting spacecraft by means of the landing capsules. Chemical rocket propulsion is 
used for this part of the mission. 

(6) Nuclear rockets are used again to inject the spacecraft into an elliptic path toward 
Earth. 

(7) After the spacecraft has coasted for 200 days, the crew transfers to an atmos- 
pheric entry vehicle. Chemical rockets are used to slow down this vehicle to a velocity 
of 50 000 feet per second. As the vehicle enters the Earth's atmosphere, it is slowed 
further by air drag. Finally, the vehicle glides to a landing on Earth. The trip has 
lasted a total of 500 days. 

The preceding example is just one, arbitrarily chosen method out of many, theo- 
retically possible ways of accomplishing the Mars mission. Many alternative methods 
will have to be analyzed thoroughly before the best one can be selected for the actual 
mission. 

Many of the factors that must be studied and analyzed are related to the trajectory of 
the spacecraft. For instance, the flight duration is very important. Fast trips require 
more fuel, while slow trips require more life-support supplies and equipment. Also, 
slow trips are more harmful to the crew because the men are exposed to more cosmic 
rays and solar flares, their muscles deteriorate from zero gravity, they become home- 
sick, etc. If the flight path approaches too close to the Sun, the effect of solar-flare 
radiation is intensified. If the velocity in returning to Earth is too high, the entry vehicle 
may burn up like a meteor. 

In picking the propulsion system there are also many alternatives. Chemical rockets 
are very light but use up much fuel. Nuclear rockets are much more efficient but are 
heavier and produce dangerous radiation. Hydrogen fuel is light but boils away unless the 
temperature is less than -423° F. 

With so many alternatives (of which these have been but a few examples), it is not 
surprising that there is great controversy about the best way to carry out the mission. 
Many engineers and scientists are now studying the problem so that a logical choice may 
be made in the future. One possible design for the spaceship is shown in figure 10-7. 

The weight of this ship in Earth orbit would be about 2 million pounds. A booster rocket 
large enough to launch this spaceship directly from the ground would weigh about 40 mil- 
lion pounds (more than six times the weight of the Saturn V rocket). Special maneuvers 
and/or desigpi techniques which may make it possible to reduce these weights include 
(1) using fuel for radiation shielding of the crew, (2) atmospheric braking at Mars, 

(3) midcourse thrusting, (4) Venus swingby, and (5) dividing the payload into manned and 
unmanned parts that are transported by separate vehicles traveling on dissimilar tra- 
jectories. 
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Obviously, the planning and execution of a space mission, particularly a manned 
mission, require the work of experts from almost every branch of engineering. Some 
examples of these branches are trajectory analysis, life support systems, radiation 
shielding, structural design, heat transfer, aerodynamics and fluid flow, instruments 
and radio, and propulsion systems, 
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I 11. LAUNCH VEHICLES 

r-- 

1 Arthur V. Zimmerman* 

I)" 

V 

i INTRODUCTION 

T;’ 

v;. 

I Investigation or exploration of space involves placing an instrument package or as- 

I’ tronauts and their life support and return capsule into space. Placing these payloads into 

space is the job of the launch vehicle. Although this chapter discusses only the problems 

>: and characteristics of launch vehicles for placing a payload into an orbit about the Earth 

(fig. 11- 1(a)), there are two other general classes of launch vehicle missions: sounding 
[ probes, and missions beyond the Earth to other bodies or regions of the Solar System. 

Sounding probes (fig. 11- 1(b)) are generally lofted by relatively small launch vehicles 
j (usually multistage solid rockets) to a high altitude above the Earth. Here, the space 

data are obtained quickly and the probe falls directly back to Earth. The other class of 



Coasting flight 
Powered flight 




CS-39352 

(a) Earth orbit. (b) Sounding probes. (c) Beyond Earth. 

Figure IH. • Launch vehicle missions.. 
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missions, that is missions beyond the Earth (fig. 11- 1(c)), is pally an extension of Earth 
orbit missions. The first step in going beyond the Earth is vWually to place the payload 
and one or more propulsion stages into an Earth orbit. Th&n, this assembly coasts in 
Earth orbit lontil the proper position in space is achieved and the remaining stage or 
stages of the launch vehicle are fired. This firing accelerates the payload to the proper 

velocity and direction for ultimately reaching the target body. 

Later, we will describe the NASA family of launch vehicles and give facts about the 

main vehicles. However, an appreciation of specific features of these launch vehicles 
requires an understanding of their general characteristics and some of the factors that 
determine their performance. 



TYPICAL TWO-STAGE LAUNCH VEHICLE 



o 

ERIC 



Most launch vehicles designed to establish an orbit around the Earth have more than 
one stage, usually two. The main reason for this is that an immense fuel weight is re- 
quired to launch a payload into orbit, and the fuel containers or tanks are a large part of 
the hardware weight of a launch vehicle. Late in the flight, most of these tanks are 
empty and represent dead weight that has to be carried along. To be efficient, as the 
vehicle flies into orbit, it throws away or jettisons stages consisting of empty tanks and 
other no longer useful weight. A mathematical explanation of this will be presented later. 

A sketch of a two-stage launch vehicle is shown in figure 11-2. Note that each stage 
is basically a complete vehicle in itself. Each stage has an engine system, fuel tank, 
and oxidant tank, all united by a structure. An interstage adapter is used to connect the 
second stage to the first. When the propellants of the first stage are consumed, the 
second stage is released from the forward end of the interstage adapter, and the second 
stage engine is started. The second stage and payload continue to accelerate to orbit, 
while the empty first stage falls back to Earth. The instrument compartment contains 
all of the electronic systems of the launch vehicle. This includes such things as the 
guidance and control systems, tracking and telemetry systems, electrical systems, 
batteries, etc. In figure 11-2, all these systems are neatly packaged into an instrument 
compartment. In practice, some or all of these systems are often scattered throughout 
the vehicle, alongside the tanks, on top of the tanks, between tanks, etc. 

The payload is attached to the launch vehicle through a structure called a payload 
adapter. Upon reaching orbit, the payload is usually released from the payload adapter 
and separated from the launch vehicle. Since the payload usuaUy consists of relatively 
delicate instruments and equipment, it must be protected from aerodynamic heating and 
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Figure 11-2. - Typical two-stage launch vehicle. 



■ loads during the high velocity flight through the atmosphere. This is done by covering 

! the payload with a large conical payload fairing. The payload fairing usually encloses the 
I entire payload and is attached to the forward end of the second stage or instrument com- 

i 

' partment. After the vehicle passes through the Earth's atmosphere on its way to orbit, 

I the payload fairing is no longer required, and often, then, it is jettisoned by splitting 
it in two halves and allowing it to fall away while the vehicle continues to accelerate 

■ to orbit. 

} 

j 

I 

f 

; Launch Vehicle Systems 



Many of the systems in a two-stage launch vehicle are the subjects of otlier chapters 
in this book, and so they will only be discussed briefly here. 

The weights of the major systems of the second stage of a typical launch vehicle are 
listed in table ll-I. This stage uses liquid propellants. Notice that the total empty or 
jettison weight for the stage shown is 4100 pounds. Since the stage has a propellant 
capacity of 30 000 pounds, the ratio of hardware weight to propellant weight is 0. 1366. 
For high performance, stages must have as low a hardware weight as possible. Typical 
stage hardware weights range from 10 to 20 percent of the stage propellant weight. 

Structure and tankage . - For many stages the propellant tanks also serve as part of 
the stage structure, and their respective weights cannot be readily separated. The stage 
structure and tanks are commonly fabricated from thin aluminum or stainless steel 
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TABLE ll-I. - SYSTEM WEIGHTS 



FOR A TYPICAL LIQUID PRO- 
PELLANT SECOND STAGE 

Hardware weight _ 4100 ^ q ^^ 66 . 
Propellant weight 30 000 



System 


Weight, 

lb 


structure and tankage 


1 000 


Propulsion and plumbing 


1 250 


Guidance 


350 


Control 


150 


Pressurization 


200 


Electrical 


250 


Flight instrumentation 


250 


Payload adapter 


150 


Residuals 


500 


Total hardware 


4 100 


Usable propellant 


30 000 


Total stage 


34 100 



sheets. The sheets are formed and welded into cylindrical sections. The cylindrical 
sections of the vehicle are often strengthened by using a series of circumferential rings 
and longitudinal stringers. 

Propulsion and plumbing . - Both liquid propellant and solid propellant rocket sys- 
tems have been discussed in previous chapters, and most of the discussion here assumes 
the use of liquid propellant rockets. The most common liquid fuels used currently in 
NASA vehicles are RP-1 (essentially kerosene), liquid hydrogen (LH2)> unsymmet- 
rical dimethyl hydrazine (UDMH, a derivative of hydrazine NgH^). The most common 
oxidizers are liquid oxygen (LOX), used with RP-1 and hydrogen, and nitrogen tetroxide 
(N20^) and inhibited red fuming nitric acid (IRFNA), both used with UDMH. 

Guidance. - The purpose of the guidance system is to keep track of the vehicle posi- 
tion and velocity throughout the flight and to command the maneuvers required to reach 
the desired target or burnout conditions. In radio guidance, most of the tracking and 
computations are done on the ground, and the maneuvers are commanded through a radio 
link with the moving vehicle. In a full inertial system, all the position and velocity de- 
terminations and computations are done on board the vehicle itself. The guidance system 
consists of accelerometers to determine vehicle acceleration, gyroscopes to determine 
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I the vehicle orientation in space, and an on-board computer to perform the necessary cal- 
I culations. Guidance and control systems will be the subject of chapter 12. 
i Control. - The control system is the on-board equipment that actually maneuvers 

j and stabilizes the vehicle in response to the commands given by the guidance system. In 
I many cases the attitude of the vehicle is controlled during main engine firing by gimbal- 
i ling the engine. During coasting, when the main engine is not firing, the control system 
consists of a series of small, low thrust rockets which are turned on and off to maintain 
i and stabilize the vehicle attitude. 

! Pressurization. - The pressurization system provides pressurizing gas to the pro- 

pellant tanks. This is required to force the propellants to the engine pumps or combus- 
tion chamber. Helium, a common pressurizing gas, is stored under high pressure in 
small, separate tanks on board the vehicle. During flight, a series of valves, regula- 
tors, and pipes are used to properly meter the gas to the propellant tanks. 

■ Flight instrumentation . - The flight instrumentation system consists of on-board 

vehicle and engine instrumentation, radio-telemetry systems, range safety systems, and 
! tracking systems. These on-board systems transmit vehicle data back to ground stations 
; for range safety, tracking, and systems performance evaluation purposes, 
i Electrical . - The electrical system provides electrical power to the on-board guid- 

j ance, control, and flight instrumentation systems. It consists of batteries, power con- 
! ditioning equipment, wiring harnesses, etc. 

Residuals . - The residuals consist of trapped liquid propellants and gases remain- 
ing in the tanks and feed lines after the main propellants have been consumed. 

Payload adapter. - The payload adapter is the structure that unites the payload and 
^ the launch vehicle. Its weight and configuration depend, of course, on the size and shape 
of the payload. 



Launch Sites 



Extensive ground facilities are required to prepare and launch a multistage vehicle 
to orbit. The Eastern Test Range (ETR) is used for launches that are predominantly 
eastward, and the launch sites are located at Cape Kennedy, Florida. The eastward 
launches are desirable, when feasible, since they take advantage of the rotation of the 
Earth to add velocity to that generated by the vehicle. The Earth's velocity at the lati- 
tude of Cape Kennedy is approximately 1350 feet per second eastward. The Western Test 
Range (WTR), with launch sites located near Vandenberg Air Force Base, California, 
are used for westerly and southerly launches. Southerly launches are desired for ob- 
taining polar or near-polar Earth orbits. 

The direction of launches from both ETI^^c^WTR are limited by range safety con- 
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siderations. That is, the vehicles are not generally allowed to fly over populated land 
areas. The direction of the launch is given by an angle called the launch azimuth. The 
azimuth angle is the angle measured clockwise from the geographical north around to the 
direction of launch (fig. 11- 3). Launches from the ETR are generally limited to azimuth 
angles between 45^ and 110^ and launches at WTR from 170 to 300 . 



Launch Vehicle Performance 

The computation of a launch vehicle trajectory and performance is a complicated 
procedure requiring the use of large electronic computers to obtain accurate solutions. 
However, some simplifying assumptions allow an approximate answer to be easily 
obtained. Assume that the launch vehicle will fly a 100-mile circular orbit. Actu- 
ally, a wide variety of Earth orbits are required to accomplish the various NASA mis- 
sions. However, almost all of these missions require minimum orbit altitudes near or 
above 100 miles. Below 100 miles, the Earth's atmosphere, although very thin, is suf- 
ficiently dense that, in combination with the high orbital velocities, it exerts a measur- 
able drag on the payload. This may result in undesirable payload heating and, also, 
rapid decay of the orbit back to Earth. The problem, then, is to accelerate the vehicle 
from zero velocity and altitude at the launch site to orbital velocity at 100 miles. As- 
sume that the Earth is not turning; this permits the initial velocity due to the Earth's 

rotation to be neglected and simplifies the calculations. 

A sketch of a typical launch trajectory is shown in figure 11-4. Notice that the vehi- 
cle launches vertically and gradually turns over as it accelerates. For a circular final 
orbit, the orientation of the vehicle at burnout must be horizontal, or parallel to the 
Earth's surface. The required orbital velocity was determined in chapter 9 to be about 
26 000 feet per, second. Recall that in circular orbital flight the vehicle is in balance 
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Figure 11-4. - Typical launch trajectory. 



between the outward centrifugal force and the inward pull of gravity. The centrifugal 
force is given by 




( 1 ) 



and this is equal to the pull of gravity nig^, so that 



I 

1 

I 




( 2 ) 



(All symbols are defined in the appendix. ) The velocity in a circular orbit above the 
Earth v^ is then found by rearranging equation (2) to give 



The acceleration due to gravity at the surface of the Earth g^ is 32. 2 feet per 
second per second. Actually, g^ gets smaller away from Earth (inversely proportional 
to the radius squared), and the g^ at altitude is given by 




( 4 ) 
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Substituting this into equation (3) gives 



V 



c 




(5) 



Using 4000 miles as the radius of the Earth and introducing the proper numbers into 
equation (5) give the circular velocity in a 100-mile orbit as 



V = \j32. 2 5^0^ = 25 750 ft/sec 

^ f 4100 5280 

The problem, then, is to accelerate the vehicle from zero velocity at launch to a hori- 
zontal burnout velocity of 25 750 feet per second at an altitude of 100 miles. 

The performance of the launch vehicle will be computed by using the ideal or basic 
rocket equation discussed in chapter 2. This equation gives the burnout velocity of a 
vehicle as 



W. 



Vk = In — ^ 

®e sp 






( 6 ) 



It is called the ideal equation because it gives the maximum velocity that a vehicle can 

achieve flying in a vacuum in gravity -free space. It does not account for losses such as 

gravity losses and aerodynamic drag losses which will be discussed later. Nonetheless, 

equation (6) is of great use in determining launch vehicle performance, and it bears 

some detailed discussion. First, g^ is the standard value of 32. 2 feet per second per 

second. The specific impulse, I__, is a measure of the performance of the rocket en- 

sp 

gines as defined and discussed in previous chapters. The specific impulse of engines 
used today on NASA launch vehicles range from a little over 200 seconds to as high as 
440 seconds, depending on the propellants used. The initial weight of the vehicle is W.; 
the final weight is W^. The weight of the propellant used can be determined from 

Wp = Wj - Wf (7) 

Given the initial weight of a launch vehicle, th.e amount of propellant on board, and the 
specific impulse of its engines, the vehicle’s burnout velocity can be determined by using 
equations (6) and (7). Conversely, if given a required burnout velocity, the final weight 
can be determined. These computations, however, require the logarithm of the initial- to 
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final-weight ratio. The logarithm used here is the natural logarithm (to the base e, 
where e = 2.7183), and the relation between a number and its natural logarithm is shown 
in figure 11-5. As an example, assume a latmch vehicle whose burnout weight is one- 
fifth its initial weight. Then, W./Wj = 5, and from figure 11-5 the natural logarithm of 
5 is 1.61. K the specific impulse of the vehicle engine is 350 seconds, the vehicle burn- 
out velocity from equation (6) is 

Vjj =(32.2)(350) In 5 = (32. 2)(350)(1. 61) = 18 150 ft/a ec 

Before equation (6) will apply to a vehicle flying to orbit, the losses encountered in 
flying a real trajectory must be considered. There are three fundamental losses. First, 
some of the thrust of the engines will be lost in overcoming the aerodynamic drag im- 
posed on the vehicle in flying through the atmosphere. This was discussed in chapter 9. 
Secondly, not only must the vehicle obtain a horizontal velocity of 25 750 feet per second, 
but it must also increase altitude from 0 to 100 nautical miles; this means that early 
in the flight (see fig. 11-4) all thrust is directed upward to gain altitude, and this thrust 
does not contribute directly into acquiring horizontal velocity. Finally, there are losses 
due to the gravitational pull of the Earth which are referred to as gravity losses. These 
exist because part of the engine thrust is used to overcome the Earth’s gravitational pull 
on the vehicle, and only part of the thrust is then left to accelerate the vehicle. Con- 
sider the example shown in figure 11-6 which indicates the status of a vehicle that has 
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just left the launch pad. This vehicle weighs 100 000 pounds and has a thrust of 125 000 
pounds. This initial thrust-to -weight ratio of 1.25 is typical of liquid propellant vehicles 
we are flying today. Notice that 100 000 pounds of thrust is used to support the vehicle 
(against the Earth’s gravitational pull), and only 25 000 pounds is left to accelerate the 
vehicle. Thus, initially, 80 percent of the thrust is lost in overcoming gravity. Fortu- 
nately, this loss decreases rapidly as the vehicle continues along the trajectory since it 
is getting lighter as it consumes propellants. Also, as the trajectory begins to curve 
over (fig. 11-4), part of the gravitational pull of the Earth is counterbalanced by the 
centrifugal force of the vehicle. Indeed, when it reaches orbit, the entire gravitational 

pull of the Earth is balanced by the centrifugal force. 

Exact determination of the three losses is a complicated calculation requiring solu- 
tion on an electronic computer. Experience indicates, however, that for a typical launch 
to orbit, these losses total about 4000 feet per second. Thus, the hypothetical launch 
vehicle whose performance is being calculated must have an ideal velocity capoblUty of 
30 000 feet per second: 25 750 feet per second to acquire orbital velocity and 4250 feet 

per SGCond to Account for thG Iossgs in An Actuftl trAjGctory. 

Now, the performance of a launch vehicle to orbit can be finally calculated. Assume 
that the initial weight of the vehicle is 110 OOO pounds, its specific Impulse is 390 sec- 
onds, and its hardware weight is equal to 10 percent of the propellant weight. Equa- 
tion (6) will now appear as 
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30 000 t: (32. 2)(390) In — 

W, 



or 



In - 30 000 

Wj (32.2K390) 



= 2.40 



Using figure 11-5 to evaluate the logarithmic function gives 



W, 



— i = 11.0 

W, 



and for the initial weight of 110 000 pounds, 

no 000 



Wf = 



11.0 



= 10 000 lb 



From equation (7), the propellant weight now becomes 

Wp = no 000 - 10 000 = lOO OOO Ib 

Thus, the vehicle has a burnout weight of 10 000 pounds in orbit and used 100 000 
pounds of propellant getting there. To obtain payload we need to subtract the hardware 
or jettison weight of the stage from the burnout weight. Since the hardware weight was 
assumed to be 10 percent of the propellant weight, the hardware weight is 10 000 pounds 
which when subtracted from the burnout weight leaves no weight for payload. This 
example demonstrates that it is very difficult to deliver payloads to Barth orbit with a 
single-stage vehicle. In practice, then, most payloads are delivered to orbit by using 
more than one stage. To demonstrate the advantage of staging we will repeat the problem 
using two stages to reach orbit. The payload and burnout velocity of the first stage are 
the initial weight and velocity of the second stage. Again, the total vehicle weight is 
taken as 110 000 pounds, and each stage has a specific impulse of 390 seconds and a 
hardware percentage equal to IP percent of the propellant weight. Finally, we assume 
that the 30 000-4oot-per-second ideal velocity is divided equally between the two stages, 
that is, 15 000 feet per second each. For the first stage (using eq. (6)), 
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or 



u,!!i = _iL222_. =1.194 

w, (32. 2)(390) 



Using figure 11-5 gives 



W 

Wx 



i = 3.30 



and the burnout weight of the first stage is 

w = ^^0 0P 2 = 33 300 lb 
* 3.30 



The propellant weight is 



Wp = 110 000 - 33 300 = 76 700 lb 
and thus the hardware or jettison weight of the first stage is 



Wh^ = (0. 10)(76 700) = 7670 Ib 

Subtracting this from the burnout weight of the first stage gives a payload equal to 
33 300 - 7670 or 25 630 pounds. The initial weight of the second stage then is 25 630 
pounds, and the second stage has to provide another 15 000 feet per second to reach 
orbit. For the second stage (using eq. (6)), 

^i 

15 000 = (32. 2)(390) In — 

Wf 



or 



_ 15 000 „ . , ,84 

Wj (32.2)(390) 



and 



— i = 3.30 
Wf 

The final weight in orbit is, then, given by 

W, = g?P = 7770 lb 
* 3.30 

and the second>stage propellant load is 

Wp = 25 630 - 7770 = 17 860 lb 

The hardware weight of the second stage is, then, 1786 pounds which when subtracted 
from the burnout weight gives us a payload in orbit of 7770 - 1786 = 5984 pounds. Thus, 
whereas the single-stage vehicle can deliver essentially no payload to orbit, the two- 
stage vehicle can deliver over 5 percent of its initial weight to orbit. 



NASA LAUNCH VEHICLES 

It is impractical to use a large vehicle such as the Saturn V to launch a small 
instrument package that can be launched by a smaller, less expensive vehicle such as 
the Scout. Qi the other hand, to develop a new vehicle for each mission is expensive. 
Consequently, NASA has developed a family or "stable" of vehicles of various sizes, and 
tries to use each member for a range of missions within its capability. Moreover, the 
more experience we have with a few vehicles, the more reliable we can make them. 

With this in mind, NASA's aim is to develop the smallest number of vehicles consistent 
with the full scope of space missions now foreseen. 

At present, NASA is actively using seven launch vehicles. They are the Scout, Delta, 
Thor-Agena, Atlas-Agena, Atlas -Centaur, Uprated Saturn I, and Saturn V. The Thor- 
Agena and Atlas-Agena were developed by the U. S. Air Force and are used jointly by 
NASA and the Air Force. The remaining vehicles were or are being developed by NASA. 
The Uprated Saturn I and Saturn V are man-rated vehicles and will be used for manned 
missions. The other vehicles are all used for unmanned missions. The characteristics 
of all the vehicles are summarized in table 11 -II. 
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APPENDIX - SYMBOLS 




ge 




centrifugal force, lb 


'^b 


burnout velocity, ft/sec 


acceleration due to gravity at 


Vc 


circular orbital velocity, ft/sec 


orbital altitude, ft/sec^ 


Wf 


final weight, lb 


acceleration due to gravity at 

2 


Whw 

Wi 

'"p 


hardware or jettison weight, lb 


Earth's surface, ft/sec 
specific impulse, sec 
mass, slugs 


initial weight, lb 
propellant weight, lb 



orbit radius, ft 
radius of the Earth, ft 
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\l INERTIAL GUIDANCE SYSTEMS 
Daniel J. Shramo* 

NAVIGATION 



The ancient navigation problem is one of determining the position of a moving vehicle. 
This problem can be extended into knowing the position of the destination, which also 
may be moving, and then comparing the present position of the vehicle with that of the 
destination to provide steering signal informaticn. But the heart of the problem is the 
constant knowledge of the present position of the vehicle. Inertial navigation is one of 
the most recent solutions. Pilotage and celestial navigation are classic methods still 
very much in use. Pilotage is simply looking for familiar landmarks or features that 
can be identified on charts. Celestial navigation is based on the fact that at a given 
instant of time, the observed positions of the stars are unique for any point on Earth. 
Recently, various electronic aids have been developed to simplify the navigation problem. 
Some electronic aids, such as loran and shoran, are based on phase relations between 
signals received from two or more ground stations; others, like omnirange or VOR, 
are based on the unique phase relation of two signals from one station. Radar on the 
vehicle itself can reproduce an image of the terrain which can be interpreted as in 
pilotage. 

All navigation systems, except the inertial navigation systems, have one feature 
in common: that is, the vehicle must collect external information - visual or electronic - 
to determine its present position. The uniqueness of inertial navigation is that it is self- 
contained and needs no external information. Once it has been given an initial orienta- 
tion, the inertial system senses only the motion of the vehicle and navigates by calcula- 
ting the change in position. This independence is increasingly important in vehicles that 
must operate in all kinds of weather or away from groxmd radio transmitters and at 
speeds which may ionize the surrounding air and interfere with radio transmission. 

Because of inertial navigation, ballistic missiles, satellites, and spacecraft can now be 
designed to operate anywhere. 



*ChIef, Guidance and Flight Control Branch, Centaur Project Office, 
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Figure 12*1. - Basic inertial navigation syslem. 



INERTIAL NAVIGATION SYSTEM 

The basic Inertial navigation system can be thought of as a system whose orientation 
is fixed, whose Input is a physical acceleration (i. e. , a rate of change of velocity), and 
whose output is the vehicle's present position (fig. 12-1). This process of converting 
acceleration to position requires three major components: the Inertial reference unit, 
the acceleration sensing unit, and the computing unit. 



INERTIAL REFERENCE UNIT 

The function of the inertial reference unit is always to maintain a fixed orientation 
regardless of the direction in which the carrier vehicle is moving. Like a compass 
needle, the inertial reference unit always "points north, " but it differs from a compass 
in that it does not need a lump of magnetic material to tell it where "north" is. More- 
over, unlike a compass needle, the inertial reference unit must remain fixed in three 
directions - "north -scjuth, east-west, and up-down;" These directions are seldom 
tliose of the compass, so they may be called the x, y, and z axes of the reference 
system. However, since the inertial reference xinit can maintain orientation in any 
reference system, it is generally desirable to select a system that has at least one 
visible reference point, such as a star. 

No matter what is happening to the vehicle, the Inertial reference imlt must always 
maintain its fixed orientation. This is achieved first by mounting a platform so that it is 
completely free to move, and second, by adding gyroscopes to keep the platform orienta- 
tion constant. 



Gimbals 



Gimbals are simply a series of rings of diminishing sizes which are mounted one 




Figure 12*2. - Inertial reference platform mounted on gimbals in vehicle. 

inside the other on pivots. The pivots, located 90° apart, allow each ring to rotate 
independently. The most freedom of motion is achieved with four rings that can move 
freely about their pivots. Mounted on the last, inside ring, or replacing it, is the iner- 
tial platform, which must maintain the fixed orientation (fig. 12-2). 



Gyroscope 

Gyroscopes keep the inertial platform oriented independently of the motion of the 
vehicle. They provide the stable reference axes for the rest of the system. Since there 
are three, mutually perpendicular axes (x, y. Mid z), there must be one gyroscope 
mounted along each of them. However, since all gyroscopes operate in the same way, 

only one needs to be discussed here. 

Any discussion of the behavior of a gyroscope necessitates the use of certain terms 
which must be clearly understood. These terms are torque, moment of inertia, couple, 
and input turning rate. These terms are illustrated in figure 12-3. 

Torque. - Torque T is the common measure of the effectiveness of a twisting force 
acting on a body. This effectiveness is measured by the product of the force F and the 
perpendicular distance d from the line of action of the force to the axis of rotation. 

Moment of inertia . - This is a measure of the resistance offered by a body to 
angular acceleration. The moment of inertia I of a body about a turning axis is the 
product of the mass M of the body and the square of the distance r from the mass 
to the axis of rotation. 

Couple . - A couple consists of two parallel forces (Fj and Fg) that are equal in 
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Figure 12*3. - Basic »crms and concefts. 



magnitude but opposite in direction and whose lines of action do not coincide. The sole 
effect of a couple is to produce rotation. The resultant torque produced by a couple is 
equal to the product of either of the forces constituting the couple and the perpendicular 
distance D between their lines of action. This product is called the moment of the 
couple. The moment of a couple is the same about all axes perpendicular to the plane of 
the forces constituting the couple. 

Input turning rate . - Input turning rate w is a measure of the response of a point 
or body to a torque. To allow a comparison of the effects of the same torque on bodies of 
different sizes, the turning rate is often expressed in angular degrees per second, or 
radians per second (1 radian = 57. 3®). 

A useful characteristic of a gyroscope is that a turning rate about its input axis 
causes a torque about its output axis (these two axes are perpendicular to each other). 
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Figure 12-4. - Gyroscope reference aes. 



The three axes ol a gyroscope are shown in figure 12-4, where SA is the spin axis, 
lA is the angular turning rate input axis, and OA is the gyroscope gimbal torque output 
axis. (Note that these gyroscope axes are not the same as the orientation axes.) The 
interrelation of the three axes is such that if the positive end of SA is rotated towards 
the positive end of lA, the positive direction of OA is determined by the ’’right-hand 
rule. ” This rule is a common method of designating a sign convention (either positive 
or negative) for the direction of rotation about an axis and for the relative directions of 
the three mutually perpendicular axes of a gyroscope. 

One form of the right-hand rule is used to determine the direction of rotation about 
an axis relative to the direction of that axis (fig. 12-5(a)). For example, assume that 
the thumb of the right hand lies along the spin axis of the gyroscope wheel and that the 
thumb is pointing in the positive direction along this axis. Then, the positive direction of 
rotation about this spin axis is the direction in which the fingers of the right hand point as 
they curl arour,d the line (or axis) formed by the thumb. Obviously, this rule can also be 
used in reverse; that is, if the positive direction of rotation about an axis is known, then 
this rule can be used to determine the positive direction of the axis. 

Another form of the ri^t-hand rule can be used to determine the relative directions 
of three mutually perpendicular axes (fig. 12-5(b)). In this application, assume that the 
ri^t thumb pointing upward indicates the positive direction rf a single axis. Then, the 
positive direction of a second axis can be indicated by the index finger pointing forward 
so that it is perpendicular to, and in the same plane as, the thumb. The positive direc- 
tion of a third axis can be indicated by the middle finger pointing in such a way that it is 
perpendicular to the plane of the thumb and index finger. Thus, if the thumb, the index 
finger, and the middle finger of the ri^t hand are used to represent the three axes of a 
gyroscope, the relative positive (or negative) directions of these axes are the directions 
in which the fingers are pointing. 

The ri^t-hand rule can be used to describe the behavior of a gyroscope. Assume 
that the spin axis is the thumb, the input axis is the index finger, and the output axis is 
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(al Determining direction of rotation relative to direction of axis. (bl Determining relative directions of three mutually 

perpendicular axes. 

Figure 12-5. - Applications of right-hand rule. 



the middle finger. Also assume that the gyroscope wheel is spinning about the spin axis 
(thumb) in the positive direction according to the right-hand rule. Now, if positive 
rotation (according to the right-hand rule) is initiated about the input axis (index finger), 
the gyroscope will rotate about the output axis (middle finger) in the positive direction 
according to the right-hand rule. 

Some practice with the right-hand rule can be of considerable help in the xmder- 
standing of the sign conventions and of the operation of a gyroscope. 

The gyroscopic torque or precession phenomenon should be understood before gyro 
performance characteristics are considered. In a nonspinning disk which is turning 
about an axis that lies along a diameter of the disk, as shown in figure 12 -6 (a), the 
masses at points A and C lying along the input axis have no velocity; however, the masses 
at points B and D at 90° to the input axis have maximum velocity and are opposite in 
direction. 

Now if the disk is set in rotation about the spin a:x:is normal to the surface of the disk 
(fig. 12-6(b)), the input turning rate co causes no rim velocity to the mass at point A. But 
since this mass is moving towards point B, it must accelerate to maximum velocity by 
the time it reaches there, and then it must decelerate to zero velocity again at point C. 

At point C, the mass must reverse direction and begin to accelerate. At point D, the 
mass has attained maximum opposite velocity and must begin to decelerate again. 

A force is required to change the direction or the velocity of any mass (F = ma). 
Therefore, a force is required to accelerate the mass from the instant it leaves point D, 
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(a) Nonspinning disk. 



lA 

(b) Spinning disk. 



Figure 12-6. - Particle on disk that is turning about axis that lies along 
its diameter. 



pa^ssing through A, until it rea^ches point B. An opposite force a.cts on the mass as it 
leaves point B, passes through C, and reaches point D. These two forces form a couple 
which produces a torque about the BD axis. Thus, any attempt to rotate a gyro about an 
axis at right angles to a spin axis causes a torque about an axis at right angles to both 
the input axis and the spin axis. This torque T at 90° to the input axis is proportional 
to the spin rate the moment of inertia of the disk about its spin axis I, and the input 
turning rate a>; so that T = Since most gyros are designed for a constant spin rate, 

the moment of inertia and the spin rate are more often combined into a constant angular 
momentum H, where H = Ifi, and the torque equation becomes T = Hw. The input can 
be either a torque or a turning rate causing either u turning rate or torque output. 

To convert a spinning wheel into a useful device, the wheel is mounted in a single 
gimbal so that the output axis is perpendicular to the wheel spin axis. This is a single- 
degree-of -freedom gyro, shown in figure 12-7. The remaining axis, which is perpendic- 
ular to both the output and spin axes, is the input or sensitive axis. This is the axis that 
must be parallel to one of the orientation axes. For the right-hand rule, the axes go in 
alphabetical order: input, output, and spin. The input axis is the axis around which the 
turning rate or angle is measured and is the stable referefice axis that the gyro provides 
for the inertial navigation system. The signal which gives information is obtained from 
the resulting motion of the gimbal about the output axis relative to the frame. 

When a simple gyro is mechanized for use in an inertial guidance system, several 
additional elements are added to the basic gyro (fig. 12-8). One of the elements is a 
damper around the output axis. The second element is a signal generator which senses 
the rotation of the gyro output axis. The third element is a torque generator which 
supplies torque to the output axis of the gyro. A simple gyro with these additional 
elements is shown incorporated into a single -axis platform stabilization scheme in 
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Figure 12-8. -Inertial gyroscope mechanization. 
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figure 12 >9. Information from the signal generator is used by the servomotor to 
keep the platform oriented, while the torque generator is use^d to correct errors in the 
gyro and to calibrate it (to be discussed later). In the single -axis representation of the 
platform-mounted gyro i^own in figure 12-9, any rotation of the platform about the gyro 
input axis will be sensed by the signal generator, amplified, and then used to drive the 
servomotor to return the platform to the initial orientation. 

Examples of gyroscopic behavior are common in everyday life. For Instance, an 
ordinary hand power drill is much more awkward to wave around at rwdom when it is 
running than when it is not. More scientifically, an ordinary power drill can be used to 
observe the responses of a gyroscope. If the electric motor is considered the spinning 
mass of the gyro, its axis is the spin axis SA; the pistol -grip handle of the drill is then 
the input axis. Now, hold the drill by its grip and switch it on (note: do use a bit in 
the drill). While it is running, point the drill at a spot on the wall. By using only wrist 
action, swing the drill 90° to the right; then repeat the procedure tp the left. Notice that 
the drill is easier to swing in one direction than in the other; furthermore, in the more 
difficult direction the handle of the drill is gently pushing against your palm. It is this 
pushing force that is called precession and is used to maintain the orientation of a 
gyroscope. 
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Gyroscopic Drift 



The preceding explanation of the behavior of a gyroscope assumed that the gyroscope 
was functioning ideally. Unfortunately, this assumption seldom holds true. A gyroscope 
seldom maintains an exact: orientation for long because many small forces that are 
present due to magnetism, friction, mass unbalance, etc. cannot be eliminated and 
because the gyroscope is so sensitive. The shifting of a gyroscope away from its 
assigned orientation is called drift. 

The two categories of drift are (1) constant drift, and (2) drifts that are proportional 
to acceleration forces. Constant drift is caused by small forces that are constantly 
present and are of fixed magnitude. The drifts that are proportional to acceleration are . 
caused by net mass unbalances along the spin axis and along the input axis. When these 
unbalanced masses are subjected to acceleration forces, they cause a rotation about the 

output axis (fig. 12-10). This rotation is an equivalent gyroscopic drift. 

Within each of the two categories of drift there is a portion that is predictable and a 
portion th^t is random. There are two methods of correcting for predictable drift. One 
method is to apply an electrical signal to the torque generator to cause a rotation about 
the output axis that will counteract the effects of the predictable drifts. The other 
method is to allow the gyroscope to drift and to add (or subtract) a correction factor to 
(or from) the information supplied by the gyroscope. Predictable drift in an inertial 
gyroscope is only about 2° per hour. Random drift is more difficult to control. Smce 
the exact magnitude and direction of this drift are unknown, no mechanical or mathemati- 
cal correction is possible. About the only effective approach to this problem is to seek 
and to reduce its causes. This has already been done to such an extent that for a typical 
inertial-grade gyroscope the error due to random drift is only abput 0. 05° per hour (or 

approximately 1^ per day). 




ACCELERATION SENSING UNIT 



The acceleration sensing imit is mounted on the inertial reference imit. Its fimction 
is to sense change in the velocity of the vehicle. It is important to understand that the 
sensing imit cannot measure velocity alone; that is, it cannot sense that the vehicle is 
moving so many miles per hour. All that it can sense is the change in velocity- -if the 
vehicle's velocity changes from 0 to 20 feet per second, that rate of change, the acceler- 
ation, is all that is sensed. If the change in velocity took place in 1 second, then the 
sensor would note an acceleration of 20 feet per second per second. Just as the inertial 
reference unit must remain oriented in the x, y, and z directions, the acceleration 
sensing unit must respond to changes in velocity in all three directions; it follows that 
the acceleration sensing unit can then also respond to changes that occur between the 
axes, such as in an xy direction. 

If it is mounted on the constantly oriented inertial reference unit, the acceleration 
sensing unit is constantly oriented too. The job of the acceleration sensing unit is more 
complex than that of the inertial reference unit because the three axes represent six 
directions. The acceleration sensing vmit must indicate not only the existence of an 

acceleration along a particular axis, but also the direction of that acceleration. More- 
over, the acceleration sensing vmit must also be able to indicate the amount of the accel- 
eration. Fortunately, there is a device which can measure both the direction and magni- 
tude of a force; this device is an accelerometer . Three accelerometers are needed, one 
for each axis. But since the three accelerometers are similar in operation and differ 
only in oriei/tation, only one needs explaining. 

The function of the accelerometer is simply to sense linear physical accelerations 
and to provide a proportional electrical output signal. The term accelerometer is also 
in common use for certain types of vibration pickups, but the linear accelerometer is the 
one of principal interest in inertial navigation. The basic accelerometer may be thought 
of as a damped, spring -restrained mass whose displacement is proportional to acceler- 
ation. However, for various design reasons the rotation equivalent of a damped spring - 
restrained pendulum is more commonly used. Figure 12-11 is a diagram of this type of 
accelerometer. The axis about which the pendulum rotates is called the output axis OA. 
The pendulous axis PA is the arbitrary neutral position of the pendulum. The input 
axis lA is the sensitive axis of the accelerometer and is perpendicular to both the output 

axis and the pendulous axis. The determination of a positive direction of acceleration is 
such that OA rotated into lA by the ri^t-hand rule equals PA. The pendulous accel- 
erometer may be thought of as a torque -summing device. The steady -state torque 
equation is 



pa = + F 







TORQUE 




where 

p pendulosity (the pendulum mass multipUed by its distance from the point of rotation) 

a linear acceleration acting perpendicular to the output axis and the pendulous axis 

K constant (the spring rate of the restraining springs) 

(p angular displacement of the pendulum 
F friction in the system 

If K and p are constant and F is negligible, the equation resolves to 



a= <p| 

and the displacement of the pendulum is then directly prc^xjrUonal to the acceleration 
measured. 
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Generally, the pendulous accelerometer does not have a mechanical spring but 
derives its spring restraint from closed loop operation of an electrical circuit. In most 
applications the output motion cp resulting from an input acceleration is sensed by a 
moving coil signal generator. This signal is sent to an electronic circuit which deter- 
mines the magnitude and the direction (+ or -) of the motion (i. e. , if the +y direction 
were designated as north, then the -y direction would be south). The accelerometer 
also contains two opposing torquing coils through which an electrical signal can be used 
to force the pendulum in one direction or the other. The electrical signal derived from 
the signal generator output is channeled to the proper torquing coil and the accelerometer 
pendulum is moved in a direction to match exactly the input acceleration, thereby keeping 
the pendulum at the center position. The electrical rebalance signal is a direct measure 
of the input acceleration and is used by the computing unit. 

The accelerometer has a number of significant parameters whose stabilities deter- 
mine the accuracy of its performance in an inertial guidance system. These parameters 
are scale factor, threshold, null uncertainty, and bias. The current in the torquer is 
proportional to the measured acceleration. Accelerometer scale factor is the current 
required to balance out a given acceleration input divided by that input acceleration. The 
smallest acceleration input which causes a detectable output is the threshold. In inertial 
applications, a threshold of less than ixlO”® g is common. When the acceleration input 
to an accelerometer is changed from a positive to a negative number of the same value, 
the exact location of the output null or zero reading should be repeatable to within 
5x10"^ g. The nonrepeatability is called the null uncertainty. The bias of an acceler- 
ometer is the output reading that the accelerometer gives when it is sensing zero 
gravity. Zero gravity can be simulated on the Earth's surface by orienting the accel- 
erometer so that the input axis is at rigjit angles to the Earth's gravity field. With the 
input axis of the accelerometer perpendicular to the Earth's gravity field, the acceler- 
ometer should indicate a zero output. The actual reading is the accelerometer bias. In 
addition to the accelerometer parameters discussed here, a number of secondary 
parameters that influence accelerometer performance are also present. Among these 
are cross -coupling effects and vibration effects. These are discussed in the references 1 
and 2, and an understanding of them is not required for a basic discussion of inertial 
navigation systems. 

Because accelerometer parameters are variable, they cannot be measured exactly, 
and so these parameters become the primary sources of error, when such an accelerom- 
eter is used in an inertial navigation system. However, the combined error or uncer- 
tainty of all the parameters is extremely small. The method of calibration of an accel- 
erometer is relatively simple and is discussed in reference 2. Inertial accelerometers 
are designed so that bias and scale factor are the predominant sources of error; there- 
fore, only these parameters need to be measured to ensure accurate system operation. 
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Typical values for the limits of stability for short durations (approximately 12 hr) are 
20 parts per million for the accelerometer scale factor and 40 parts per million for the 

accelerometer bias. 



COMPUTING UNIT 



Signals from the acceleration sensing unit are sent on to the computmg unit where 
;he accelerations are converted to the distance and direction information that is needed 
o determine the vehicle position. The computing unit converts accelerations to distance 
by integrating the electrical acceleration signals. Direction of travel is determined from 
the relative activity of each sensor. For example, if the only acceleration signal the 
computer receives is from the north end of the ’’north-south” sensor, then the veMc^e 
is moving north. If the acceleration signals from the north end of the ’’north-south 
sensor and from the west end of the ’’east -west” sensor are equal in strength, then the 
vehicle is traveling northwest. 

Distance traveled is more diliicult to compute since it depends not only on which 
sensor is responding and the strength of that response but also on the time during which 
that response takes place. Time is usually measured by sampling the response of the 
sensors at fixed intervals, perhaps every 1/100 second. For example, let us assume 
that the first sample Indicates an acceleration of 0 feet per second per second from all 
sensors, that during the next 100 samples the x and y sensors continue to indicate 
rero ac;elerotion wLle the z sensor indicates a velocity change of 100 feet per second, 
and that a final sample indicates that all sensors are again at 0. From th 8 infornmt on, 
the computer can calculate that during the elapsed second the vehicle has incrrased its 
velocity by 100 feet per second. The computer adds this velocity increase to the pre ou 
velocity calculation. H the sample above was taken during the first second af er a 
launch, the computer would then show that the vehicle had moved 100 feet m the z 

direction, since the final Indication from the sensors was 0, and if it remains , e 

computer will continue to add 100 feet to the distance traveled lor every admtlonal 
second of fUght. Actually, the computer performs these calculations each time it 
samples the responses of the sensors instead of each second; therefore, its a^ers 
are more precise. The Information from the computer is used to generate guidance 

signals to control the vehicle. 



CENTAUR GUIDANCE SYSTEM 



The Centaur launch vehicle is guided by an inertUl navigation system which uses 
three gyros to orient an inertial platform in a Imown inertial reference rame, ree 
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accelerometers to measure the accelerations along the axes of that frame, and a guidance 
computer to determine the precise position of the spacecraft and thus generate steering 
signals so that the vehicle will inject its payload into the proper trajectory. Figure 12-12 
shows the Centaur guidance system, which comprises five individual units - a miniature 
inertial platform, its associated platform electronics, a coupler, the digital computer, 
and the signal generator. Figure 12-13 shows the miniature inertial platform and its 
relation to the platform electronics and to the coupler. The primary purpose of the 
Centaur inertial platform is to maintain a fixed reference point in space and to measure 
the acceleration of the Centaur vehicle. Figure 12-14 shows the platform electronics 
imit, which receives output signals from the gyros and, in turn, sends electrical signals 
which cause the platform gimbal motors to counteract any disturbing forces on the gyros. 
Thus, the platform is maintained in a fixed position with respect to inertial space. Fig- 
ure 12-15 shows the guidance -system coupler, or accelerometer rebalance electronics 
and power-supply system. The accelerometer signal- generator output is sent to the 
coupler where the direction of the disturbance is detected and a new rebalance signal is 
sent back to the accelerometer such as to bring the accelerometer pendulum to zero or 
null. These rebalance forces are proportional to the input acceleration, and the elec- 
tronics are mechanized in such a fashion that positive and negative pulses are sent to the 
accelerometer to keep it at its balance point. The algebraic sum of the rebalance pulses 
in any given time period is a measure of the velocity change, or acceleration, during 
that time period. Figure 12-16 shows the Centaur digital computer. The computer 
counts the net rebalance pulses sent to each accelerometer. Each pulse represents a 
change in velocity, or acceleration. The computer mathematically processes the number 
of pulses per unit of time and determines the direction of flight and speed of the rocket 
vehicle. This information is compared to similar information permanently stored in the 
computer memory. The computer generates steering signals for the rocket autopilot to 
reduce the difference between information stored in the computer and the actual ^eed 
and direction of the vehicle in flight. The final item in the Centaur inertial guidance 

system is the signal conditioner (fig. 12-17). Although the signal conditioner is not 
required to perform an inertial navigation task, it is important on scientific flights. The 
signal conditioner receives samples of important guidance-system electrical signals. 

When necessary, it converts these to radio signals which are transmitted through the 
rocket vehicle telemetry system to ground receiving stations. With this flight informa- 
tion received from the signal conditioner, the in-flight performance of the inertial 
navigation system can be reconstructed by using mathematical formulas and ground com- 
puters. Figure 12-18 shows schematically the interrelation of the five components of the 
total Centaur guidance system. 
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Figure 12*15. - Guidance-system coupler (accelerometer rebalance electronics and system power supplies) Weloht 60 
pounds; volume, 1.58 cubic feet, ociym, ou 
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Figure 12-16. • Digital computer (memory unit plus Input-output unit). Weight, 65 pounds; volume, 1.46 cubic feet 








Figure 12-17, - Signal conditioner. Weight, 10 pounds; volume, 0.4 cubic foot. 
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Figure 12-18. - Interrelation of components of Centaur guidance systsm. 

As lone distance air travel Increases and as space travel becomes more common, 
over remote areas ol the Earth where navigation aids are not avallabl . 
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13. TRACKING 
John L. Pollack* 

The purpose of tracking is to establish the position-time history of a vehicle for ob- 
servation, guidance, or navigation. The techniques employed are essentially the same 
for these various purposes, the required positional information consists of angular de- 
viations from the line of sight between the tracker and the target and possibly angular 
rate deviations. From these data the position, range (distance from the tracker), alti- 
tude, velocity, and acceleration of the vehicle can be, calculated. Extrapolation of the 
data can be used to predict the path of the vehicle and to provide guidance and control in- 
formation to alter its flight. In the case of unknown satellites, successive observations 
can be used to determine the actual size, shape, and surface area of an orbiting vehicle. 
By using known orbital data it is possible to follow the satellite's path in reverse order 
and determine its actual launching point on the Earth. 

Many tracking systems employ the technique of locating two or more trackers on 
well-established baselines and applying the principles of intersection and triangulation to 
obtain positional data. This method of tracking is most applicable to model rocketry and 
is explained in the excerpt from reference 1 given in the section TECHNIQUE OF 
TRACKING MODEL ROCKETS. 

The two principal types of tracking systems employed by NASA at its launch sites at 
Cape Kennedy and Vandenberg Air Force Base are radar and radio systems and optical 
systems. 



RADAR AND RADIO TRACKING SYSTEMS 

These systems employ radio frequencies from 100 kilocycles to 30 000 megacycles. 
Below this frequency range, antennas with adequate directivity become unpractically 
large, and ionospheric prdpagation difficulties become severe. Above this frequency 
range there are practical limitations on the power that can be generated. There are also 
regions near the upper end of this frequency range that must be avoided because of water 
vapor absorption and attenuation due to scattering by rain. In tracking against a back- 
ground of cosmic noise certain frequencies must also be avoided. 

*Head, Optics Section, 
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Radar systems are dassmed Into active and passive systems 
renulres transmitting eqaipment in the vehicle, and this equipment is generally reterre 
tZZ JZ or transponder. Passive systems depend on the renective properUes of 
t^e vlictto return the incident radio waves. -Ihese reflective properties may be e„. 
hanced by the use of special reflectors, or they may be 

treatment. Active systems are generally superior to passive syscems with resp« 
range capability and tracking accuracy, but their requirement of specia equipme 

tli 0 v©hicl© iG dis3»dv3.nt3,^©. _ « _ _ _ _ X _ 

Depending on the method of measuring range, radar tracking sys ems are 
.orial as continuous-wave systems or pulsed systems. A^le -asuremenU r. s me- 
Les accomplished by a scanning technique in which the antenna ^ 

by mechanical or electronic means about the direction of maximum 
method is employed by the more conventional types of radar and by • 

t«es u”erh. radio astronomy. Another method of measuring angles -es the p in^ 
clple of the interferometer to compare the phases of signals received m separate ^ten 
on weU e^Llished base lines. Ihe frequency of the return signal from a vehicle beu« 
tracked depends not only on the transmitted frequency but also on the rela ve mo on 
“icle and the tracker. This change in frequency due to the relative -don of Uie 
vehicle and the tracker is known as the Doppler effect and necessitates desigmng the 
tracker to follow automatically the changing frequency. This frequency change, 
filler tffect can be used to measure the relative velocities of the vehicle and me 
tracker. (Ref! 2 presents an excellent exercise on the use of the Doppler effect In sa e - 

lite tracking. ) 



OPTICAL TRACKING SYSTEMS 

ODtlcal systems make use of the visible light portion of the electromagnetic spec- 
trum (Usually, ultraviolet and Infrared systems are also Included in this category. ) 

AU optilal trackers consist essentially of a telescope mounted on gimbals P®™ 
tation about two axes. One type of tracker, the cinetheodollte, | 

record of the positton of the target image with respect to cross halt® ^ ’ 

also provides aaimuths, elevation angles, and timing Indications on ‘h® ^ 

or more such instruments on an accurately surveyed base line, the P°®‘«®“ « 

in space is obtained by triangulation, backing is usually manual or P“«aUy 
Anot ir type of optical tracking instrument is the ballistic camera, 

Clar Litton by photographing the vehicle against a star background. This instrument 









! 

I 




Figure 13-1. - Typical tracking coverage of ml$$lle launch. (CW, continuous wave; CZR, 
camera, special ribtwn frame; IGOR, Intercept ground optical recorder; ROTI, recording 
optical tracking Instrument.) 
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is capable of a very high order of accuracy, but the data require 

skilled personnel, and the time delay involved is sometimes a disadvantage. Schemes 
making some or all of the procedures automatic are under development. 

Angle tracking with optical equipment can be accomplished with much greater pre- 
cisin With r^io equipment, but darkness, ckmds, 

ontical equipment. Another important limitation of optical trackers is the fact that 
reductio^ often delays the output beyond the period of usefulness. Automating proce ures 

CLtktgTelin obiects some advantages may be gained by us^ u— t or 
infrared radiation. Ultraviolet radiation in certain rocket exhausts and the iidrared 
au™ from rocket engines may provide better contrast with the background radiabon 
MrL!d radiation also penetrates fog. clouds, and haze more readily. Newer devel p- 
ments include the use of photoelectric detection and scanning techniques to ' 

matic readout of angular position information. Television "X 11 X 7 ^ 0 " ' 

avitv selecttvity and rapid readout are also in use. Laser trackers are being devel 

ope7’ An up-to-date review of optical tracking techniques and new developments is pre- 

°^“* 7-7J l7np7c!i techniques complement one another at NASA launch sites. In gen- 
eralTpttcal tecLques are used primarily in the launch phases of fli^t and for exact 
re7iJent records whUe the radar systems encompass the globe and are used for in- 
1 ghTSAe cor;ections. figures 13-1 to 13-3 show typical 
vicinity of cape Kennedy. There are atxiut eight different radar systems and 
tracking cameras capable of being deployed on this range. Tbese systems are identified 

by their acronyms in the figures. 

TECHNIQUE OF TRACKING MODEL ROCKETS 

Tracking of model rockets utilizes the same principles of intersection and ‘fixa- 
tion as those used by NASA. Because of cost and complexity, radar trw “8 ""® ,,, 

are not used in model rocketry; instead, optical techniques with manu^ readout tote 
are employed. The main goal of tracking a model rocket is to obtain the maximum alti- 
tude o^thefocket. using two visual pointers - with or without optical aids - and employ- 
ing trigonometry is the most practical way of obtaining this information. 

Before choosing a measurement technique or a particular measuring mstrument 
must determine the accuracy required to fulf ill the goal; judgment is the k^y X 
H too high an accuracy is demanded, costs and complexity rise sharply. We ! 

” “uow the guidelines of the National Association of Rocketry (NAR) in the adoption of 
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the 10-Percent Rule. This rule and its application are described in the excerpt from the 
Handbook of Model Rocketry (ref. 1, copyright 1965, 1967), reprinted by permission of 
the Follett Publishing Company. The application of trigonometry to the determination of 
maximum altitude, the use of the NAR flight sheet, and the use of the NAR ’’Quickie 
Board” are also described in this excerpt. (The basic trigonometric functions - sine, 
cosine, and tangent - have already been defined in chapter 9 . ) 

The excerpt from reference 1 is as follows: 

The tracking situation is shown diagrammatic ally in Figure [13-4] . 

The theodolites are set up and leveled so that their azimuth dials are horizon- 
tal. They are zeroed in by sighting at each other along the base line. While zeroed 
in, their azimuth and elevation dials are set at zero. 

When the model is launched, both station operators follow it up in flight until 
it reaches maximum altitude. Tracking then ceases, and the scopes are locked 
in final position or left undisturbed. Azimuth and elevation angles on each theod- 
olite are read. On some ranges, this data is communicated to the laimch area by 
means of a telephone system. On other ranges, data is recorded at each tracking 
station and later taken to the launch area for final reduction. 



We now have a tracking situation with a known distance between two stations, 
plus an elevation and an azimuth angle from each station. Tb imderstand how al-- 
titude is computed from this data, let’s derive the equations to be used. Refer 
to Figure [13-4] . 



Given; 



Distance b 
Angle ZA 
Angle Z D 
Angle Z C 
Angle Z E 
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p„.t X 

rr;. “ . .e ven^a^ p,aae . « KX. 

There are two right vertical triangles (R-X-West and R-X-E^l)^. We can 

eomputrbo^rsetmAy and average U.e value RX obtained tronr hoth, dies 

giving a more accurate altitude reading. 



The Law of Sines in trigonometry states; 



b 



sin Z C sin L B sin L A 



Therefore: 



c = sin ZC g.jj 2 b “ 8in[180° - (A + C)”] 



Since R is direcUy above X by definition, the angle R-X-West is a right 
angle, we can therefore compute the western triangle as follows: 



/T. RX 

tan Z D = 



RX = c tan Z D 



Substituting for c; 



b 

RX = sin ZC tan Z D gin[i8QO - (A + C)1 



The other right vertical triangle is solved in a sintUar manner to give: 

^ b 

RX = sin Z A tan Z E _ (A + C)1 

Thebwovaiuesoil^.at^-3^«y^ 
bout XO per cent, someWy ^^gether and dividing 

rt:ro"Utfn;, altitude is very close to that achtally 

Lchieved by the model. 

However, since tracldng is 

irc, there are errors ^ jj i^gt digit of the average altitude 

procedure to compensate fpr^to • r is raised to the next 10-foot 

^ 1 - -V +110 npvt 10 -foot interval. : 



In addition to the "roundoff, " NAR has also adopted the 10 Per Cent Rule for 
acceptable tracking data. According to the rule, there has been good tracking if 
the altitude readings from the two triangles are within 10 per cent of the rounded- 
off average . 

To see how all of this works, let’s take an example and work It through. 

Given a l,006-foot base line: 

Tracking East azimuth: 23° (ZC) 

Tracking East elevation: 36° (ZE) 

Tracking West azimuth: 45° (Z A) 

Tracking West elevation: 53° (ZD) 

For one triangle: 



RX = sin Z C tan 



ZD 





sin[ 180° - (A + C)J 



= sin 23° X tan 53° 



1.000 

sin[ 180° - (45° + 23®)] 



= .391 X 1.33 



X 



1.000 

sin 68° 



= .391 x1.33 x 1,079 
= 561 feet 

Solving for the other triangle by the same means, we get RX = 555 feet. 

Averaging, the altitude Is 558 feet. Rounding off, this, is 560 feet. Ten per 
cent of 560 feet is 56 feet. Both 561 and 555 are within 56 feet of the average. The 
track is good. ^ 

Since the complex term on the far right of the. equation is the saine when solving 
either triangle, it can be precomputed as a. table of 1,000/sin ZB. 

A rapid method of -this data reduction has been developed by John Roe,' of 
Colorado Springs, Colorado, and used in the NAk for many years. Each model 
flown has a flight. sheet bn which is recorded the ahjgles. from both stations. Also 
printed on the sheet are the sine and tangent tables', plus the table for 1,000/sInZB. 
This flight sheet is shown in Figure [13-5] , filled out for the flight we just reduced 
above. This fast method requires) only some multiplication with the iise of a slide 
rule. So it's a good idea to learn how to use a slide rule if you want to compute 
altitudes fast. 

To provide even quicker data reduction, John and Jim Bonine,. of Denver, 
Colorado, worked out their "Quickie ^ard’’ analog computer in i960. This is 
shown in modified form in Figure [13-6] . It is set upfor both 1,000 -foot and 
2, 000-foot base lines. Although it is a graphical method, it is very accurate, 
even in small size. First, tlie azimuth angles from both stations are drawn out 




- NAR (light-sheet method of data reduction. (From ref. 1.) 
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to an intersection. To compute the triangle for Tracking West, swing the inter- 
section point down to the base of the graph with the Tracking West point as the 
center oT^swing. Draw a vertical line upwards from this mtersection. Set up 
election angle from Tracking West; where this line intersects vertical line 
read over to^he edge for the length of base line, and read altitude directly. For 
Tracking East, carryout the same operations aroimd the Tracking East pom . 



RANGE LAYOUT 

The fin^al layout of the firing range takes into consideration the various topographical 

features of the site, such as woods, hUls, streams, roads, buUdings, etc ; 
ical factors, such as wind direction and the position of the Sun, must also be consmered. 
In addition to these considerations, the ideal elevation angles and azimu s are 
determining factors in the positioning of the trackers. 



Elevation Angle 

Visual sightings, even with die use of aids such as telescopes, are only approxinate, 
and the elevation angle read by an observer should be in the range which w, 1 be 
duclve to the most accurate reading possible. Too small elevatton angles (less.th^ 2 ) 
or too large angles (greater than 60°) increase the likelihood of a greater margm of error 

in determining elevation. Generally speaking, if the tracking ^er “ 0^0 

launch site, the elevation angles will be relatively large (approaching 90 ) 

unreliable; if the trackers ire too far from the launch site, the 

(approaching 0°) and equally unreliable. The sketch below shows that elevatum 

angles taken from point W are approximately 64°, which is too large for 

(When you look straight up, it Is difficult to estimate how high m the air an objec i .) 

^r large elevation angles, a large difference in altitude is reflected as only a sma 



1000-tt altitude 




difference in the angle, because the angle is calculated from the tangent function, which 
increases to infinity as the angle approaches 90*^. Also, readings taken from point Z 
are relatively inaccurate, because when the tracker is too far from the launch site and 
the elevation angle is small, even a substantial change in altitude does not cause a large 
enough difference in the elevation angle. 

A rule of thumb is that the distance of the tracking station from the launch site should 
be at least equal to, but not more than twice, the expected altitude of the rocket. Posi- 
tioning the tracking stations According to this rule will provide ideal elevation angles of 
25^ to 60^. Obviously, if rockets of greatly varied altitude capabilities are to be launched 
from the same site, several sets of tracking positions must be established. 



Azimuth 

The ideal intersection angle between the azimuths from any two tracking stations is 
90*^. If the intersection angle is too small (approaching 0^) or too large (approaching 
180^, it is difficult to determine accurately the point of intersection. For full-scale 
launch sites, such as Cape Kennedy, where the missile range is basically a chain of 
islands, it is often impossible to set up tracking stations in the ideal locations. For 
model rocket launches, however, a site can usually be found which has the desirable top- 
ographical features and meteorological conditions, and the range can be laid out to ap- 
proximate the ideal configuration from the standpoints of elevation a'.gle and azimuth. 

The importance of proper tracking- station positions and base-line layout is shown in 
figure 13-7. Figure 13-7(a) shows tracking- station locations which provide relatively 




good azimuth intersecUon angles. Here, the range layout cannot 

Ideal intersection angles of 90° because the range Is a chain of Islands and the trackers 

ra^trbelated on these iskinds. However, the IntersecHon angles are large enou^ to 

show clearly the point of Intersection of the various azimuths. Four improperly locate 
tracking stations are shown In figure 13-7(b). With such smaU Intersection ^gles tte 
azimuths are almost paraUel, and their exact point of Intersection is very difficu 

“""umes, imprecise Intersections of azimuths may be obtained even from well- 
situated tracking stations. The azimuth from one tracking station imy faU to 
the common point of intersection of the azimuths from the other stations (fig. ( »- 
to such a sitLion, the azimuth which tailed to pass through the common pomt <a mter- 
section would be disregarded, and a thorough investigation would be made to determine 
the cause ot this stray azimuth. Figure 13-8(b) shows azimuths from various trackmg 
stations intersecting at random. (For a postburnout, ICBM trajectory, typical separa- 
tion of the various intersection points would be about 15 to 25 ft. ) to this case, the mo 
probable common point of intersection would be obtained by averagmg. 




(a) Failure of one ray to pass through common Intersection point of other rays. 

Figure 13-8. - Typlc.il tracking 




(b) Random intersection of rays. 



intersections. (From ref. 4.) 
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14. ROCKET LAUNCH PHOTOGRAPHY 
William A. Bowles* 

Ever since May 5, 1961, when astronaut Alan B. Shepard rode America’s first 
manned spacecraft 302 miles down the Atlantic Missile Range, we have become accus- 
tomed to seeing dramatic photographs of space vehicles thrust spaceward by powerful 
rocket engines. These documentary pictures, however, represent only a minute part of 
the total role of photography in aerospace technology. Photography has long been recog- 
nized as a valuable and indispensable scientific tool. The human eye cannot review or 
recall the image of an object which it has previously seen, and neither can it prolong 
into minutes the spUt-second timing of an event. Conclusions drawn from the visual 
observation of a malfunction could be erroneous. On the other hand, photographic in- 
strunaentation enables engineers and scientists to make detailed and accurate analyses 
of problems, and it can show the reasons for the success or failure of a project. 

The cameras used by aerospace scientists and engineers are highly specialized and 
unlike those used for home movies, snapshots, or news photography. Their capabUity 
of recording at high speed permits time to be frozen or to be extended to many times 
normal. This extension of time js accompUshed by filming at rates of up to several 
thousand frames per second and then projecting (viewing) the film in single frames or at 
ow frame rates. For example, if an occurrence is filmed at 24 frames per second and 
the film IS projected at the same rate, the filmed sequence takes the same length of time 
as the actual occurrence. However, if the occurrence is filmed at 400 frames per sec- 
ond and the film is projected at 24 frames per second, the duration of the filmed se- 
quence is 16j times as long as the duration of the actual occurrence. Filming at 5000 
frames per second and projecting at 24 frames per second extends the duration of the 
filmed sequence to 208^ times that of the actual occurrence. 

Various types of cameras are used to record the trajectory, velocity, roll, pitch 
and yaw of vehicles and to furnish statistical data at altitudes iip to 40 or 50 miles How- 
ever, loi^ before the vehicle is ready for flight, the testing of countless items, such as 
e umbilical- cord release, cooling-blanket removal, launcher release, nose-fairing 
separation for spacecraft ejection, etc., has benefited from photography. 

Camera operating speed is not the only con/side ration in choosing photographic equip- 
ment to meet a particular requirement. Film sizes of 16,’ 35; or 7Q millimeters^ may be 



^Assistant Chief, Photographic Branch. 



used. The 16-millimeter film can be used at higher camera speeds than can the 35- and 
70-millimeter films, but the latter two sizes provide better image quality. Therefore, 
the larger sizes are used when the need for superior image quality exceeds the demand 
for high frame rate (camera speed). 

Telescopic lenses of extremely long focal lengths (up to 500 in. ) are used to provide 
data on missiles at high altitudes. Such lenses have effective ranges up to 100 000 feet 
and are located approximately this same distance from the launch pad. This location 
provides a good elevation angle, if the lens is used for tracking, and a good overall view 
of the missile, if the lens is used for general observation. (The principles of good cam- 
era positioning are discussed in chapter 13. ) The image size factor must also be con- 
sidered in the selection of a camera location. For any given lens, the image completely 
fills the frame when the subject is at some specific distance from the camera. There- 
fore, if the camera is located too close to the subject, the image size becomes excessive. 

In addition to photographing missiles at high altitudes, it is also necessary to film 
small areas of action on or near the vehicle during the critical lift-off period. For these 
requirements, lenses with much shorter focal lengths are used, and the cameras are 
mounted at the base of the vehicle and on the service and umbilical towers. Some re- 
quirements may involve the study of an area only 6 inches square, and the camera^which 
is used to fulfill such a requirment may encounter temperatures in excess of 2500 F. 

The camera must be protected against these high temperatures by means of a special 
housing cooled by an inert gas (usually nitrogen). The gas is fed into the protective 
housing, and then, by means of exhaust ports, it is routed across the cover glass to 
minimize fogging or condensation. The inert-gas purge acts as a safety factor in pre- 
venting the ignition of the rocket -fuel vapors by the electrical system of the camera. 

The engineering value of photography can be increased considerably by using precise 
timing marks along the edge of the film. These marks enable the viewer to determine 

the exact timing of some particular occurrence. 

The installation of 60 cameras is not an unusual requirement for a major launch. 
Each instrument is programmed to perform a special function. Some photographic re- 
quirements cannot be fulfilled by ground-based equipment. For example, studies of 
zero-gravity effects inside the fuel tanks or observation of the staging of the spacecraft 
necessitate the installation of photographic or television equipment within the vehicle. 

The possibilities of optical and photographic instrumentation are practically unlim- 
ited. With its constant technological advances, space age photography should continue 
to be a valuable scientific tool. 

Figures 14-1 to 14-12 were selected to illustrate the significant role of photography 
in rocket launch operations. The depth of detailed information to be derived from pho- 
tograidiy is obvious. 
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Figure 14-1. - Map of east coast of Florida showing locations of long- 
range cine-theodolite, Roti, and Igor tracking cameras. Extreme 
distances from launch sites required for triangulation and for 
image ratios with 350- to 500-inch lenses are also apparent. 
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vehicle and launch complex. Photographic instrumentation would provide data on 












Figu re 14-5. - Rotl tracking camera with 500-Inch lens. This camera Is located at Mel- 
bou me Beach, over 20 miles from Cape Kennedy. Figure 14-7 was photographed by 
this camera when missile was at an altitude of 14 miles. 
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Figure 14-6. - Mobile optical trackers consisting of three to four cameras with lenses 
ranging in size from 20- to 120-inch focal length. These units are moved to suit- 
able locations shown on Cape Kennedy map and operated by photographer seated on 
gimbal-mounted camera platform. 
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Figure 14-7. - Shock wave passing.over nose cone of Atlas-Centaur vehicle. Photographed at 
altitude of 75 000 fec-t by Melbourne Beach Rotij lens, 500-inch focal length. 
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Rgure 14-12. - Sequence showing explosion of vehicle on launch pad. In many instances, analysis of high-speed motion pictures is the only method of determining reasons for failure. 
Visual obsarvations would not indicato that vehiclo actually ros6 up 5 feat and than roturnod to launcher before explosion. 







15. ROCKET MEASUREMENTS AND INSTRUMENTATION 
Clarence C. Gettelman* 

ROCKET ENGINE PERFORMANCE 

Expressions which describe the performance of rocket engines involve many vari- 
ables which cannot be measured directly. These expressions must be written in terms of 
variables that can be measured. Three equations from chapter 2 will be used to demon- 
strate how expressions are written in terms of measured quantities. 



Total Impulse 

When the thrust F is multiplied by the time t during which the engine operates, 
total Impulse is the result. The equation 

A = (1) 

is simple and meaningful, for from it the. final velocity for any given payload can be cal- 
culated. The two variables F and t can both be measured directly - thrust with a load 
cell and time with a clock. 



Specific Impulse 

The specific impulse is more difficult to determine than total Impulse. In the equa- 



tion 



I 

sp ^ 



( 2 ) 



theterni W is the weight flow rate of propellant in pounds per second. This flow rate 
consists of the weight flow rates of both the fuel W| and of the oxidizer W^. Therefore, 



♦Chief, Instrument Systems Research Branch. 



O 

ERIC 









237 



I can be written as 
sp 



®p Wj + Wq 



(3) 



stm the weight flow rates of the fuel and the oxidizer are almost as difficult to measure 
fe^rlLly L combined. However, since weight flow rate Is the product of the densi y p 
and the volume flow rate V in gallons per second, the equation may now e s own 



I._ = 



(4) 






The volume flow rates can be measured. The densities, although constant at standard 
rmpe“ nd pressure, must be corrected for the temperature and pressure t«mtmg 

at the time of firing. Fortunately, both temperature 

easUy. These two parameters, along with thrust and volume flow rate, enable sp 

cific impulse equation to be reduced into measurable quantities. 



Characteristic Gas Veixity 

The equation which describes the characteristic gas velocity 

gPc^t 



=: 



(5) 



W 



introduces two new variables for measurement: chamber pressure and throat area 

A " “wo factors in the equation, g (the acceleration due to gravity) m a con- 
sLt and W has already been determined. Chamber pressure can be m^sured 

dlracU^so can throat area, although ori^ 

measurement must be corrected for expansion caused by hot exhaust gases. ^ 
quently, the temperature of the exhaust must also be determined. The equa ion or 

characteristic gas velocity modified to Include these variables is 



2 

where (Trd /4)rji represents the throat area of the nozzle based on its diameter in feet and 
corrected for temperature. 

Summary of Measurable Parameters 

Once the equations defining typical characteristics of rocket performance have all 
been resolved into factors which are readily measurable (as in eqs. (1), (4), and (6)), 
instruments must be selected to measure thrust F, time t, volume flow rate V, pres- 
sure P, temperature T, and diameter d. 

MEASUREMENTS 

Force 

strain gage . - The sensing element of many thrust and pressure instruments, the 
strain gage, relies on the changing electrical properties of a thin wire for its operation. 
The resistance R of any particular wire is directly proportional to its length L and 
inversely proportional to its cross-sectional area A. The equation for this is 

Rocii (7) 

A 



K the wire is stretched, it becomes longer and its cross-sectional area becomes smaller; 
thus, the resistance increases. On the other hand, if the wire is compressed, its dimen- 
sions change in the opposite direction, and the resistance decreases. The change in 



Wire 



Weight 

^ES 






X) Current 



Battery 



Figure 15*1. - Schematic of resistance 
change in a weighted. i\anging wire. 



resistance, related to the force applied to the wire and measured with an ohi^eter, will 
indicate the magnitude of the force. Figure 15-1 shows this arrangement schematically. 

Strain gages are not used singly but are arranged in a bridge circuit ^ “ 
shoum in flgtm 15-2. This conflgumtlon allows the effect of the strain on the w res to be 

mrurlLctlyhyameter. In figure 15-2. 

are shortening or lengthening the wires. Note that when K1 and R2 get shorter, K3 
R4 get longer. 




Figure 15-2. - Bridge arrangement o( strain gages. 
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length 




Deformation 
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< 2 > Circumferential 



R 3 . R 4 



Figure 15-3. - Behavior of a spring under load. 



Thrust. - springs are important parts of both thrust and pressure * 

goodl^g is one that wUl deflect a given amount with a given load and repi^uce tte 
todlcatlon Lr a reasonable temperature range. Figure 15-3 shows the " 

tto!Tt transducers. The solid line shows the shape of the unloatted ‘ f 

w is applied, compressing the spring, the length of the spring changes as indicated by 

the dotted line. The change of length S is determined largely by the ^ ’ 

and with a good spring this change is proportional to the load or force; 

"s 1 unit of deflection. 2 pounds 2 units of deflection, etc. As the sketch in^^es, 
L compressed spring not only changes its length, but also changes I** 
area. The amount of this lateral deformation S’ is a material proper y re 

Poisson’s ratio 



M = 



£ 

S 



( 8 ) 



whose value for metals is approximately 0. 3; that Is, S' = 0. 3 S. The problem then is 
how to measure the deflections S or S’, of both, of the spring. 
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The behavior of a strain gage under load is exactly like that of the spring; that is, the 
strain wire when loaded in tension increases its resistance because of both a change in 
length and a decrease in area. The strain gage can measure strains of about 0. 0005 inch 
per inch. Consequently, strain gages are used. If a strain gage is installed on the 
spring in the orientation indicated in figure 15-3, then a compression of the spring will 
cause R1 and R2 of figure 15-2 to shorten, decreasing their resistance, and cause R3 and 
I R4 to lengthen, increasing their resistance. The difference in resistances will then indi- 
cate the extent of deformation of the spring. 

Thrust cells, springs with attached strain gages, are manufactured in many sizes to 
respond to a range of thrusts. Figure 15-4 shows some examples. 




C-69844 

Figure 15-4. - Thrust cells. 



Pressure . - Pressures are also measured with strain gages, but, since pressures 
range from a fraction of a pound per square inch to thousands of pounds per square inch, 
extremes of spring sensitivity are required. The configuration shown in figure 15- 5(a) 
has equal pressures (Pj = P 2 ) on both sides of the spring element. When pressure P 2 
is made greater than Pj the spring deflects to the left as shown in figure 15- 5(b). This 
deflection is a measure of the pressure and, in turn, determines the output of the strain 
gages bonded to the spring. 

The pressure gage illustrated in figure 15- 5(a) is a differential gage and is of the 
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p Incompressible fluid 

fnrrnclup f i / 




(a) Pj - P 2 - 



(b) ?2 > Pi- 



(c) Fpr corrosive fluids. 



Figure 15-5. - Schematic diagram of pressure transducers. 



Simple type in which the strain gages can be exposed to fluids whose pressure is bemg 
measured. In the case of corrosive propellants, such as fluorine, the strain gages must 
be put in suitable noncorrosive incompressible Iluid and another diaphragm must be 
added as shown in figure 15r5(c). Absolute pressures can be measured by evacuating one 
side (Pj = 0) and measuring the difference between it and another pressure (P2)' Fig- 
ure 15-6 shows various types of strain gage pressure transducers. 

Other spring configurations and deflection measuring schemes are used, and they 
vary in price from about $1.00 to $500. 00, depending largely on the accuracy of the 
pressure gage. 




CS-32134 

Figure 15-6. • Commercially wallibleitnin-gige pressure transducers. 
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Temperature 

Two devices extensively used to measure temperature are the thermocouple, which 
is the least expensive and can be made small in size, and the resistance thermometer, 
which is more accurate, more complicated, and larger in size. 

Thermocouple. - The thermocouple is a useful device used to measure temperature. 
When two thermocouple alloys are joined as shown in figure 15-7, a voltage is generated 






Iron 




Copper 


: 


# 


e 

■^•^copper 

1 


Constantan 

k 


;ebatl 



Figu re 15-7. - Thormaouple. 



which is a function of the difference between the temperatures T^ and T£. The temper- 
ature Tg is usually controlled by placing that junction in an ice bath or other temper- 
ature controlled environment. The voltage e is then a function of the variable temper- 
ature Tj. National Bureau of Standards Circular 561 gives the temperature as a func- 
tion of voltage for the following standard thermocouple alloys: 

Chromel - Constaiitan 
Copper - Constantan 
Iron - Constantan 
Chromel - Alumel 

Platinum, 10 percent rhodium - platinum 

The various alloys are used because of the characteristics such as voltage output, 
strength, stability, and cost, as functions of temperature level. The voltages generated 
are approximately 0. 000020 volt per degree; hence, g^ood voltage measuring equipment 
is required. Millions of feet of thermocouple wire are used in this country each year. 

Resistance thermometer . - The resistance thermometer is based on the material 
property which relates temperature change with resistance change. Metals are used for 
temperatures above 20° K (the temperature of liquid hydrogen), and semiconductors, 
usually called insulators, are used at temperatures below 20° K. The beet metal, 
because of the purity to which it can be made, is platinum, but where less accuracy is 
required, nickel may be used. These metals, in the form of wire, are wound so that 
there will be no strain produced which would also cause a change in resistance. The re- 
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Semiconductor Metallic resistors Thermocouple 

resistors 




Probes 

Figure 15-8. - Temperature sensors. 



sistance of metals increases as a function of temperature. The change of resistance 
(hence, change of temperature) is read with the same type of circuit used to measure 
strain (thrust, pressure) previously discussed and illustrated in figure 15-2, except that 
Rj, Rg, and Rg are fixed resistors, and R^ is the one whose resistance varies with 
temperature. Figure 15-8 shows platinum resistance thermometer elements along with 
probes suitable for insertion into a rocket-engine component. At temperatures near 
absolute zero, the change of resistance of metals becomes small and the thermometer 
looses its sensitivity. However, the resistance of semiconductors such as carbon and 
germanium increases with a decrease in temperature, and thus they function as resist- 
ance thermometers below the temperatures where metals loose their sensitivity. 



Volume Flow Rate 

Volume flow rate is most commonly measured by a volume displacement method. 

The gasoline we buy and the water we use are metered by this method. Another method 
of measuring volume flow rat^ utilizes the kinetic energy, or energy due to motion, of 
the fluid. 

Volume Hiaplacement . - The simplest form of the volume displacement method is 
filling a known volume, emptying it, and counting the number of times this has been done. 
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I 

I More complex is the vane meter. This meter (fig. 15-9) has vanes which change length 
i as a function of angle. Moved by the pressure of the fluid, the vanes rotate inside a 
j casing, carrying between them a known quantity of fluid which discharges at the end of 

i each revolution. The volume flow rate is proportional to the speed of rotation of the 

vanes. Many other devices operate in a similar way. These devices are usually inex- 
pensive and accurate for a single fluid, but they do not work well with a variety of fluids. 

Energy of flow. - When a fluid with a velocity v and a density p is stopped, it 
generates a pressure P greater than that which normally exists at that point in the fluid 
stream. This pressure due to the kinetic energy of the fluid is given by the equation 



P = lpv2 



(9) 



The velocity v can be obtained in terms of the pressure P by rearranging the terms of 
equation (9) 



,2 _ 2P 



( 10 ) 




or 



V = 




( 11 ) 



Thus, as illustrated in figure 15-10, the velocity v in a pipe is determined by 
measuring the pressure generated by virtue of the kinetic energy of the fluid. Note that 
the velocity is not constant but goes to zero at the wall. The relations given hold only 
for incompressible fluids. Note that the pressure has to be measured across the diam- 
eter of the pipe. This is an accurate but time-consuming process. 
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Figure 15-10. - Velocity flowmeter. 



NojJles and orifices utilize the same principle; flow of incompressible fluids of 
mor^y can be determined with one pressure measurement. Th^ is made possible 
jecause a difference in pressure exists between the two sides of an orifice or nozzle 
which depends on the speed of flow through the constriction. This different to 
^be mLured with a strain-gage differential pressure meter as shown in figure X5-11, 

uid can be converted to volume flow. i 4 u * whino 

The most useful device lor measuring rocket propellant volume flow is the turbine 

, f *-viw» fiiifri pAiifies a licrlitlv loaded turbine to turn. 

meter. In this case the kinetic energy of the fluid causes a ugraiy loaueu 

The load on the turbine is bearing friction and a smaU amount of power required t 
measure the turbine speed. The turbine blade is made of nmgnetic 

it passes a coil-magnet combination, generates a poise. The requency 





Figure 15*U. • Heed (lomnneter Installation. 
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measure of turbine speed. These devices are calibrated with water and the same cali- 
I bration can be used on most of the cryogenic and other fluids used in rocket testing. The 
calibration is expressed as pulses per gallon. Figure 15-12 shows the parts of the tur- 
bine meter, as well as a range of sizes. 

The devices we have discussed to this point change some measured variable, such 
as temperature , to an electrical voltage. With modern data systems this is an essential 
requirement. Very little data is manually recorded; in fact, the data should be recorded 
on a system which allows computer entry, such as a digital tape-recording system. 
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16 . elemei^Its of computers 

Robert L. Miller* 

•• * 

Aids to computation are quite old, and evidence of them can be found in ancient 
history. The earliest aids were the fingers. Then groups of small objects such as 
pebbles were used loosely. Eventually, beads were strung on wires fixed in a frame; 
this became known as the abacus. 

The abacus most likely originated in the Tigris- Euphrates valley and its use traveled 
both east and west along the routes of the caravans. Elaboration of the instrument and 
later development of the techniques of its manipulation made it applicable to multiplica- 
tion, division, and even to the extraction of square and cube roots, u well as to addition 

1 ' , 

and subtraction for which the instrument was probably originally intended. The abacus, 
despite its ancient origin, is still in use by the Oriental peoples. 

After the invention of the abacus, 5000 years elapsed bbfore the next computational 
aid was dev eloped. During this time, gears and printers were used in the design of clocks. 
These machine elements paved the way for the development of calculating machinery. 

Chapter 15 considered the techniques for measuring the physical quantities asso- 
ciated with testing ro^ets. Some of these [riiysical quantities (thrust, pressure, and 
temperature) are converted to electrickl signals by transducers such as strain gages and 
thermocouples. In order to solve equations with a computer whose inputs are intro- 
duced automatically, it is necessary to have each of the elements of the equation in the 
form required by the input to the computer, such as voltage. At this point, therefore, 
it becomes important to select the computer. This will be determined by the computa- 
tions that need to be made, the accuiacies required, and the form that the answers will 

t 

take after the computations are made. An examination of the characteristics of the two 
basic types of computers, analog and digital, will reveal which would best fit the com- 
puting requirements of rocket testing. 

AttiALOG COMPUTER 

. * I 

In 1617, John Napier, following his invention of logarithms, published an account of 
his numbering rods, known as Napier's bones. Various forms of the bones appeared, 
some approaching the beginning of mechanical computation. Following the acceptance of 

*Head, Digital Recording and Engineering Section. 
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l<*ariU.ms, Oughtred (1630) developed the sUde rule, and it received wl<*e reco* “y 
l^er^r^eJe 1700. Everard (1755), Mamd.eim (1850), 

Many such analogy devices, such as the plammeter, the 

analyser have since been constructed. AU analogy devices like the slide rule 

to the accuracy of a physical measurement. rjgmgmdpnt Pressures 

Many of the problems encountered in rocket testing are im • 

and tZeratures vary rapidly with time and so, therefore, d^ ” 
narticularly true in the startup and shutdown phases of operation. Any instatalihes ttot 
particularly touem P eompuUtions that are performed on time-dependent 

~ ~ 

solved in terms of measured quantities; 



I =^ = 

sp 



( 1 ) 



W PpVp + PqVq 



where 



sp 

F 

Pf 

Po 



specific impulse 

thrust, measured by a load cell 

fuel density 

volume flow rate of fuel (e. g. , gal/min) 

oxidizer density 

volume flow rate of oxidizer 



AU of these variables can be measured directly during a test with the excepUon of the 
denslUes. The density of a Uquld is essentially proportional to temperature and can 

represented by 
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p = kT 



254 ,. 



( 2 ) 



where k is a constant, and T is the temperature of the liquid, which can be measured. 
Equation (1) now becomes 

ho = ^ ^ <®> 

kTpVp + kToVo 

Measuring the temperature and volume flow rate of both the fuel and oxidizer, along with 

the thrust, enables calculation of the specific impulse I . 

^ sp 

The analog computer is ideal for this problem because it can compute continuously 
in real time using several variables. The computer contains components which perform 
the basic arithmetic functions of addition, subtraction, multiplication, and division. The 
inputs and outputs of these components are voltages. A summing amplifier has two 
inputs and one output: 




If a signal of 2 volts is received at input A and 3 volts at input B, the summing amplifier 
produces an ou^ut of 5 volts. 

Other components are multipliers and dividers: 




Another basic component is an amplifier which multiplies by a power of 10: 



Input - 



xlO" 



-Output 



Multiplication by a constant other than a power of 10 can be accomplished by adding 
a potentiometer to the preceding component: 
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The effect of the potentioftieter is to multiply by a number less than 1. 

Equation (3) can be solved by interconnecting these basic components as instructed 
by the equation and introducing the signals directly from the transducers on the rocket. 
Note that all signals are multipUed by lOOO to make them large enough to be resolved 
by the computer (fig. 16-1). 



’sP* kTFVpnToVo 




The answer to the computaUon is a voltage representing the specific impulse as a 
function of time. This could be read from a voltmeter, but the usual method df presenta- 
tion is an oscilloscope or graphical plotter. If the plotter is adjusted to cOnq)€nsate for 
the electrical characteristics of the transducers, the amplification of the voltages through 
each stage of the computer, and the sensitivity of the plotter , specific impulse can be 
read directly in seconds. 

The analog computer has many other components which perform mathematical func- 
tions more complex than generating voltage proportional to time. They are used in the 
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electrical simulation of physical problems; for example, they enable the engineer to 
investigate mechanical motion without having the mechanical device present. 



i 








DIGITAL COMPUTER 



The digital computer differs from the analog in the fhct that internally it operates 
with digits, rather than with voltages proportional to the numbers. 

The electronic digital computer evolved from the mechanical adding machine and in 
many respects still maintains some of its basic characteristics. Like the adding ma* 
chine, its input must be in the form of digits. Unfortunately, it cannot use the decimal 
digit system efficiently because of the many symbols used for each digit. The computer 



TABLE 16^ > BIHARY NUMBERS AMD TREDt DECDiAL 



EQUIVALENTS UP TO 49 
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works much better using the binary system In which only two diiferent 

lor each digit This corresponds to a circuit which Is either conducting or not conduct- 

Z TreS^tttat either Is energized or is not energized, or a card with a 

or not puncLd. The binary digit is caUed a "bit, and the two possible states 

bit are represented by the symbols 0 and 1. * /wim rfpcimal to 

Since humans use the decimal system, It Is necessary to convert from ^ 

a a>aVtin ifi T shows the relation between binary numbers and 
binary when using computers. Table 16-1 shows me rei*u 

millivolt Input is converted Into a 13 -bit number. v, 4 «otny 

Another problem arises because the digital computer can only accept me binary 
„„Jlr or ^Lr output at a time; the pr<*lem is the need lor s«iu»mUy »n«ect- 

... a-h convertGr A d©viC6 known as a sca.iui6r, or 

^"Swplwr Is^uLTfw this sequencing. Shown In figure 16-2 are the components of a 
to -digital converter for entry Into a digital computer. 
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Figure 16-2. - Typical data system. 
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Ihe scanner and analog* to>digital converter, along with the controls, are usually 
built Into a data system which may or may not be connected directly to the computer. If 
it is not, the bits are recorded by the data system on either magnetic or paper tape for 
later entry into the computer. 

Once the transducer signals have been sequentially converted to digital form, what 
happens inside a basic digital computer is block diagrammed in figure 16-3. 



storage 




Figure 16*3. * Basic digital cotnputer. 



A sinqile computer, for which the input device is a punched card reader and die out- 
put device is an electric typewriter, must receive two kinds of information in order to 
carry out a computation. It must have numbers or data to use in the computation and 
instructions concerning what to do with the data. Much as the analc^ computer was pro- 
I grammed step by step to perform a complex computation, so is the digital machine in- 
structed in simple, sequential steps. For example, if told to add A+B the computer will 
do so. 

Radier than rely on the iiq>ut device to supply each of the numbers and instrucdons 
as they are required, these are placed in the block marked l^rage (fig. 16>3). All of 
the numbers and instructions necessary to solve a complex problem are held in Storage 
in a known, orderly manner. Control takes data and instruction numbers from the input 
device and places them in Storage. When all data and instruction are in Storage, the 
problem is started. Control sends data to Arithmetic and controls the operation to be 
performed there according to the basic instruction of add, subtract, multiply, and 
divide. The answer is held in Arithmetic for the next instruction. The instructions 
necessary to solve a problem are sequentially extracted from Storage by Control. Con- 
trol executes the instructions by transferring data from Storage to Arithmetic and back. 
This continues until the problem is solved, at vdiich time the final answers are sent to 
the ou^xit device for printing. 

The series of instructions necessary to solve X s ^ begins after the data B, C, 
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And D hftve been loeded in storage at locations much like slots in a file cabinet. Each 
slot| which can hold a number, hsis an address: 

Address Co ntents 

B 
C 
D 



1 

2 

3 



The symbol 1 means the address 1, whereas the symbol (1) means the contents of 
address 1, or B. Similarly, A means the arithmetic section while (A) means the contents 
of that location. 

The instructions necessary to solve for X would be as follows: 

instruction Contents of A after operation 

Send (1) to A 
Add (2) to (A) 

Divide (A) by (3) 

Print (A) 

Returning to the rocket problem, the equation for specific impulse is 

I F 

■P kVpTp+kVoTo 

Assume tiiat tiie data to solve this equation are loaded into the storage at the following 
locations: 



B 

B •»- C 
B-t-C 
D 

Zero 



Address Contents 



1 

2 

3 

4 

5 

6 
7 



k 

T* 



F 

Empty 
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! instructions necessary to solve the equation would bo as follows: 


Instruction 


Contents of A after operation 


Send (1) to A 


k 


Multiply (2) by (A) 


kVp 


Multiply (3) by (A) 


kVpTp 


Send (A) to 7 


Zero 


Send (1) to A 


k 


Multiply (4) by (A) 


k<rQ 


Multiply (5) by (A) 


'‘Vo 


Add (7) to (A) 


kVj,TF + “Vo 


Send (A) to 7 


Zero 


Send (6) to A 


F 


Divide (A) by (7) 


F 

# • 




kVpTp + kVoTo 


Print (A) 


Zero 



In a typical situation ttie instructions necessary to carry out this computation would 
enter the computer on punched cards throu^ a card reader similar to the one shown in 
figure 16-4. Ihe data mi^t come directly from an analog-to-digital converter in the 
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Figure 16-4. 



■ Cerd reader-punch. 

m.:. 
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data system or from a magnetic tape recorded by the data system. Figure 16-5 shows 
magnetic tape units capable of reading or writing 80 000 bits per second. 

The instructions, of course, are much more complex and there are many more ; 

measurements and computations than have been considered here. Together, the instruc- 
tions are called the program for the test Composing or writing the program for a test ; 
is a very complex job and is usually done by a mathematician. 




Figure 16*5. - Magnetic tape units. 



i 

I 

f 

Output from the computer may be listed In decimal form by a high speed line printer j 
(fig. 16-6). This printer can print up to 2500 decimal digits per second. I 

If graphical output is a more desirable presentation, the plotter shown in figure 16-7 | 

may be used. Its input is from a magnetic tape prepared by the computer. 
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SELECTION OF COMPUTER 



Either the analog or digital computer can be used to perform a typical computation 
in the study of rocket performance. Each machine has characteristics which either make 
it desirable or limit its capabilities for a particular Job. 

In summary, the analog computer can open^te in real time and provide immediate 
continuous plots of computed results. Accuracy is about 99 percent on the average, and 
about 10 variables can be handled simultaneously. 

The digital computer generally does not operate in real time, but it can perform 
much more complex calculations than the analog. It also has the advantage of a stored 
program giving Increased flexibility in computations to be performed. And finally, the 
number of variables is unlimited, while their individual accuracies are limited only by 
the number of bits representing the variable. 
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17. RXKET TESTING AND EVALUATION IN GROUND FACILITIES 

JohnH. Povolny* 



I 

I; Rocket engines and vehicle stages must operate in a variety of environments. Some 

I components need to perform well in space, others must be effective on the launch pad, 

I still others must respond during atmospheric flight, but many need to function satirfac- 
V torily under all conditions from launch throu^ orbit. Of these conditions, vibration, 
pressure, vacuum, temperature, humidity, mechanical stresses, and gravity forces are 
the most important ones affecting performance. Before NASA will commit any engine or 
i other component to flight, ttiey must be sure that it will perform perfectly. To achieve 
this, extensive testing is necessary. Ideally, test facilities for this purpose should be 

tr ■ 

able to reproduce many of these environmental factors at the same time, but, practically, 
I tills is seldom possible, so tiie effects of environment are usually examined one or two at 
i a time, and testing is often limited to those considered most significant 
I Although the investigations usually range from tests of the smallest component to 
I tests of the complete system in a simulated environment, this discussion ignores the 
I smaller research setups and concentrates on the larger test facilities used by NASA at 
I the Lewis Research Center. 

AMBIENT FACILITIES 




Back in the early 1940* s, when rocketry became a serious stu<fy, engine research 
and development facilities consisted primarily of small (several hundred pounds thrust 
capacity), horizontal or vertical, sea>level test stands such as tiie one illustrated in fig- 
ures 17- 1 and 17-2. Then tiiere was so much to learn about the fundamentals of rocket 
propulsion that tiiese small-scale rigs were satisfactory. In fact, small test stands are 
still useful for basic research purposes. As the size of tiie engines increased, larger, 
vertical, sea- level test stands were built, such sm tiie one Illustrated in figure 17-3. This 
facility, located at the Lewis Research Center, will support experimental rockets having 
thrusts up to 50 000 pounds and using exotic propellants such as liquid hydrogen and liquid 
fluorine. The largest test stand built to date for liquid-propellant systems is for tiie M- 1 
engine and is located in Sacramento, California; tiie largest for solid-propulsion systems 
is for the 260- inch-diameter engine and is located near Homestead, Florida. The stand 



^Chief, Engine Research Branch. 
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Figure 17-2. - Small sea-level Ihrust stand. 
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Fjgure 17-3. - High-energy rocket test stand with closeupof engine Installation. 
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Figure 17-4. - M-1 rocket test complex. 
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Figure 17-6. - 260-lnch-solid-rxket test stand. 






and complex for the M-1 engine, which develops 1. 5 million pounds of thrust, is illustra- 
ted in figures 17-4 and 17-5, and the stand for the 2 60- inch engine, which will develop 
5, 0 million pounds of thrust, in figure 17-6. The two stands are basically different in 
that the liquid-rocket stand consists of a tower from which the engines are fired down- 
ward, while the solid-rocket stand is a hole in the ground from which the engines are fired 
upward. The reason for this is that the solid engine performance is not influenced by 
gravity, and thus it can be fired in any attitude; furthermore, it is cheaper to dig a hole 
in the ground than to build a tower. 



ALTITUDE FACILITIES 



ERIC 



The facilities discussed so far are only useful for first -stage engines or engines 
which operate where altitude or space effects are not significant. Where this is not true, 
as in the case of upper-stage engines or engines with large- expansion- ratio exhaust 
nozzles, then high-altitude facilities are required. There are various ways of simulating 
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(a) Without flapper valve. 



FLAPPER 
VALVE 7 

3 

CD-9430 

(b) With flapper valve. 

Figure 17-7. - Rocket-exhaust ejector. 




desired altitudes; one of the simplest and least expensive Is Illustrated In figure 17^. 
", the entire test stand Is enclosed in a tanU ivhlch has one end left o^n so that 
rocket exhaust can escape. The opening Is fitted with a cylindrical tube called an 
ctor, which utilizes the energy of the exhausting gases to reduce the pressure in the 
k. Pressures approaching 1 pound per square inch absolute, ^ an 

itude slightly over 70 000 feet, have been obtained by this method. Although this 
Lque proJdes altitude simulation once the engine Is operating. It caimot simuMe a 
-h amtude for testing engine starting characteristics. This can easily be 
»ever, by adding a flapper valve to the exit end of the ejector tube and evacuating the 
stem When a high-altltude start is to be made, the vacuum pump is turned on and the 
assure in the tank and ejector tube is thereby reduced, while the higher ^^ospheric 
assure pushes on the outside of the flapper valve and gives a tight seal. W e 
sired p«ssure condition is achieved, the engine is Ignited; exhaust .rom the engm 
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forces the flapper valve open and the operation is the same as before. If higher altitudes 
I are required during engine operation, they are made possible by the addition of a steam 
I ejector pump or by the installation of the entire engine and rocket exhaust ejector assem- 
I bly inside a vacuum chamber. 

t The steam ejector pump is the method used at the B-1 facility located at the NASA 
Plum Brook Station (fig. 17-8). This installation lias a vertical test stand, 135 feet high, 
currently capable of testing hydrogen -fluorine rockets with thrusts up to about 6000 pounds; 




(a) Overall view of test facility. (b) Test enclosure. (c) Engine cross section. 

Figure 17-8. - B-1 test facility. 
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with some modification, it can accommodate engines with thrusts up to 75 000 pounds. 
The test engine is installed with the exhaust discharging down at about the 68-foot level, 
leaving a space above the engine for a 20 000-gallon propellant tank. This arrangement 
allows testing the propulsion system of a complete stage. Run time is limited to several 
minutes by the capacity of the propellant tanks or by the capacity of the storage system 
that supplies steam to the ejectors. The B-1 facility has no vacuum chamber for com- 
pletely enclosing the rocket engine. 

The vacuum chamber is used to simulate altitude at the Propulsion Systems Labora- 
tory (PSL) at Lewis. Rocket engines installed in the PSL are illustrated in figures 17-9 
to 17-11. The Centaur engine shown in figure 17-9 is using the PSL tank itself as the 
vacuum chamber and the flame tube as the exhaust ejector. The hot gases leaving the 
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Figure 17-9. - Sketch of Centaur engine install^ in Propuision Systems Laboratory. 




^PROPELLANT SERVO 
CONTROL VALVE 



OXIDIZER 

TANK 
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PROPELLANT ENCLOSURES 



Figure 17-10. - Sketch of engine with exhaust ejector. 




Figure 17-11. - Engine being installed in exhaust ejector in Propulsion Systems Laboratory. 



I flame tube are discharged into an evacuated 'system where they are first cooled and then 
; removed by several banks of high-capacity pumps. Although satisfactory for many inves- 
V tigations, the vacuum obtainable by this method is limited by leakage through the PSL tank 
hatch. When the ultimate in vacuum is desired, as for a large- expansion- ratio rocket 
nozzle program, the engine is completely enclosed within an exhaust ejector as well 
(figs. 17-10 and 17-11). Engines having up to about 40 000 pounds thrust can be investi- 
gated in this facility. 



COMBINED ENVIRONMENTS 



Engine Testing 

Testing rocket engines under a vacuum is significant because the thrust and effi- 
ciency of the rocket is determined as much by the pressure acting outside the engine as 
by what is going on inside. The latter, of course, is determined by how well the com- 
plete propulsion system (consisting of valves, meters, pumps, controls, tanks, etc.) 
functions, and this, in turn, is affected by other factors such as the thermal balance 
(and ultimately the temperature) of the various components and how long they have been 
in space. Obviously, this is of much greater concerp for an upper stage that has to 
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Figure 17-12. - Cross section of B-2 test facility. 
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tunctton alter being in space for some time than it is for the l<wcr 

With fliis in mind a new facility was designed wiUi the capability of ® ® , 

rffects of thermal factors as well, mis facility, which is approaching complebon m 
designated as the B-2 Spacecraft Propulsion Research Facility and ^ 

Plum Brook Station. Cutaway illustrations of this facility are 

and 17 13 Resembling the B-1 facility in that it is downward firing with the engine ^ses 
being pumped by both exhaust and steam ejector, the B-2 differs in having the ^haust 
e elr and cooUng systems below ground; however the princii^l 
two facilities is that in the B-2, the complete stage, mcluding the «»eincs, can be ex^ 
posed to a space environment tor as long as desired before firing, w er 

atailation can only produce a vacuum while the engine is running. 

Trsmoe en^^^^ i« the B-2 is simulated in a 38-foot-diameter chamber that 

surrounds the test vehicle. The inner wall of this chamber is lined 

panels (-320® F) that simulate the cold of space. Mounted near the mside 

Tml of qLz, infrared lamps that can be used to simulate solar heating. Pro^r 

coordination of these heaters with the liquid-nitrogen system ' 

model of the space thermal environment. The space-vacuum environment ‘hat i- re 

quired during testing is provided by a four-stage vacuum 

chamber This system will reduce the chamber pressure o * 

cury (equivalent to an altitude of about 200.mUes) as long as the engines ®°‘ 

ting. Starting the engines destroys the vacuum and increases t e pressure 
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Figure 17-13. - Cross section of B-2 test chamber. 



lent altitude of slightly less than 100 000 feet (about 20 miles); this is sufficient, however, 
for engine performance evaluation. The actual value of the equivalent altitude obtained 
during this phase is a function of engine size and becomes lower as the engines become 
bigger. The exhaust system is capable of handling total engine thrusts up to about 
100 000 pounds for periods as long as 6 minutes. 



Component Testing 

In addition to rocket engine testing, space facilities in which the engines are not 
fired can be useful in many ways, such as determining the operating temperatures of 




271 





o 

ERIC 




CENTAUR-STAGE / 
JEST LOCATION-^ 



/ 

^CENTAUR NOSE FAIRING ; 
TEST LOCATION 



CS-35999 



Figure 17-14. - Cross section of Space Power Chamber. 



s;;‘ 



various components alter a period of exposure or checking 

f„Lra;dl « ii^uid-nitrogen prneis, solar heat simuhitors, and high-vacuum 

Durinn^crenvironment tests conducted on a complete Centaur stage in one end of 
this Chamber, all the systems were actuated except for firing^ tte 

ror:ra=u:r:^ 

that obtained in tlie test chamber showed excellent correspondence. 

This chamber was also used for jettison tests of the Centaur nose air ng. 
case a real Centaur nose fairing with all its flight systems was installed in tte opposite 
end of the chamber. During these tests an altitude of 100 miles was ^ 

although the nose cone had been successfully tested a number of times at sea-leve p 
sure, it was not able to take the higher forces that were generated , 

occurred in a vacuum. Needless to say, 

nose cone was finally flown, a comparison of the flight d,-j.witn tnat 
uum chamber again showed good correspondence. 
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Figure 17-15. - Cross section of Space Propulsion Faciiity. 
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Figure 17-16. - Cross section of Space Propuision Facility test chamber. 
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Another Lewis space environmental facility of note is known as the Space Propul- 
sion Facility (SPF), which is under construction at the Plum Brook Station and will be put 
into operation in early 1968. This facility, which is illustrated in figures 17-15 and 
17-16, differs from the preceding one in tliat it will be used to test nuclear power genera- 
tion and propulsion systems as well as larger, chemically propelled vehicles and space- 
craft. The SPF will have an aluminum test chamber (fig. 17-16), 100 feet in diameter 
and 12l| feet high, surrounded by a heavy concrete enclosure for nuclear shielding and 
containment. It will have facilities for assembly and disassembly of experiments and 
will be able to vibrate the system within a vacuum environment (ultimate capacity 
6X10"® mm Hg). It will also have experiment-control and data -acquisition systems. 
Rather than building in a thermal simulation system of heaters and cryogenic panels, 
these systems will be built for the particular experiment being conducted. The facility, 
of course, is designed tc comply with all the AEC safety regulations applicable to reac- 
tors as large as 15 megawatts. The concrete shielding walls are approximately 6 feet 
thick so that the radiation levels experienced by people working nearby will be less than 
the levels specified by AEC. This is one of the most advanced space environmental cham 
bers under construction and should be useful in future investigations. 



STRUCTURAL DYNAMICS 

In addition to the large facilities for evaluating the effects of the space environment 
on upper stage and propulsion system performance, large facilities are also necessary 
for determining the structural characteristics and capabilities of complete boosters. The 
reason for this is that, although it is generally possible to calculate the natural frequen- 
cies of the first and second bending modes of a complete launch vehicle as well as the 
dynamic loads that would be encountered at these frequencies, it is impossible to cal- 
culate these for tlie higher modes. Calculating the damping of the vehicle is also im- 
possible. Further, there are additional factors such as the interplay between the pro- 
pellant system and tne structure which cannot be computed and which have a significant 
effect. Thus, the surest way to assess the structural capabilities of a vehicle is to test it 
on a dynamic test stand like that which has been successfully used for the Atlas -Centaur- 
Surveyor vehicle. This stand (fig. 17-17) is known as the E- stand and is located at the 
Plum Brook Station. As illustrated in figure 17-18, the method of installation is to sus- 
pend and position the complete vehicle by means of springs with natural frequencies (in 
combination with the masses involved) lower than those of the vehicle so that it can re- 
spond to the electrodynamic shaker without being influenced by the suspension and posi- 
tioning systems. No environmental factor is simulated in these tests other than the dy- 
namic force inputs. 
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Figure 17-17. - E-stand. 
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Figure 17-18. - Atlas-p.s,ntaur Installed In E-stand. 
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perhaps the following brief discussion will explain the nature of the problem better. 

Chapter 11 mentioned that the performance of a booster system 

weight with the lighter systems having superior performance. According y, 

TeigMls kept to a minimum and usually ranges between 6 and 10 percent of .he total 

launch weight for the better systems. In XTulTis a 

mth through the atmosphere dictate a long slender v j u 4 -vi 

XCntlewlthaLt*^^^ 

mass change due to propellant consumption and varying G ^ ko on 

lem is further conrplicated by the many different disturbances and forces that can 

countered: 

(a) During engine ignition 

(b) By the sudden launcher release at lift-off 

(c) By the groimd winds 

(d) By the high altitude gusts (jetstream) 

s r. ... p™.*- - “• 

(g) By sloshing of the propellants 

(h) During engine shutdown 

(i) During separation of the stages 

During insulation-panel or nose -cone separation , , . tunM 

(k) As a result of the aerodynamic and shock wave pressures generated during ig 

through the atmosphere 

re Lr aelT " ““ ^ “* 

‘^TlTtlrr " normal to its center.b,e axis (bending) 

fc longitudinal - where the vehicle is deflecting parallel to its centerline « s 

Scom4 alternately shorter and longer); this can he either a "onreln^orced 
or a reinforced oscillation which is augmented by the engine and propellant 
svstems (called pogo) which results in much greater deflections 
(c) Torsional - where the vehicle Is rotating about Its centerline axis in alternately 

opposite directio poph tvne of deflection may develop during a flight, 

as a vehicle in flight is in oscillation. Thus, a 

iqtic free-free deflection curves are used to define me 

istic iree ire ^ ^ defines the first mode, one that looKs 

vehicle deflection curve that looks like ^ ^ ^ 

like the second mode, and one like 




(a) Overall vier following test. ,b, cioseup of wrinkle patterns. 

Figure 17-19. - Atlas tested to ultimate load capacity. 
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to addition to the mode and type of deflection, another factor that 
s the amount of l«d will n'S nike L vehicle oscillate 

f ^ nf itQ natural frequencies but with a decreasing amplitude as follows. \J V/vw- 
It one of its natural frequen revealed by a full-scale experi- 

iTehicle damping is a difficult thing to predict and is best reveaie y 

EHHBur=rr£= 

esUmated, and finally the effects of all the ”nd the experimental results are 

vehicle IS then tested in a stand similar to the t,en the 

compared with those predicted. j ’once agreement is 

equations must be modified until they represent the “ 

obtained, then fUght performance , Evaluable for determining the 

to addition to dynamic response, the E-Stod conducted on 

ultimate *<»<> ttatThTullate load capability of the Atlas 

an Atlas boostsr (fis* ^ a. sicmif leant 

was about 50 percent "" stiU^IsILTial growth potential for future 

result because it means that the Atlas stiu nas a ouw 

space missions. 



RELIABILITY AND QUALITY ASSURANCE 



All the foregoing discussion of facilities and environmental testtng Is 

Jy With the ^performance e— ^ « "tos), and 

,ery stage, of function at one time, 

is difficult to ascertain that all these ^rts wi ^ „ca in 

at the intended mission will ..lability and quality 

le aerospace industry in the ear y , pnmhlnes the elements of engineering, 

gsurance engineering, as known to y, egan. system, subsystem, 

rustics, and good sense for evaluating the conditions, 

r part will perform its intended function for a specified time under specuie 

The reliability field can be broken down into two basic areas. ( ) 

Ms can be calculated from the mathematical expression for Indlv ua r 
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^ g-t/MTBF 



where R is the reliability (or probability of success), e i'i a constant, t is the mission 
time, and MTBF is the mean time between failures or operating hours divided by num- 
bers of failures. For the more complex case where the failure of any one part will cause 
failure of the entire component, the total reliability equation is 



It is thus evident that for high system reliability it is necessary to have extremely high 
part reliability. 

Once the component has been built, it is still necessary to evaluate its reliability 
experimentally because manufacturing and assembly processes vary and also because the 
environment that the parts experience in this component may be somewhat different than 
that for which they were designed. This is usually done in a series of design evaluation 
and proof tests. If the failure rates from these tests are plotted against total operating 
time (for all components) a curve similar to the one in figure 17-20 is usually obtained. 



The high fp^ilure rate that usually occurs in the early period is generally a result of 
initially poor partsi marginal design, or both. The high rate that is obtained in the later 
period is usually a result of wearing out. Ihe fairly low, constant rate that falls 
between the two high rates is defined as the useful life. For a high reliability, the useful 
life should be long compared with the time a part has to operate, and the failure rate 
during the useful life should be as low as possible. Inasmuch as testing is the primary 
indicator of reliahility, the more tests that are run and the more data that are obtained, 
the more confidence there will be in the results. Confidence can be reduced to a statis- 
tical value which reflects the degree of probability that a given statement of reliability is 
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Figure 17*20. * Idealized failure rate curve. 
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Of course, in order to achieve and maintain a given reliability It 
m originate designs vdth sufficient operating margins, provide specUications for tte pro- 
cesses as weU as the finished parts, and enforce a comprehensive system 
trol or assuntnce. Constant vigilance and attention to detail Is the price of high reliabll- 
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18. LAUNCH OPERATIONS 
Maynard I. Weston* 
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I • . . 

Launching and monitoring the flight of an unmanned scientific probe takes a good 
deal of money and the dedicated hard work of literally thousands of jpeople. This effort 
can be clearly seen in the Atlas-Agena Lunar Orblter B program. Although the vehicle 
lias only a booster and an upper stage and involves fewer people knd organizations than 
the more complicated Apollo launch vehicle, the types of activity needed to launch the 
Atlas-Agena are the same. The problems of the smaller vehicle illlistrate those of the 
larger. Fof example, the same general type of documentation that is shown in table 18-1 
for the planning of an Atlas-Agena launch is required for all space launches regardless of 
vehicle size. 

This dlbcMSsion of the Atlas -Agena-Orblter concentrates on the hardware, orgarilza- 
tlon, testing, and support of a typical launch. 



HARDWARE 

Spacecraft 




The Lunar Orblter B spacecraft weighs 845 pounds and is covered by an aerodynamic 
shroud during atmospheric flight. In this configuration, with its solar panels and 
antennas folde4, it is about 5 feet in diameter and almost 6 feet long. When the panels 
and antenna are unfolded in space, the maximum span increases to almost 19 feet. The 
spacecraft is carried into a translunar trajectory by a two-stage Atlas-Agena launch 
vehicle (fig. 18- 1). 

The main object of the Lunar Orblter program is to ikam as much as possible about 
the topography of the Moon. This information will be particularly useful durihg the 
Apoiio manned lunar landings. The Orbiter spacecraft are equipped with cameras to 
give a detailed picture of the Moon's surface, and each Orbiter in the series travels a 
different path to photograph a different portion of the Moon. 



♦chief, Operations Branch, Agena Project. 
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liquid oxygen and kerosene. The Atlas is radio controlled by a computer-operated, 
ground-based system. 



Lockheed Missiles and Space Company builds the second stage, an Agena rocket. It 
is about 23 feet long and 5 feet across. The liquid -propellant engine uses unsymmetrical 
dirnethylhydrazine (UDMH) as fuel and inhibited, red, fuming, nitric acid (IRFNA) as 
oxidizer to generate 16 000 pounds of thrust for 240 seconds. This total thrust time can 
be divided into two separate burns . The Agena is guided by a preprogrammed autopilot 
system using horizon sensors and a velocity meter cutoff. 



The Atlas-Agena-Orbiter is launched from Complex 13 at Cape Kennedy. All neces- 
sary facilities for conducting final tests, fueling, countdown, and launch, as well as in- 
stallations for tracking, photographing, and monitoring significant events during the 
preparation, countdown, and launch, are available at Complex 13. These facilities 
and their relation to the remainder of Cape Kennedy are shown in figures 18-3 and 18-4. 
The laimch complex has two major portions, the blockhouse and the test stand, and a 
variety of lesser supporting installations. 



Agena Rxket 



Launching Facilities 




Figure 18-3. • Launch Complex 13 at Cape Kennedy. 
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Blockhouse . - This structure, is the control center for the entire launch operation. 

It is made of concrete, heavily rehiforced with steel, has approximately 6400 square feet 
of floor space, and is about 800 feet from the test stand; a single, vault-type door is its 
only entrance, and this is sealed during launching. Inside are the consoles and equipment 
to control and monitor all systems of the launch vehicle, propellant loading and unloading, 
automatic sequencing, communications, launch pad, closed-circuit television, and land- 
line recording. The blockhouse is connected to the launch pad and propellant service area 
by weatherproof wiring tunnels. 

Although the blockhouse has the facilities to monitor important spacecraft functions, 
as well as those of the vehicle, the primary center for this activity is the Deep Space 
Station at Cape Kennedy. 

Test stand . - The major installations which comprise the test-stand area are the 
launch service building, the launcher mechanism, the service tower (gantry), the umbil- 
ical mast and boom, the propellant storage tanks and transfer equipment, various gas 
storage and loading facilities, general storage areas, and workshops. 

The gantry is used for erecting the Atlas, the Agena, and the spacecraft, and for sup- 
porting the system during checkout and countdown. A launch mechanism is used for con- 
trolling the vehicle during the first moments of launch. The last function is effected by 
pneumatically operated holddown clamps, which restrain the vehicle until thrust is strong 
enough to ensure a stable flight . 

Near the gantry is the spacecraft checkout van. It contains the facilities to test and 
monitor the operation of this system. 



ORGANIZATION 

A single agency is assigned complete responsibility for each NASA mission. Depend- 
ing on the type of mission, this agency might be the Jet Propulsion Laboratory, the God- 
dard Space Flight Center, or one of the other NASA institutions. In the case of the Lunar 
Orbiter program, the operation is directed by the Langley Research Center (LRC), which 
coordinates the work of several different private, public, and military organizations. 

The Orbiter involves four major activities: The Lewis Research Center (LeRC) is re- 
sponsible for the launch vehicle, the Eastern Test Range (ETR, an Air Force activity) for 
the launch and range support, the Jet Propulsion Laboratory (JPL) for coordinating and 
integrating tracking and data acquisition systems, and finally Langley's own development 
of the spacecraft. The overall organization of government and contractor elements re- 
sponsible for the Lunar Orbiter prelaunch operations is shown in figure 18-5. 
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Launch Vehicle 



Since the Atlas -Agena vehicle has two stages, the Lewis Research Center must co- 
ordinate the work of two contractors, General Dynamics/Convair (GD/C) and Lockheed 
Missiles and Space Company (LMSC). Each of these organizations is responsible for 
manufacturing, testing, and installing its section on the launch pad - GD/C the Atlas and 
LMSC the Agena. Lockheed, moreover, is responsible for integrating the two stages. 



Spacecraft 

Once the two stages are in place, the spacecraft must be installed. This is done by 
its contractor. The Boeing Company (TBC), under the direction of Langley Research 
Center. 



Launch Facilities 

The Eastern Test Range is operated by the Air Force to provide all the necessary 
supporting staff and installations required to launch and use space missions. The ETR 
coordinates the Atlas -Agena- Orbiter program with other launching activities, maintains 
the launching complex, and manages the lesser but important services such as housing, 
security, safety, and weather. 



Tracking and Data 

> 



The tracking of the launch and the collection of the data that are the reason for the 
Orbiter are done by ETR in conjunction with the Deep SIpace Network, which is under the 
direction of the Jet Propulsion Laboratory. 
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PREPARATION AND LAUNCH 
Preassembly Tests 



Before the Atlas-Agena-Orbiter is launched, it must pass through several inspections 
and tests, both as individual components and as an assembled unit. Even before de lyery 
Tcape Innedy, each section must have passed a final quality test at the contrao or’s 
plant upon arrival at the Cape (figs. 18-6 and 18 - 7 ), each section is agam tested by its 
LtractcTand then assembled. Figures 18 - 8 , 18 - 9 , and 18-10 show major assembly 



steps . 




Figure 18-6. - Atlas transport to pad. 
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Figure 18- la - Mating encapsuiated Orbiter-B to Agena. 

Assembly and Testing 

The first stage, the Atlas vehicle, is the first section to be erected on the launch 
pad. As soon as it is in place, it is tested to ensure that all systems are still function- 
ing properly and will respond only to the correct signals from the blockhouse. In addi- 
tion, the Atlas fuel tanks are checked to make sure that they will withstand the tempera- 
tures and pressures imposed on them without leaking. 

After the first stage is in place and has passed all the inspections, the Agena is in- 
stalled. Testing now is conducted not only on the Agena but also on the electrical and 
mechanical connections between it, the Atlas, and the ground equipment. 

The spacecraft is the last section to be installed on the vehicle. Again, the assembly 
tests are conducted to establish both the individual and combined reliability. 

After it is determined that all systems of the Atlas-Agena-Orbiter and all systems on 
the ground are operating perfectly, a simulated launch is conducted. This operation gives 
the final assurance that all systems have been correctly integrated and that all supporting 
ground facilities are ready for the launch. This full dress rehearsal is as realistic as 
possible, even including fueling; only the last 19 seconds before the actual firing are 
omitted. 

The prelaunch tests and operations outlined in figure 18-11 take place according to 
the schedule presented in figure 18- 12. 
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Figure 18-11. - Prelaunch operations flow chart 
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Figure 18-lZ - Atlas-Agene-OrMter integrated-vehicle milestones and Agena on-stand hold coMbility. 
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Figure U*13; - Functional organizttion of spice-flight operations. 



Launch 



The coordina.tion of all the activities which must take place during a launch is 
handled by the Unmanned Launch Operation Directorate at the Kennedy Space Center 
(KSCAJLO). The relation of KSCAJLO to the other activities is shown in figure 18-13. 

The operations and tasks that are performed during the countdown preceding the 
actual launch are carefully timed to ensure that nothing is overlooked and that everything 
is done in the correct order. Among the many tasks are fueling and checking all com- 
mand and execution systems of the spacecraft, the vehicle, and the ground facilities. A 
summary of the countdown procedure is presented in table l8-n. 

Although the launch is the most spectacular moment of the Atlas- Agena-Orbiter mis- 
sion, it is probably the least de m a n ding technically. Its success d^ends entirely on the 
thoroughness and accuracy of all the testing inspections and verifications that have gone 
on before. Design, manufacturing, and assembly play an important part as well. The 
launch is a conclusion, not a process. 



To understand the suppoit required from the tracking and telemetry stations around 
the world, a brief review of a typical Lunar Orbiter flight plan is in order. Precise 

timing, of course, varies with the launch day as well as with the launch time on a given 
day. 

After launch, the vehicle rises vertically and turns a prescribed amount aboct its 
longitudinal (vertical) axis so that the desired azimuth is obtained when the pitch- over 
maneuver is started. After the Atlas booster engines are cut off and jettisoned, sustainer 
and vernier engines control vehicle position and velocity. Immediately following vernier 
engine cutoff, the nose fairing is jettisoned and Atlas- Agena separation occurs. After a 
pitch maneuver to the proper attitude, the Agena fires to inject the vehicle into a 100- 
mile parking orbit. 

After coasting for a predetermined time in the Earth parking orbit, the Agena is 
fired a second time to place the vehicle in a translunar trajectory. This is followed by 
the separation of the spacecraft from the Agena and by an Agena retromaneuver to reduce 
the pro^ility of its interfering with the spacecraft or hitting the Moon. A list of key 
events between launch and retromaneuver is given in table 18- m, and a schematic of the 
trajectory is shown in figure 18-14. 



WORLDWIDE SUPPORT 



Flight Plan 
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Figure 18-14. - Sequence of spececrift flight events. 



Ground Support 

During the entire mission, the Atlas-Agena-Orbiter is in contact yllh the ^ojmd 
both electroniciOly a»l optlcaUy. Messages, consisting of commands 
spacecralt and Information to the ground, are constanUy exchang . 

tor this communication are distributed throughout the world; ll^e s^» 

cation prlmarUy of the NASA ground-based communications activities, an 

Wormattai generated or coUected by the Orblter or ^ 
transmitted tack to the ground stations near the ground track. At first, “ 

is received directly by Cape Kennedy, but later, other stations take over. The data ar 

recorded on magnetic tape for immediate and later analysis. . ^ s„ 

Tracking. - Most of the installations that coUect telemetry data are also involwd in 

tracking; soL staUons are speciflcaUy designed for tracking only. 

either electronic or optical. Optical tracking is Umlted to the early stages M flight, so 

faculties lor this are mostty near the launch area. Electronic tracking Is not so Umlted 

and its distribution is world-wide. 
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Figure 18-15. - Geodetic positions of NASA tracking facilities. 
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TABLE 18-n. - COUNTDOWN EVENTS 



Time, 

EST 


Count, 

min 


Event 


0041 


T-460 


Man countdown stations 


0046 


T-455 


Start countdown 


1000 


T-432 


Start preparations for spacecraft power turn-on 


1011 


T-430 


Radiation clearance required 


1041 


T-400 


Project Representative at Central Control console and check all communications lines with blockhouse 


1046 


T-305 


Start spacecraft subsystem checks 
Agena ordnance delivered to pad 


1056 


T-385 


Local radiofrequency silence until T-315 (spacecraft in low power mode) 
Start mechanical Installation of vehicle pyrotechnics 


1206 


T-315 


Range countdown starts 
Ordnance installation complete 
Radiofrequency silence released 


1211 


T-310 


Start Agena telemetry and beacon checkout 


1246 


T-275 


Range Safety Command Test 


1306 


T-255 


Local radiofrequency silence until T-230 (spacecraft in low power mode) 
Start electrical hookup of pyrotechnics (Atlas and Agena) 


1346 


T-215 


Spacecraft subsystems test complete 
Spacecraft programmer memory loading 


1436 


T-165 


All personnel not involved in Agena tanking clear the pad area and retire to roadblock 


1441 


T-160 


Pumphouse no. 4 manned and operational 


1446 


T-155 


Start Agena fuel (UDMH) tanking 


1451 


T-150 


Atlas telemetry warmup 


1455 


T-146 


Guidance command test no. 1 


1506 


T-135 


Agena fuel tanking complete 

Pad area clear for essential work 

Spacecraft programmer memory loading complete 


1516 


T-125 


Remove service tower 


1551 


T-90 


Start Agena oxidizer (IRFNA) tanking 
Agena beacon range calibration check 


1616 


T-65 


Agena oxidizer tanking cpntplete 


1621 


T-60 


Built-in hold (50 min nominal) 

Clear all private vehicles and nonessential support vehicles from parking and pad areas 


1711 


T-60 


Built-in hold ends 

Start spacecraft internal power checks 


1720 


T-51 


Start guidance command test no. 2 


1721 


T-50 


Spacecraft Internal power checks complete 


1736 


T-35 


Start liquid- oxygen tanking 


1741 


T-30 


All systems verify that there are no outstanding problems 
Photo subsystem final preparations 


1740 


T-22 


Start final Range Safety commitment 


1804 


T-7 


Built-in 10- minute hold 


1814 


T-7 


Built-in hold ends 

Agena switched to internal power 


1816 


T-5 


Spacecraft switched to internal power 


1818 


T-3 


Spacecraft programmer clock running 


1810 


T-2 


Adas switched to internal power 


1821 


T-0 


Launch 



TABLE 18 -m. - SEQUENCE OF FLIGHT EVENTS 



Event 


Time 


T+sec 


min: sec 


Liftoff 


T-tO 


00:00 


Start roll program 


T+2 


00:02 


Start booster pitch program 


T+15 


00:15 


Ground guidance commands to 


T+80 


01:20 


booster become effective 






Booster engines cutoff 


T-i-129. 0 


02:09.0 


Jettison booster 


T+132. 1 


02:12.1 


Ground guidance commands to 


T+138. 1 


02: 18. 1 


sustainer engine become 






effective 






Start Agena restart timer^ 


T+250.7 


04:10.7 


Sustainer engine cutoff 


T+287. 2 


04:47.2 


Start Agena sequence timer^ 


T-i-290. 6 


04:50.6 


Vernier engines cutoff 


T+307. 5 


05:07. 5 


J ettison nos e fairing 


T+309. 5 


05:09. 5 


Atlas/Agena separation 


T+311. 5 


05:11.5 


Agena first-burn ignition^ 


T+364. 5 


06:04.5 


Agena first-burn cutoff^ 


T+516.8 


08:36.8 


Agena second- burn ignition^ 


T+1315.0 


21:55.0 


Agena second- burn cutoff^ 


T+1401. 5 


23:21,5 


Payload separation^ 


T+1567.7 


26:07. 7 


Agena retromaneuver^ 


T+2167.7 


36:07. 7 



®^Tlme of occurrence is variable. 



TABLE 18-IV. - EASTERN TEST RANGE INSTRUMENTATION 



Station 


Instrumentation 


Use 


Cape Kennedy (Station 1) 


Ballistic c|meras 

Cinetheodolites 

Radar 

Fixed camera systems 
Pad cameras 

Telemetry receiving station 
Command destruct 
Wire sl^ screen' 
Television sky screen 


Metric ^ta 
Metric data 
Range pafety 
Metric data 
Engineering sequential 
Vehicle/spaceczaft data 
Range safety 
Iton^e safety 
Rsmge safety 


Patrick AFB (Station 0) 


Cinetheodolites 

Radax 

Cameras 


Metric'dal<^ 

Range safety 
Engineering sequential 


Melbourne Beach 


Ca.meras 


Engineering sequential 

■ t’ ( 


Vero Beach 


Cameras 


Engihpering sequent!^ 


Grand Bahama Island (Station 3) 


-t. . ^ . 

Radar 

Balliftlc cameras 
Telemeto'y receiving station 
Compoand destruct 


Metric data 
Mftric data 
Vehicle/spacecraft data 
Rsuige safely 


Merritt Island (Station 19) 


Radar 


Metric data 


Grand Turk (Station 7) 


Command destruct 
Radar 


Range safety 
Metric data. 


Antigua (Station 91) 


Radar 

Telemetry receiving station 
Comnoand destruct 


Metric data, range safety 
Vehicle/spacecraft data 
Rsuige safety 


Ascension (Station 12) 


RiuUtr 

Telemetry receiving station 


Metric data 

Vehicle/spacecralt data 


Bermuda 


Radar 


Metric data 


Pretoria (Station 13) 


Radar 

Telemetry receiving station 


Metric data 

Vehicle/spacecraft data 


Ship 


,R»dar 

Telemetry receiving stotion 


Metric data 

Vehicle/spacecraft data 


Aircraft 


Telemetry data rec^ving 
equipment ' 


Return of data 



Supersonic 
airflow . 



Top view 



static 

pressure, 

- 

/ ■ 












-Total 
pressure, 
P, . 









Side view 







CD-10504-14 

Figure 14-5. - Low-angle calibration wedge for measuring speed 
and angularity of airflow in supersonic wind tunnel. 






bration wedge, shown in figure 14-5. Supersonic wind tunnels are normally calibrated 
with this type of instrument. The calibration wedge combines the functions of a pitot- 
static tube and a yawmeter. Measurements of static pressure P_ and total pressure 
are used to calculate the speed of the airflow. Measurements of the static pressures 



Pg and P 



g on opposite sides of the wedge are used to calculate the flow angularity. 



I °2 

The 10- by 10-Foot Supersonic Wind Tunnel was calibrated with a rake (fig. 14-6) 
consisting of 17 of these wedges. In this manner, a lairge portion of the cross-sectional 
area of the tunnel was calibrated at one time. Flow quality along the length of the test 
section was determined by translating the calibiration rake. Flow angularity in perpen- 
dicular planes was determined by rotating the wedges 90°. Boundary-layer rakes were 
also installed at various locations on the tunnel walls to measure the thickness of the 
boundary layer. The measured boundary -layer thickness in the 10- by 10-F6ot Supersonic 
Wind Tunnel varied from 9 to 12 inches. 

At supersonic speeds, shock waves from the forward parts of the test model can re- 
flect from the tunnel walls back onto the rear portions of the model. Calibration bodies, 
such as cone-cylinder models, can be tested over the complete range of Mach numbers to 
search for reflected shocks, which can be detected with static-pressure instrumentation. 
From these calibration results, ref lection-free model lengths can be specified. Mach 
number ranges where reflections are a problem also can be noted and ignored for longer 
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Figure 14-^. -Calibration rake installed in the 10- by 10-Foot Supersonic Wind Tunnel. 



models. Calibration bodies of various diameters can also be tested to determine the max- 
imum test-model size that the tunnel can accommodate while still providing interference- 
free flow over the entire speed range. Limits are then placed on the ratio of model cross- 
sectional area to tunnel cross-sectional area (or blockage ratio) to obtain good test re- 
sults. This blockage ratio varies with Mach number and can be as low as 3 percent at 
transonic speeds and as high as 15 percent at hypersonic speeds. 



SUPPORT SYSTEMS 

After the test -section flow conditions have been measured, installation of test hard- 
ware can begin. Methods of supporting the test article in the stream must be considered 
carefully, since support systems will interfere with the measurements, and corrections 
to the results must be kept to a minimum. Various ways are available to support the test 
models, depending to a great extent on the purpose of the test. A few of the techniques 
used at Lewis are illustrated in figure 14-7. Sting supports (fig. 14-7(a)) are useful when 
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(a) Sting (Atlas/Agena). (b) Single strut (Saturn 5). 
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(e) Dynamic mount (Apollo launch escape vehicle), (0 Wires (decelerator). 



Figure 14-7, -Concluded. 



external pressure distributions are being measured. Strut supports, either single 
(fig. 14-7(b)) or double (fig. 14-7(c)), are used when a high-pressure airflow through the 
test model is required, such as for nozzle tests. With struts, the area downstream of 
the model remains unobstructed, and the high-pressure airflow (higher pressure than the 
free-stream airflow) is brought into the model through an air line that can be housed in 
the normally hollow struts. The struts can also house instrumentation, electrical lines, 
and fuel lines. Sometimes, test models are mounted directly to the test-section walls 
(fig. 14-7(d)). Some special test programs require the use of unusual mounting techniques 
such as those shown in figures 14-7(e) and (f). In some wind tunnels, unsupported, re- 
motely controlled, powered models are tested. Magnetic suspension of test models has 
also been considered, but this technique presents a problem in obtaining information; 
telemetering may be one solution to this problem. It should be remembered that support 
interference effects are one of the main problems facing the wind-tunnel engineer. 

TECHNIQUES OF VISUAL OBSERVATION OF FLOW 

One of the simplest methods of obtaining information from a wind-tunnel test is by 
visual observation of the test model during and after the test. Most wind tunnels incorpo- 
rate windows and appropriate illumination for this purpose. The airflow behavior can be 
made more clearly visible through the use of smoke, tufts, dye, china clay, etc. For 
thermal studies, temperature -sensitive paints that change color at various temperature 
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levels are used. Tests of structural integrity can be run with visual observation only 
including a close inspection o^the test model after shutdown to determine local damage. 

Several bptical systems liaye.been developed fof observing the flow around test 
models in supersonic wind tiinhels. Two of thesfe optical systertis are the schlieren sys- 
tem and the shadowgraph System. Both systems are based on the principle that Ught rays 
are refracted (or bent) as they pass through regions of different density. Since Strong 
density gradients (e. g. , shock waves) occur in supersonic flow, the flow fields can be 
1 viewed by means of these optical systems. 




Schlieren System 

* • .i ■ . . 

In the schlieren system (fig. 14-8), light from a point source on one side of the test 
section is bent by a lens into a beam of parallel rays. This beam is passed through the 
test section and is then collected by a second lens into an image of the point light source. 
If a knife edge is introduced at this image point, the intensity of the light being projected 
on the screen can be reduced. Thu^, the image of the test section on the screen can be 
darkened uniformly to some shade of gray. Then, an object placed in the test section will 
appear on the screen as a black image (inverted) against a gray background. 

When the wind tunnel is in operation, the interaction of the test model and the airflow 
creates regions of different densities (shockwaves, flow separation, boundary layer) in 
the airflow. Light rays that pass through such regions of different densities are bent (re- 
fracted) so that they are ho longer parallel to the average (unrefracted) rays in the beam. 
Therefore, these bent rays do not pass through the point image of the light source. As a 
result, these rays either completely miss the knife edge and create bright areas (brighter 
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Screen 







History 



Passes through point Image of light source; Intensity reduced by knife 
edge; resulting Image bn screen same shade of gray as background 

Misses point Image of light source; misses knife edge; Intensity un« 
diminished; resulting Image on screen brighter than background 

Misses point Image of light source; Mocked by knife edge; resulting 
Imdge on screen darker than background 



Figure IH - Schematic diagram of schlieren system. 
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than the background) on the screen, or they are completely blocked by the knife edge an 
create dark areas (darker than the background) on the screen. Thus, the image on the 
screen (which can be photographed) shows the locations of regions of different densities 
around the test model and shows whether these regions have higher or lower than average 



d©ri sx^ i©s 

Schlieren photographs of a model of a Mach 5.0 air inlet at several free- stream Mach 
numbers are shown in figure 14-9. These photos indicate the shock positions and how 
they change with free-stream velocity. The boundary layer along the spike is also visib e, 
since it is a region of low density. Because of the orientation of the knife edge, hig i- 
density regions appear as dark areas on the top half of the inlet and as Ught areas on the 
bottom half. A schlieren photograph of the flow over a model of the Mariner pay oa 
shroud with the Agena second stage is shown in figure 14-10. 




(a) Model of inlet 




(c) Free-stream Mach number, 3.43. 



(b) Free-stream Mach number, 2.43. 




(d) Free-stream Mach number, 4.97. 



Figure 14-9. - Schlieren photographs showing shock waves on model of Mach 5 air inlet 
stream Mach numbers. (Schlieren photographs taken in i- by Hoot Variable Mach Number Wind Tunnel.) 
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(a) Test model. 




(b) Schlieren photograph (taken in 10- by 10-Foot Supersonic Windjunnel). 

Figure 14-10. - Schlieren photograph showing shock structure on model of Mariner 
payload shroud with second-stage Agena. Frce-stream Mach number, 2.0; angle 
of attack, -2°; altitude, 50 000 feet. 
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Shadowgraph System 

In the shadowgraph system (fig. 14-11), l^ht from a point source on one side of the 
test section is bent by a ^ns into a beam of parallel rays. As these parallel rays pass 
through the test section, they are bent by any density gradients that may. be present. The 
light rays are then projected on a screen. The high-density regions of the test section 



Test section 



Point ■ 

light 
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(I 



--;Light:i' 

IlJrays 






Screen 

Illumination 
Average 
Bright 

rril- H y bark 



Average 
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, Figure 14-11. - Schematic diagram of shadowgraph system. 



appear as dark areas on the screen. F^ure 14-12 shows a shadowgraph of the Mach 5. 0 
isentropic spike air inlet (same inlet as in fig. 14-9) operating at afree-stream Mach 
number of 1. 97. The shadowgraph shpwS; shock waves and regions of local flow separa- 
tion behind the strong slibck wave on the biliBtspike^y 

Schlieren photographs and shiadowgr^ provide both qualitative and quantitative 

results. For exampU, not only can the shock wa.yes be observed, but their angles and 
locations can be accurately measured from the pictures.,^ details such 

as boundary-layer thicknessij locai(pressure variations,^: ^ must be 

measured with other instrumentation. ' ^ r : ' ^ ^ i ^ 



In addition to the optical systenis describ the engineer 

can also use a variety of instrumentation to obtain information from wind-tunnel tests. 
Some of the basic instruments used for steady-state and transient measurements in wind 
tunnels are described briefly herein. A more thorough discussion of instrumentation is 
presented in chapter 13. 
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(a) Model inlet. 




(b) Shadowgraph. 



Figure 14-12. - Shadowgraph of model of Mach 5 air inlet operating at Mach 1.97 in the 18- by 
18-Inch Supersonic Wind Tunnel. 
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steady-state Measurements 

Most wind-tunnel data are recorded at various steady.-state conditions (i. e. , condi 
tions that are not varying with time) of the free -stream flow and test-model attitude. 
Local flow conditions over the test model are measured with static -pres sure orifices 
and total-pressure, or pitot-pressure, rakes. Small wedges (fig. 14-5) can also be us 
to provide local Mach number and flow angularity. Temperatures are nieasured with 
thermocouples. Forces can be determined by integrating large numbers of static pres- 
sures or by use of a force balance. Pressure integration is not as accurate as the dire 
balance reading and requires a large amount of instrumentation. Normal procedure is 
use a balance for a direct measurement of forces and to supplement these measuremen 
with general information from static -pressure and pitot -pressure measurements. 

Transient Measurements 

Sometimes it is desirable or necessary to obtain data under transient conditions 
(i. e. , conditions that are changing with time). For example, it may be necessary to 
measure the fluctuating pressures in the unsteady flow that exists in regions of flow se{ 
aration or in regions where shock waves interact with the boundary layer. Transient 
measurements are also required to obtain heat-transfer coefficients in thermal tests. 
The use of an intennittent wind tunnel (blowdown or indraft) necessitates transient meai 
urements, because the airflow in such a tunnel varies with time. Transient measureme 
in wind-tunnel models can be made with transducers, calorimeters, and accelerometer 

REFERENCE AXES 

\ 

Force balances have been mentioned as one method of directly measuring the force 
on a test model. The forces or moments acting on an object are measured along or 
around three mutually perpendicular reference axes. These reference axes may be the 
wind axes, the body axes, or the stability axes. 



Wind-Axis System 

Wind-tunnel tests of the external flow and forces on an aerodynamic shape are pri- 
marily concerned with the wind-axis system (fig. 14-13(a)). Lift, drag, and yaw forces 
are always measured with respect to the direction of the relative wind. In a windtunne.' 
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Figure 14-13. - Reference axes for force measurements in wind tunneis. 
(Arrows indicate positive directions of axes, forces, moments and 
dispiacements. ) 
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the relative-wind direction (and the drag axis) Is along the axis ot the tunnel. The “gl® 
1 the Igltudlnalhody axis ol the test model mahes with ‘>'® 
referred to as the "angle of attack” in the pitch plane and the "angle of sideslip 

yaw plane. 

Body-Axis System 

The hody-axls system (fig. 14- 13(b)) Is one In which the axes move with the vehicle 
and the resulting forces (axial, normal, and side) are measured relative ' 

nal body axis of the test model. The forces and moments along and around these b^ 
axes are measured directly with an Internal six-component balance. This axis system 
normally used In propulsion tests, since the thrust of a vehicle or a nacelle 

along the longitudinal body axis. In some propulsion tests, only one component of fo 

For example, for a nacelle mounted rigidly In the wind.tunnel at zero angle 
If attack the engineer Is primarily Interested in the single measurement of the resulting 
fth^-st or drag' This force can be measured with a single-component bal- 

ance. 

Stability-Axis System 

The stabiUty-axls system (fig. 14-13(c)) is a combination of the previous 
in the Ditch plane (X - Z). the axes are alined with and perpendicular to the relative-wind 
SL-elon n: i plL (X - V), the axes move with the body and are alined with mu. 
perpendicular to the longitudinal body axis. No matter which of the three arts of refer- 
ence axes is used, the measured forces and moments can be easily converted from one 
system to the other by simple geometrical relations. 

WIND-TUNNEL APPLICATIONS 

Wind tunnels can be used lor a wide variety of tests. The test models can be aircraft 
and missiles (scale models, full-scale vehicles, or fuU-scale 

mobiles, bridges, buildings, propulsion systems (reciprocating engines with propeUers, 

turbojets, ramjets, rockets), etc. 

Most of the wind-tunnel testing here at the Lewis Research Center 

dynamics and thermodynamics of propulsion systems. The 8- by 6-foot 

wLd tunnels were designed specifically lor this purpose. These propulsion 

operate on two distinct cycles, propulsion or aerodynamic. For propulsion tests, when 
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™ ''” “"figuration (supersonic airplane iwdell. 

C*t. J79 lurtojel engine). 



Figure 14-14. • Wind -tunnel InsUIUtlons lor testing propulsion systems ind/or their components. 







313 






(a) Saturn C-1, scale, (Base-healing tneasuretnenls.) 




(cl Saturn 5. U45sale. (Base-healing measurements.! 




(el AtUs/Agena with Mariner paytoad shroud. UlO scale, 
(weasurenenlsol dynamic pressurevl 




(b) Saturn S-IB, U20 scale. (Measurements o( (In (orces.) 




(diAllas/CenUur with Surveyor (layload shroud. UlOscale. (Tests ol hydrogen vent I 




figure 14-15. - Wind-tunnel IristjlUlbnt of tooU veftklei. 
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operating engines are being studied, the air is brought through the test section once and is 
discharged back to the atmosphere (open circuit). For aerodynamic tests, the air is al- 
lowed to recirculate continuously (closed circuit). These facilities can be operated con- 
tinuously on the propulsion cycle at supersonic speeds with the use of large air dryers. 
The expansion process by which supersonic velocities are achieved in the test section 
causes the air temperature to drop to sub-zero levels. Any moisture present in the air- 
stream would condense in the nozzle and result in nonuniform flow conditions. It is there- 
fore necessary to dry the air before it enters the tunnel, and this function is performed by 
the air dryer, where many tons of activated alumina act as a desiccant. Running time on 
the propulsion cycle is limited by the capacity of the dryer beds. 

Some examples of the types of tests that have been performed in the Lewis propulsion 
wind tunnels in the past 15 years are illustrated in figures 14-14 and 14-15. Air-inlet 
tests have been conducted on most of the existing supersonic fighter planes and bombers, 
including the F-102 (fig. 14-14(a)), F-104, F-106, F-107, F-111, B-58, B-70, etc. 
Fxhaust-nozzle tests have been conducted for the F-104 (fig. 14-14(b)), B-70, B-58, SST, 
etc. A complete nacelle for the B-58 bomber (fig. 14- 14(c)) was tested at Mach 2. 0 in the 
10-. by 10 -Foot Supersonic Wind Tunnel prior to the first supersonic flight of that aircraft. 
This pod included both the full-scale inlet and the operating J79 turbojet engine. More 
recent tests have supported the development of the Saturn 1 (figs. 14-15(a) and (b)) and 
Saturn 5 (fig. 14-15(c)) boost vehicles and the development of the Atlas/Centaur (fig. 
14-15(d)) and Atlas/ Agena (fig. 14-15(e)) vehicles managed by the Lewis Research Center. 



CONCLUDING REMARKS 

This chapter has presented a brief discussion of items that should be considered in 
the design and operation of wind tunnels (e. g. , general wind tunnel types, power require- 
ments, methods of supplying power, etc.). Some examples have been presented of typical 
calibration probes, support systems, visual flow -observation techniques, instrumenta- 
tion, and models tested in the Lewis Research Center propulsion wind tunnels. It has 
been demonstrated over the years that wind tunnels can provide useful design information 
for a large variety of configurations for a modest expenditure of time, money, and man- 
power. Rigorous testing of subscale and full-scale models in wind tunnels prior to flight 
has proven to be a logical first step in the orderly development of flight systems. 
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15. NAVIGATION 



William H. Swann* 

Because navigation is a broad and complex subject, a thorough explanation of it in a 
single chapter is impossible. Therefore, the discussion herein is limited to some 

of the fundamentals of air navigation. Celestial-navigation methods are not discussed 
at all. 

For the purposes of navigation, the Earth can be considered to be a perfect sphere. 
This is not truly correct, but it is within the accuracy of the present methods of deter- 
mining position, and the assumption greatly simplifies the calculations. 



INTERSECTION OF A SPHERE WITH A PLANE 

If any spliere is cut by a plane, the intersection of the two surfaces is a circle. At 
one extreme, where the plane is just tangent to the surface of the sphere, the intersec- 
tion is only a point. As the cutting plane is moved deeper into the sphere, the circle 
of intersection grows larger. The largest circle is achieved when the cutting plane in- 
cludes the point center of the sphere and the circle has the same radius as the sphere. 
Then, regaidless of the direction in which the cutting plane is moved away from the cen- 
ter, the circle can only grow smaller. The largest circle that can be formed by this 
intersection, when the cutting plane contains the center of the ^ere, is called a great 
circle. All the other circles are called small circles. A grid system, consisting of such 
circles, on the Earth’s surface provides a universal method of identifying any point on 
Earth without reference to landmarks or place names. 



Parallels of Latitude 



A q>here is a continuous surface, without beginning or end. 

V 

♦chief, Aircraft Operations Branch. 
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This is also true of the 
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Earth, whose only distinctive natural reference line is its axis of rotation, or polar axis. 
Thus, the poles are distinctive points on Earth, and the polar axis serves as the central 
axis for one set of reference circles (fig. 15-1). The most important circle of this set is 
the equator, a great circle halfway between the poles. The plane of the equator is perpen- 
dicular to the Earth’s polar axis and divides the Earth into a northern and a southern 
hemisphere. Any small circle whose plane is parallel to the equator is called a parallel 
of latitude, or simply a parallel. Each parallel is everywhere equidistant from the poles, 
from the equator, and from every other parallel. Every point on the earth has a parallel 
passing through it which is designated by its angle to the north or south of the equator, 
measured from the center of the Earth. 



parallel of latitude 
(measured to rorth 
or south of equator) 



Equator 




Meridian of longitude 
(measured to east or 
west of prime meridian) 



- Prime meridian 
(Greenwich) 



Figure 15-1. - Terrestrial grid system comprised of parallels of latitude and meridians of longitude. 



Meridians of Longitude 



A great circle passing through the poles Is a meridian of longitude, 
meridian. Meridians correspond to the north - south streets of a city. 



or simply a 
Since all merid- 
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ians are great circles, none of them is distinctive, as is the equator among the parallels. 
Therefore, one meridian must be selected arbitrarily as a prime, or reference, merid- 
ian, Li English-speaking countries and many others, the great circle passing through 
the observatory at Greenwich, England, is used as the prime meridian, and the other 
meridians are identified by their angular distance to the east or west of Greenwich, 



GRID SYSTEM 



The parallels and meridians intersect to form a grid system, as shown in fig- 
ure 15-1, Any point on Earth can be identified by naming the parallel and meridian 
which pass through it. Thus, the 40° N, parallel and the 75° lo' W, meridian designate 
the location of Philadelphia, These coordinates are called latitude and longitude. The 
latitude of a point is its angular distance north or south of the equator and ranges from 
0° at the equator to 90° N, and 90° S, at the poles. The longitude of a point is its angu- 
lar distance east or west of the prime meridian (Greenwich) and ranges from 0° at the 
prime meridian to 180° E. or 180° W. of the prime meridian. 

An important characteristic of a great circle (not necessarily a meridian) is that it 
marks the shortest distance between two points on the surface of the Earth. Actually, the 
shortest distance between any two points is along the straight line between them. How- 
ever, if the two points are located on the surface of a sphere the straight line between 
them passes beneath the surface. Therefore, the shortest route along the surface of a 
sphere (e. g. , the Earth) between two points is that route which most closely approximates 
a straight line. Any route between two points on the Earth's surface is curved. The 
least curved, and shortest route is the one whose radius of curvature is greatest. The 
maximum radius of curvature is the radius of the Earth (i. e. , the radius of a gpreat cir- 
cle). Therefore, the shortest route between two points is an arc of the great circle that 
passes through the two points. 



CHARTS (MAPS) 



Now that we have described a g^rid system for naming positions on the Earth's sur- 
face, we must have some way of making this information available to the navigator. To 
do this we iise a chart, or map, A chart is a diagrammatic representation on a flat sur- 
face of a portion of the curved surface of the Earth. 
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Desirable Characteristics 



The Earth is a sphere and cannot be represented on a flat surface without some 
type of distortion, ft can be truly represented only on a sphere, or globe. This is use- 
ful for some purposes. For navigation, however, it is inconvenient to carry and store 
a globe, even in sections. Therefore, navigational charts are always printed on flat 
sheets of paper. A chart should have the following desirable characteristics: 

(1) The scale should be constant over the whole map, 

(2) Angles should be accurately drawn. 

(3) Great circles should be shown as straight lines. 

(4) Rhumb lines (i. e. , lines that cross successive meridians at a constant angle) 

should be shown as straight lines. 

(5) Coordinates should be easy to find and easily plotted. 

(6) Charts of adjacent areas of the same scale should be easily joined. 

(7) Each cardinal direction (north, south, east, and west) should point the same way 
on every part of the chart. 

(8) The chart should be simply and easily constructed. 

(9) Equal areas should be shown equal. 

Unfortunately, it is impossible to construct a chart which has all these features. 

In fact, some of them are mutually exclusive. Therefore, it is necessary to select 
the method of chart construction which fulfills the requirements of the particular mis- 
sion. We draw our chart by locating the geographic features in a grid of meridians 
and parallels, known as a graticule. The construction of this grid is the critical part 
of the chart- making process, for this determines which of the characteristics the par- 
ticular chart will have. 



Projections 



The two most common methods of chart construction are the Lambert projection and 
the Mercator projection. 

T.pmhert projection . - The Lambert conformal conic projection is illustrated in fig- 
ure 15-2. fti this system, the surface features of the Earth are projected from the 
center point of the Earth onto the surface of a cone that intersects the Earth's surface 
along two parallels of latitude. The surface of the cone enters the Earth's surface at one 
paraUel and emerges at another. These two paraUels are caUed the standard paraUels. 
The limits of the projection are parallels slightly beyond, or outside, the two standard 
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parallels. The apex, or tip, of the cone is outside the Earth and on the polar axis. The 
cone is coaxial with the Earth. 

When the cone is unrolled on a plane surface, the resulting graticule shows parallels 
of latitude as concentric circles centered at the pole nearest the apex of the cone and 
shows meridians of longitude as straight lines converging on this pole. Thus, the merid- 
ians are normal to the parallels (i. e. , the meridian is perpendicular to the line that is 
tangent to the parallel at the point of intersection). 

With the Lambert projection, the angles formed at a given point of intersection of a 
meridian and a parallel are the same on the surface of the cone (or the chart) as on the 
surface of the Earth. Therefore, any other angles formed by the intersections of any 
other lines are also the same on both surfaces. Consequently, the Lambert projection is 
conformal. This means that the features of the Earth’s surface retain their shapes on the 
chart. 

The great advantage of a Lambert chart over other charts is that the scale of dis- 
tance is practically constant over the entire chart (i. e. , within the limits of the pro- 
jection). Thus, the features of the Earth’s surface retain their relative sizes on the 
chart. Actually, the scale is accurate along tiie standard parallels, is slightly reduced 
between the two standard parallels, and is slightly increased between the standard paral- 
els and the limits of projection. For example, the standard parallels normally used for 
a Lambert projection of the United States are 33° and 45° North. Between parallels 
30°30’ and 47°30 North, the maximum error in the scale is only 1/2 percent. The 
maximum error for the entire chart of the United States is percent In southern 
Florida. 

Any straight line on a Lambert chart is very nearly a great circle. In the 2572 stat- 
ute miles between New York City and San Francisco, the great circle and the straight line 
connecting them on a Lambert chart are only 9. 5 miles apart at midcourse; for shorter 
lines the deviation is even less. Therefore, for practical purposes a straight line on the 
Lambert chart may be considered a great circle. A rhumb line (i. e. , line of constant 
direction) is shown as a curved line. Between New York City and San Francisco, the 
rhumb line departs about 170 miles from the straight line. 

I 
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Center of Eirthi$ 
point of projection-' 




M ercator prolectlon . - The Mercator conformal projection Is basically a modUled 
cylindrical projection. In a cylindrical projection (£lg. 15-3), the surface features of 
the Earth are projected from the center point of the Earth onto the surface of a cylinder 
that is tangent to the Earth's surface along the equator. When the cylinder Is unroll^ 
on a plane surface, the resulting graticule conslsU of paraUels of latitude and merldl^ 
of longitude that are straight and perpendicular to each other. The paraUeU of latitude 
are paraUel and equal In length, and the spacing between them Increases wtth tacreaslng 
distance north or south of the equator. The meridians of longitude are paraUe , equ 
in length, and equally spaced. 

The Increasing spacing between parallels of latitude to the north or south of tM ^ua- 
tor results In increasing distortion, or stretching, in the longitudinal (north-south) d - 
rectlon. With Increasing distance to the north or south of the equator, there Is also m 
increasing distortion In the latitudinal (east-west) direction. The reason for this is that 
in a cylindrical projection the paraUels of latitude are equal in length, while on the sur- 
face of the Earth (a sphere) they become shorter with Increasing distance from the equa- 
tor However, the longitudinal and latitudinal distortions are unequal. Therefore, a cy- 
lindrical projection changes the shapes, as weU as the sizes, of the surface features of 

^^Mercator projection the graUcule Is modU led (i. e. , the spacing of the jarallels 
of latitude is altered) so that at any point on the chart the scale Is constant to aU direc- 
tions, and the longitudinal and latitudinal distortions are equal. Thus, smaU areas of 
the Earth's surface retain their correct shapes. However, the expanding scale does 
cause distortion in the shapes of large areas that extend for long distances to the north 
or south of the equator. The relative sizes of the Earth's surface features on the 
Mercator chart Increase with increasing distance from the equator. 

The principal feature of the Mercator chart Is that a straight line connecting any two 
points gives Uie true direction between them and crosses aU meridians at the same angle, 
merefore, any such strrfght line on the map is a rhumb line. This feature is of grerf 
value in navigation because aircraft are commonly flown along rhumb lines. A r um 
line IS not the shortest distance between two points, but for navigation purposes It repre- 

sents the easiest and simplest course. 
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Scale 



The scale of a chart is the ratio of a distance on the chart to the corresponding dis- 
tance on the surface of the Earth. Charts are made to various scales for different pur- 
poses. H a chart is to show a large area of the Earth and not be too large, It must be 
drawn to a small scale. E it is to show much detail and not be cluttered, It must be 
drawn to a large scale. For the same size chart, a large-scale chart will show a much 
smaller area than a small-scale one. 

The scale may be expressed by a simple statement, such as "1 inch equals 
10 miles." It may be given as the r^resentatlve fraction, such as "1 ; 600 000" or 
"1/500 000. •• This means that 1 inch on the chart represents 500 000 Inches (6. 85 
nautical miles) on the Earth's surface. Scale may be shown graphically on the chart by 
a graduated line labeled in terms of the distance It represents on the Earth's surface. 



Features Shown on Aeronautical Charts 

An aeronautical chart does not show all details of the Earth's surface. Instead, it 
shows and emphasizes those particular features which are useful to the airman, ft shows 
those features which have the most distinctive appearance from the air. Some features 
are shown out of proportion to their true size for enqihasis. For instance, the lines 
representing roads on sectional and regional charts may appear to be 1/4 mile wide if 
measured by the scale of the chart. Radio stations are prominently shown, although 
many are inconspicuous from the air. The following items are usually shown on aero- 
nautical charts: 

(1) Man-made features - cities, roads, railroads, etc. 

(2) Water - oceans, lakes, rivers, streams, reservoirs, etc. 

(3) Relief - difference in elevation of terrain 

(4) Aeronautical features - airports, lights, radio facilities, airways, restricted 

areas, etc. 

The symbols representing these various features are standard for any one series of 
charts but may differ between series. 



PLOTTING AND MEASURING COURSES 

We will discuss plotting and measuring only with reference to the Lambert chart, as 
it is the most used in general aviation. Most of the techniques also apply to the Mercator 
charts. 
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Distance 

A straight line on a Lambert chart is approximately a segment cf a great circle. 
Therefore, a line drawn on the chart between the points of departure and destination rep- 
resents the shortest distance between them. This length of line can be transferred with a 
rule or with dividers to the scale on the edge of the chart to find the mileage. Many 
aeronautical plotters have several of the most common scales, so they may be used to 
measure distance directly on the chart. 



Heading 






Since the meridians converge at the poles on the Lambert chart, the angle between 
a straight line and the meridians varies as the aircraft flies along the route. To avoid 
the difficulty of flying a varying heading, the angle can be measured at the halfway point 
between the origin and the destination. This angle gives the constant heading, or rhumb 
line, which can be followed for the entire trip. For a long trip the rhumb-line course 
is considerably longer than the great-circle (shortest) course. Therefore, for a long 
trip the straight line between the origin and destination is divided into several segments. 
The angle of the rhumb line for each segment is measured at the halfway point of the 
s^ment. Thus, a great- circle course is s^roximated by a series of rhumb lines. 



Magnetic Compass 



The preceding discussion dealt with direction in terms of angles related to the geo- 
graphic poles, or true directions. This creates a problem. There is no simple instru- 
ment that can be carried on the airplane and can measure angles relative to the geographic 
poles. The magnetic compass can measure angles and can be carried on an aircraft, but 
it has certain disadvantages. For example, the Earth*s magnetic poles do not coincide 
with the geographic poles. Thus, even if the magnetic compass could be made to always 
point exactly at the magnetic pole, a variable correction would still be required. The cor- 
rection required depends on the location of the compass relative to the magnetic and geo- 
graphic poles, as shown in figure 15-4. The problem is further complicated by local vari- 
ations in the Earth’s magnetic field. However, for mo^ areas of the Earth’s surface 
these variations are well charted, and the combined effect of the magnetic pole and the 
local magnetic field is plotted on aeronautical charts as a series of isogonic lines, or 

lines of equal magnetic variation (fig. 15-5). 

Since a compass is affected by all magnetic fields, the aircraft itself also Induces 
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Hgun 15-5. * Isogonic chart shming Hnn ol equal magnetic variation (decllnillonl. 
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some error into the magnetic-compass system. The electrical systems of the aircraft 
create magnetic fields during operation. The ferrous parts of the aircraft also create 
magnetic fields that affect the compass. Hard landings, lightning strikes, and electrical 
storms can cause the local magnetic fields of the aircraft to change. Therefore, these 
magnetic fields must be checked periodically and recorded. The errors caused by local 
magnetic fields can be reduced by the use of compensating magnets located in or near the 
compass. But unless these errors are reduced to very small values of 1° or 2 ^, they 
should be taken into account when flying. The error due to these local magnetic fields is 
called ’’dexiation, ” 



Effect of Wind on Flight Path of Aircraft 

Any vehicle on the ground, such as an automobile, moves in the direction in which it 
is headed or steered and is affected very little by wind. An aircraft, however, seldom 
travels in the exact direction in which it is headed. This is due to the effect of wind on 
the aircraft. 

Wind is the movement of an air mass relative to the Elarth's surface. Wind direction 
is expressed as the direction from which the air mass is moving and is meastmed clock- 
wise from true north. Wind speed is the rate of motion relative to the Earth's surface. 

Consider the effect of the wind on a balloon, which has no motive power of its own. K 
the balloon is tied to the Earth with a string, the wind blows past it, just as it blows past 
any fixed object on the Earth. If the balloon is released, it moves with the air mass 
(wind), just as a bottle floating in a river moves downstream with the current. It the wind 
is blowing at 20 miles per hotu* from the west, in 1 hour the balloon will be 20 miles east 
of the point where it was released. 

Any free object in the air moves downwind with the speed of the wind. This is just as 
true of an aircraft as it is of the balloon. However, the aircraft in flight is also moving 
forward through the air mass. Therefore, as shown In figure 15-6, the motion of the air- 
craft relative to the ground is governed by the motion of the aircraft through the air mass 
and by the motion of the air mass (i. e. , the wind) relative to the Earth's surface. Each 
of these motions is defined by its direction and speed. Therefore, these motions are 
vectors. (Vector quantities and vector relations are discussed in chapter 4. ) 

The air vector is defined by the airplane's true heading (i. e. , direction in which air- 
plane is pointed) and by its true airspeed (i. e. , speed of airplane relative to surrounding 
air), expressed in nautical miles per hoxir, or knots. The wind vector is defined by the 
direction from which it is blowing and by its speed, also expressed in knots. The air- 
craft's flight path relative to the ground (i. e. , the track of the aircraft) and its speed rel- 
ative to the ground (i. e. , its ground speed) define the grotmd vector. The ground vector 
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is the resultant of the air and wind vectors and can be determined by means of a vector 
diagram, as shown In figure 16-7. From a given point (A) a line is drawn in the direc- 
tion of the true heading of the airplane. The length of this line is drawn proportional to 
the true airspeed of the airplane. This line (A-B) represents the air vector. From the 
head (B) of this air vector a line is drawn in the direction in which the air mass is mov- 
ing. The length of this line is drawn proportional to the wind speed. Tills line (B-C) 
represents the wind vector. Finally, a line is drawn between the starting point (A), or 
tail, of the air vector and the end point (C), or head, of the wind vector. This line (A-C) 
r^resents the ground vector. The length of this vector represents the ground speed of 
the aircraft. The direction of this vector is the direction of the actual flightpath, or 
track, of the aircraft. 

Obviously, a complete vector diagram represents six quantities (direction and speed 
for each of the three vectors). If any four of these six quantities are known, the remain- 
ing two can be determined by drawing a vector diagram. The vectors may be drawn in 
any sequence. However, the air and wind vectors (i. e. , the component vectors) must be 
drawn head to tail, and tl\e ground vector (1. e. , the resultant vector) must be drawn tail 

Destination ^ 




Figure 15-S. • Eumple wcfor diagram for common niviga* 
tional problein of determining ground sprad and Irue 
heading from knoim track, true airspeed, wind direction, 
and wind speed. 
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to tail with one of the components and head to head with the other. 

A common navigational situation is one in which the track (course from origin to 
destination), the true airspeed, the wind direction, and the wind speed are known. The 
problem is tc determine the ground speed (a ground-vector element) and the true heading 
(an air-vector element). The foUowing method is used to draw the vector diagram (fig. 
15-8). From the origin a line is drawn in the direction of the track that is necessary to 
arrive at the destination. Also from the origin, the wind vector is drawn. Next, an arc 
of a circle whose radius is equivalent to the true airspeed and which is centered on the 
head of the wind vector is drawn to intersect the line representing the track. Finally, a 
line drawn from the head of the wind vector to this intersection completes the vector dU- 
gram. The direction of this line, relative to true North, is the true heading; this is the 
direction in which the aircraft must be pointed in order to fly the desired track over the 
ground. The ground speed 'of the aircraft is represented by the length of the line segment 
from the origin to the Intersection of the track and the arc that marks the airspeed. 



NAVIGATION SYSTEMS | 

The preceding discussion pertained to navigation by visual reference to the Earth’s 
surface or by estimation of the effects of wind on the flight path, called dead reckoning. 
These methods work well when reference to visible landmarks can be maintained, at 
least at frequent Intervals, but they cannot provide sxifficient accuracy for safe operation | 
under conditions of poor weather or for long flights over water. For this type of opera- I 
tion it is necessary to use some navigational aid, or system, that does not require vlsl- I 
ble landmarks. Some of the currently used navigation systems are discussed briefly in | 
the following sections. 1 



Radio Compass | 

The radio compass is an instrument that indicates the direction, or relative bearing, | 
of any transmitting station within its frequency range of 100 to 1750 kilonertz (kHz). | 

The operation of the radio compass is dependent upon the characteristics of a loop | 

antenna. A loop receiving antenna gives maximum reception when the plane of the loop is | 
parallel to, or in line with, the direction of radio wave travel. As the loop is turned 
from this position, volume gradually decreases, and reaches a minimum when the plane | 
of the loop is perpendicular to the direction of wave travel. The null position (1. e. , the | 

position of minimum or zero signal strength) is used for direction finding, as it can be | 

more accurately determined. For a 25° rotation from the maximum signal position, | 
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total signal strength changes less than 10 percent. For the same rotation from the null 
position, the signal strength charges by 50 percent. 

When the loop is rotated to a null position, the radio station being received is located 
along a line that is perpendicular to the plane of the loop. However, the radio station 
may be located on either side of the plane of the loop, along this line. Therefore, the 
loop antenna has a 180° ambiguity. This ambiguity can be eliminated by turning the air- 
craft briefly to a course perpendicular to the radio beam. When the aircraft is first 
turned to this new course, the plane of the loop antenna in the null position is parallel to 
the course. As the aircraft flies along this straight-line course, the antenna must be 
rotated either clockwise or counterclockwise to maintain it in the null position. Clock- 
wise rotation indicates that the station is to the right of the aircraft, nnd counterclock- 
wise rotation indicates that It is to the left. Thus, the 180° ambiguity is eliminated, and 
the aircraft can then be turned back to its original course. 

The 180° ambiguity of the loop antenna may also be avoided by connecting the re- 
ceiver to an additional, omnidirectional antenna. This system (by a process of addition 
or suttraction of signal voltages from the two antennas) provides a single null, so that the 
direction to the station is Jmown Immediately. This arrangement also allows connection 
to an automatic servo system which will drive the loop to this single nxiU position and 
indicate it to the pilot. The Automatic Direction Finder (ADF) is the configuration most 
used in today*s aircraft. 



Very-Hlgh-f requency Omnidirectional Radio Range (VOR) 

The Very- Iflgh- Frequency Omnidirectional Radio Range system, commonly called 
VHF omnirange, VOR, or omni, is the basic conq>onent of the navigation system of the 
airways in the United States and Is coming more into use in other countries. It simpli- 
fies the task of navigation and eliminates most of the problems of static and Interference 
found in the low-frequency navigation systems. 

The operation of the VOR system is based on the creation of a phase difference be- 
tween two transmitted signals. Oie of these signals, called the reference-phase signal, 
is radiated from the station in a circular, or omnidirectional, pattern. The other sig- 
nal, called the variable-phase signal, is transmitted as a rotating field. This signal pat- 
tern rotates uniformly at 1800 revolutions per minute, which causes the phase of the sig- 
nal to vary at a constant rate. Therefore, there is a different phase of this signal at each 
direction from the station. The difference in phase between the reference and varia bl e 
signals is measured electronically by the aircraft receiver and indicates the direction 
from the transmitting station to the aircraft. This phase relationship between the two 
signals is illustrated in figure 15-9. 
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Figure 15-9. - Signal phase angle relation for VOR navigation system. (Signals from VOR 
station are in phase at magnetic north and vary elsewhere around the station. ) 
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Figure 15-10. - Typical course Indicator used with VOR navigation system. 
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j The indicator shown in figure 15-10 is typical of the method of presentation of the 
VOR information to the pilot. The pilot selects the desired course. The "to-from" indi- 
cator shows whether the selected course, if intercepted and flown, will take him to or 
away from the station. The heading pointer shows the heading of the aircraft relative to 
the selected course. The deviation indicator (vertical needle) shows the position of the 
selected course in relation to the position of the aircraft. For simplification, the devia- 
tion indicator may be considered to be a portion of the selected course and the heading 
pointer to be the aircraft. Thus, in the illustration of figure 15-10, the aircraft is to the 
left of the desired track and is headed toward it at a 45° angle. The glide- slope indicator 
(horizontal needle) is used when the receiver is tuned to an instrument landing system and 
functions in the same way as the deviation indicator. When the glide-slope indicator is 
below the center of the instrument, the desired glide path is below the airplane. 



Tactical Air Navigation (Tacan) 



■J 



The Tactical Air Navigation (Tacan) system was developed in this country for military 
use. This system, which operates in the UHF range (1000 mHz), provides the pilot with 
direction information similar to that of the VOR system. In addition, the Tacan system 
provides the pilot with distance information, so that from a single ground station he can 
obtain a complete position fix. The primary advantage of this system over the VOR is 
ease of setting up the ground station. This makes the Tacan system valuable for military 
use. In the United States, most VOR stations also have Tacan facilities, so that military 
aircraft equipped only with Tacan may navigate over the civil airways system. Civil air- 
craft also make use of the distance information obtained from the Tacan signal. 

A directional antenna system is rotated at 15 revolutions per second. The aircraft 
receives a signal that goes from maximum to minimum 15 times per second. As the 
maximum signal passes through North, a reference pulse is transmitted. The aircraft 
receiver measures the time between this reference pulse and the maximum signal strength. 
Secondary lobes on the antenna pattern and auxiliary pulses are superimposed on the basic 
pattern, as shown in figure 15-11, to provide a fine bearing reference and to give a system 
accuracy of ±1°. The bearing information is presented to the pilot on an instrument simi- 
lar to that used in the VOR system. 

Distance is determined with Tacan equipment by measuring the elapsed time between 
the sending of an interrogation pulse by the airborne set and the reception of a reply pulse 
from the ground unit. These pulses require about 12 microseconds round-trip travel time 
per nautical mile of distance from the ground station. Since a large number of aircraft 
may be interrogating the same ground beacon, the airborne set must be able to sort out 
for measurement only the pulses which are replies to its own interrogations. It does this 
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Figure 15-11. ■ Antenna and signal patterns for combined coarse and fine bearing 
signals of Tacan navigation system. 
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by sending its pulses on an irregular, random basis, then sorting out those replies whose 
pattern is synchronous with the pattern of the interrogations. 

The distance measured by the Tacan equipment is the actual, slant range, not the 
horizontal range, between the aircraft and the ground station. The difference between 
the slant range and the horizontal range is negligible, except when the aircraft is very 
close to the station and at high altitude. Obviously, as the aircraft passes directly over | 
the station, the distance indicated by the Tacan equipment is actually the altitude (in nau- | 
tical miles) of the aircraft relative to the station. 




Long-Range Navigation (Loran) 



The radio systems previously discussed are basically short-range systems, good for 
ranges up to about 300 miles, and thus are not applicable to long-range or over-water 
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navigation. The radio-compass system might be considered an exception to this state- 
ment, for it can be used for longer distances under ideal conditions. However, several 
systems are available which provide equal or better accuracy and greater range. The 
most popular of these ground-based systems is the Long Ran^e Navigation (Loran) sys- 
tem. 

The ground equipment of the Loran system basically consists of pairs of transmitting 
stations that broadcast pulsed signals. In each pair of stations, one is designated the 
master station, the other, the slave. The two stations are a known distance apart. The 
master station transmits a series of pulse signals which are received by both the aircraft 
and the slave station. Some fixed delay time after it receives each master pulse signal, 
the slave station transmits a matching pulse signal. The airborne receiver includes a 
timing device which measures the difference between the arrival times of two matching 
signals from the two stations. In this time -difference measurement, the time required 
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Figure 13-12. - Example Loran chart showing lines of constant time difference for pulsed signals 
received from paired master and slave stations 
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for a master signal to reach the slave station and the fixed time delay of the slave station 
are both taken into account. Thus, the remaining time difference represents the differ- 
ence in the distances of the two stations from the aircraft. Special Loran charts, simi- 
lar to figure 15-12, show series of lines of constant time difference for each pa?j of 
stations. Thus, the measured time difference for one pair of stations locates the aircraft 
along one of these lines. The time differences for two pairs of stations provide a fix (at 
intersection of lines) of the aircraft's position. 



Doppler Navigation 



Each of the previously described radio navigational aids or systems requires a 
source of information (e. g. , transmitting stations) separate from the aircraft. Two 
navigation systems now coming into use on civil aircraft do not require any external in- 
formation (such as radio signals) once they have been initially set. The two systems are 
known as Doppler navigation and inertial navigation. However, the Doppler system is not 
completely passive, as it requires a transmitter aboard the aircraft which sends out pulses 
to be reflected back from the surface of the Earth. Inertial systems are completely pas- 
sive and require no si^al or information to be radiated outside of the aircraft; therefore, 
they are of considerable interest for military applications, where detection is a con- 
sideration. 

In the Doppler system, the normal navigational triangle of velocities is solved by 
high- accuracy, direct measurement of the aircraft's drift and ground speed. Determina- 
tion of absolute direction is accomplished by adding heading from the aircraft's heading 
reference system to the Doppler drift. A suitable navigation computer which accepts the 
raw data on heading and Doppler drift can convert them to terms of aircraft present posi- 
tion and/or steering and distance information for a predetermined destination. 

The Doppler effect works on the principle that a change of frequency occurs between 
received and transmitted signals when there is relative motion between receiver and 
transmitter. A simple analogy is that of a stationary observer listening to the whistle 
sound of a fast-moving express train. As the train approaches him the note of the whistle 
Increases in frequency (and in pitch), reaches a maximum as the engine passes him, 
then decreases as the train speeds away from him. Similarly, if a moving airborne 
radar device transmits a beam of radio energy towards the ground, the echo signal re- 
ceived back from the point of reflection changes frequency by an amount proportional to 
the component of velocity along the beam, 

A single- beam airborne antenna would have two disadvantages. First, it would not 
necessarUy measure velocities along the aircraft's track, and second, it would include 
a vertical component in its measurements if ithe' aircraft deviated at all from level flight. 
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To overcome the first of these disadvantages, two beams can be radiated, one to each 
side of the aircraft. Thus, a drift to left or to right during flight causes a greater 
Doppler shift in either the left or the right antenna, and suitable computation can resolve 
the difference into a measure of the drift angle. The difference in Doppler shifts can also 
be used as an error signal to drive the axis of the antenna array into coincidence with the 

airplane track. In this case, the drift angle is obtained by direct mechanical measure- 
ment. 

Unwanted vertical components of velocity, the second disadvantage of a single-beam 
antenna, are eliminated by adding a rearward-directed beam to each forward- directed 
beam. This system has several ad\'antages. First, the vertical component of velocity 
is virtually eliminated, since the amount present in the forward- directed beams is equal 
and opposite to that in the rearward-directed beams. Second, since the Doppler beat 
frequency is obtained by mixing signals from two beams rather than by single-beam 
measurement, greater precision of velocity determination is possible. Finally, the 
necessitj!^ for antenna stabilization in the pitching plane is largely eliminated. (Roll er- 
rors also affect the Doppler system; but except for special military applications, in 

which extreme accuracy is required, the expense of roll stabilization of the antenna is 
seldom justified. ) 

The Doppler system has certain operating limitations. Over smooth sea surfaces, 
the signals reflected back to the receiver are sometimes too weak to be usable, particu- 
larly if the aircraft is flying at great height. Also, the signal may be lost at certain cri- 
tical altitudes. 

Sm.all residual errors are also present in the system. The principal sources of 
error in the Doppler radar system alone are antenna misalinement (perhaps 0.2° on the 
average civil aircraft), variations in the absolute length of a nautical mile with latitude 
and altitude, and movement of the reflecting surface (e.g., movement of water surfaces 
due to winds and/or currents). With all these residual errors taken into account, the 
practical accuracy of most current Doppler radar systems is about 0.5 percent of dis- 
tance flown along the track and about 0. 5° across the track. The above errors relate to 
only the Doppler radar and do not represent total system error. 

Even though it is carefully fabricated, situated, calibrated, and compensated, the 
gyromagnetic compass is normally the largest single source of error in the complete 
DopP‘/'r system. The gyromagnetic compass can seldom provide an accuracy of better 
than 1. 2 across the track or 2. 0 percent of distance flown along the track. Add in a 
little for computer error in resolution, and total error for the complete system becomes 
about 0. 6 percent along and 2.6 percent across the track. 
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Inertial Navigation 
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The inertial navigation system is vmlque in that the entire system is carried on the 
a« J eoileteX sell-e»tained, and requires ho external inlormation such ^ 
radio siUas. Essentially, inerUal navigation is the process of determmmg the speed 
and position o£ an aircralt from measurements of the accelerations o£ 

inertial navigation is based on Newton’s laws of motion. Accordmg to the first law 
a body in motion will continue to move at the same speed and in the same irec ion un i 
« is tred upon by an external force. According to the second law, the force acting on a 
body is equal to the product of the mass of the body and its acceleration along the Ime 

“‘"r"etws, the equations of motion for uniform conditions were developed: 



s = ut 



( 1 ) 



and 



= u + 2as 



( 2 ) 



where 



u 



distance 
initial velocity 
time 

final velocity 
acceleration 



Where velocities and accelerations are constantly varying, these equations are ex- 
pressed in calculus notation 



V = a dt 



( 3 ) 



and 



s = vdt = adtxdt 



,( 4 ) 



According to equation (4), distance is equal to the integral of velocity 

time tL a mechanized solution based on this equation can average and^multiply ve- 

locmes ot; Lritesimal periods of time tVgive an accurate value for distance traveled. 
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Li mechanizing the solution, the first problem is to measure the vehicle accelera- 
tions. Thus, the basic components of an inertial navigation system are two accelerom- 
eters capable of sensing and measuring aircraft accelerations in the north-south and 
east-west directions. Several methods can be used for sensing accelerations. Perhaps 
the simplest is measuring the movement of a spring- restrained mass (Hooke’s Law 
states that the extension of the spring is proportional to the force causing it). However, 
the basic sensitivity of such a system is not high. Greater sensitivity is usually achieved 
by using ’’force balance” instruments, in which the applied acceleration is measured by 
the force required to rebalance the system against the input acceleration. Such devices 
are remarkably accurate over a wide range of acceleration values. But if they are to 
perform their functions usefully and correctly, they must obviously be protected from 
the pitching, yawing, and rolling motions of the aircraft in which they are mounted. The 
accelerometers are therefore mounted on a gyro-stabilized, gimbaled platform, which 
maintains them in a horizontal position with respect to the local surface of the Earth, re- 
gardless of any changes in aircraft position and attitude. The gimbaled platform is sta- 
bilized by two or three gyroscopes. Such an acceleration- measuring system is capable 
of measuring the horizontal components of aircraft accelerations without being affected 
by unwanted vertical components of such accelerations. 

But acceleration measurements alone are of little navigational use. The inertial 
navigation system therefore includes two sets of integrators. The first set integrates the 
accelerations with time to indicate velocities, and the second set integrates the velocities 
to indicate distances traveled in the north-south and east -west directions. These dis- 
tances can then be fed to a navigational computer, tailored to the needs of the user, to 
produce an automatic, continuous, and accurate display of aircraft position, heading, and 
distance relative to a predetermined destination or track. 

Nothing so useful could be quite that simple; the inertial navigation system is no ex- 
ception. Gyroscopes need to be corrected for the effects of the Earth’s rotation and the 
aircraft’s motion, and this is normally accomplished by feedback from various stages of 
the inertial navigation system itself. Gyroscope biasing, to reduce errors resulting 

from mass unbalance and from other causes, is usually performed on the ground at set 
intervals. 

The accelerometers are subject to errors caused by centrifugal forces (since the 
aircraft is moving around a curved path over the Earth’s surface), coriolis forces (caused 
by the rotation of the Earth), polar compression (because the Earth is an oblate spheroid), 
and gravity magnitude variation. Therefore, correction terms must be continuously fed 
back to compensate for these errors. 

In addition to all this, the stabilized platform, being a form of pendulum, must be 
maintained vertical despite horizontal accelerations which would tend to make it lag be- 
hind the local vertical by an angle dependent on the magnitude of the acceleration and the 
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length of the pendulum. This Is accomplished by "Schuler tuning"; that is, the platform 
is made to simulate the behavior of a pendulum whose length is equal to the radius of the 
Earth. Such a pendulum (i. e. , a Schuler pendulum) would always malntam its vertica 
orientation. The period of such a pendulum is given by 



T = — 
g 



( 5 ) 



where 

T period of pendulum, sec 
R length of pendulum (radius of Earth), ft 

2 

g acceleration due to gravity, 32.17 ft/sec 

H R were equal to the radius of the Earth, the period would be 84.4 minutes. The 
practical solution is to construct an electromechanical analogue having the same period. . 
as the Schuler pendulum. Such an analogue wUl maintain a vertical orientation relative 

to the surface of the Earth. 

As an example of the sort of precision required, if one of the accelerometers is 
tilted from the horizontal by as Uttle as 1/60°, the spurious gravity acceleration from 
this cause alone will introduce a system error of 12 nautical miles at the en o a - o 
flight. The accelerometers themselves must be sufficiently sensitive and wide-ranging 
to cope with accelerations varying from perhaps 7 or 8 g to 0.000005 g. If t°t^ 
gation system is to be accurate to within 1 nautical mile for 1 hour of flight ac ^ 
per hour, an accelerometer in the system has to be accurate to within less than 0. 0003 g. 

As regards gyroscope accuracies, it does not seem so long ago that the old aircraft 
directional gyroscope, with a drift rate of perhaps 10° per hour, was still regarded as a 
marvelous instrument. Even now the gyroscopes in some gyromagnetic compasses in 
common use have a free-mode drift rate of more than 5° per hour. However, some cur- 
rently used gyroscopes have drift rates of only 0. 01° per hour; and in the not-too- distant 
future gyroscopes with drift rates as low as 0. 001° per hour will probably be used. 

In’ spite of gyroscope inaccuracies, the inertial navigation system offers tremendous 
advantages for both civil and mUitary aircraft. It eliminates the dependence upon the 
radio wave, transmitted or received, and on celestial and terrestrial references. Inertial 
navigation measurements (based on Newtonian laws of motion and gravitation) are carried 

out entirely within the aircraft. The system is therefore available at all times, in all 
places, regardless of weather, and (of particular importance to the military user) withou 
makinf^ any tell-tale transmissions that could be intercepted and possibly jammed. 

The accuracies provided by inertial navigation are high compared with the accuracies 
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of other navigation systems. For example, a maximum error of only 2 nautical miles 
per hour is well within the state of the art. This error is time dependent only; therefore, 
the faster the aircraft, the better the performance of the system in terms of accuracy per 
distance flown, a factor of particular importance for supersonic aircraft. 






16. WEATHER SAFETY AND NAVIGATION IN SEVERE STORMS 

I. Irving Pinkel* 



STORM HAZARDS TO FLIGHT 

Severe storms are the principal hazard to flight. The airplane is endangered by the 
strong, turbulent winds of the storm and by the hail and rain that often accompany it. 

Here we will describe the nature of these severe storms and some of the techniques for 
operating safely in storm areas. 

An airplane can be lost in severe weather if buffeting from erratic winds places it in 
flight attitudes from which the pilot cannot recover. The airplane may fall out of control, 
or the pilot's attempt to restore correct airplane flight may result in a violent airplane 
maneuver that stresses the airframe to failure. Likewise, hail can damage the aerody- 
namic surfaces of the airplane sufficiently to require extreme skill to land the airplane 
safely. Aircraft flying at supersonic speeds (above 700 miles per hour) can receive simi- 
lar damage from impacting rain droplets at these speeds. Figure 16-1 shows the damage 
to an airplane that flew through hail. The extensive damage to the leading edge of the 
wing raises the danger of airflow separation from the top surface of the wing as the air- 
craft slows for landing. Since the damage to each wing is somewhat different, each wing 
may generate a different lift, especially at low flight speeds, when the angle of attack is 
high. This difference in lift between the two sides of the wing may be too great for the 
pilot to compensate with ailerons and trim tabs, and the airplane may enter an uncontrol- 
lable roll on the landing approach. Fortunately, this did not happen to the airplane shown 
in the figure, it is clear from these considerations that fUght through hail and heavy rain 
showers at high speed must be avoided. In order to do this, the pilot and those who direct 
his flight from the ground must understand the structure of the storm through which the 
airplane is flying so that the pilot may pick a safe path. 

Severe thunderstorms present the most common flight weather problem. The U. S. 
Weather Bureau and its successor organization, the Environmental Science Services 
Administration, have a research center devoted solely to the study of severe storms. 
Through the work they have done by ground observations and flights through thunder- 
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Figure 16-1. - Hail damage to airplane. 



storms with instrumented airplanes, they have constructed the picture of the anatomy of 
the thunderstorm. This information has made it possible for aircraft to fly safely in 
storm areas. 



CHARACTERISTICS OF A THUNDERSTORM 



While no two thunderstorms are exactly alike, they all have certain features in com- 
mon. They have similar modes of development to the violent condition we recognize as a 
severe storm and have common gross features by which the several stages of the storm's 
development and dissipation are identified. 

The thunderstorm is made up of a series of thunder cells which are often between 
5 and 10 miles in horizontal extension but in some instances may exceed 20 miles in hori- 
zontal extension. The pilot can recognize the thunderstorm that has reached a dangerous 
stage in development because its cells, from an airplane, have the appearance shown in 
figure 16-2. The base of the thunderstorm cloud is usually between 2000 and 10 000 feet 
from the surface. The tops can have far greater variation in height. They can extend 
from 15 000 to 60 000 feet. In some rare instances they have been reported at even 
higher levels. The pilot recognizes that the thunderstorm is fully developed and is, 
therefore, in a dangerous condition when he observes the prominent anvil cloud at the top 
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Figure 16-2. - Typical thunderstorm cell viewed from high altitude. 



I of the thunder cell (fig. 16-2). 

fc By means of ground instrumentation and flights through thunderstorms, the dangerous 

* zones have been mapped as shown in figure 16-3. Here we see a cloud which reaches 

j; from 5000 feet to 55 000 feet altitude. The zone of highest winds within the cloud ap- 

pears as a curved column of air rising upward through the center of the cloud. Its .lo- 
cation within the cloud can be roughly estimated from the fact that this rising column pro- 
duces a bump in the upper perimeter of the cloud. In figure 16-3, this bump appears above 
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Figure 16-3. - Vertical section through thunderstorm cell showing air 
currents and areas of precipitation. 
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the 50 000 foot altitude level. This high-speed column of air originates close to ground 
level. At this low level, the air is moist and warm enough to have a density less than the 
cooler air which lies above it. Being less dense than the overlying air, this warm, moist 
air floats upward through the more dense overlayer. As the air rises, it cools, because 
it expands in the lower pressures of the higher altitudes. As the air cools, moisture is 
condensed and the heat of condensation from this moisture warms the air. The net effect 
is to give the rising air a temperature higher than it would have had if water conden- 
sation had not occurred. Because of this warming, the air retains a density less than 
that of the surrounding air, and so it continues to flow upward. As this air climbs 
through several thousand feet in this way, it acquires vertical speeds often in excess 
of 200 miles per hour. An aircraft that flies into such a jet of rising air could be tossed 
into flight attitudes that would require considerable skill on the part of the pilot to re- 
store it to normal flight attitudes. 

When a rising column of air achieves its highest level (immediately under the bump 
of the upper perimeter of the thunder cell), condensation is stopped. The moisture that 
condensed as water at lower levels has now frozen to hail in the intense cold of the higher 
altitudes. Since the velocity of the rising column of air which has blown the water and 
hail upward is dissipated in the upper altitudes of the thunder cell, the hail falls toward 
the ground and induces a downward draft of the local air. The falling column of air whic 
moves with the hail is displaced horizontally from the rising vertical column. This dis- 
placement is in the direction of the movement of the entire thunder cell. Since *he warm, 
moist air at ground level climbs slantwise through the base of the thunderstorm, the fa 
Ing hail can drop into this rising column of warm, moist air and be carried aloft for 
another trip. The condensing moisture in this rising column of air which now carries 
hail can condense on the hail to add additional layers, and so the nailstone grows. This 
process of hailstone growth can be repeated as many as a dozen times to produce hail- 
stones the size of golf balls, which eventually fall to the ground. 

Clearly, the airplane should avoid the central part of the thunder cell which contains 

the high upward and downward winds laden w .th heavy rain and hail. Fortunately, 
airborne radar gets a very strong signal from rain drops and hail, so that these zones in 
the thunder cell are clearly visible to the pilot on his radar scope. Thus, an aircraft 
equipped with radar can fly through thunderstorms with reasonable security. An aircraft 
not equipped with radar can fly safely through storm areas if it is in radio communication 
with a ground radar station that can "see" the storm and guide the aircraft through it. 

An aircraft that is not equipped with radar and not in radio contact with a ground 
radar station depends on the pilot’s judgment and what he can see of the structure of the 
thunderstorm. Therefore, without the aid of radar, an aircraft should not attempt to fly 
through thunderstorm areas at night, when the storm is not visible. 

Tornadoes may form at the base of the thunder cloud, where some of the warm, moist 
air enters the cloud. Such a place is marked in figure 16-3. The tornado is visible as a 
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funnel shaped cloud attached to the cloud base and can, therefore, be avoided by the air- 
craft during daylight. A tornado can also be detected by radar if the tornado contains de- 
bris from the ground or if it contains precipitation. 

An important, but less severe, zone of air currents within the thunder cell appears 
at its trailing edge, where wind-borne, cool, dry air at high altitude enters the thunder 
cloud and mixes with the cloud droplets. The droplets evaporate in this dry air. The 
heat required for droplet evaporation is drawn from the air. This cooled air is now 
more dense than the surrounding air of the cloud and sinks rapidly. This downward 
stream of air can attain speeds which could upset the inexperienced pilot. 

The zones on the ground, relative to the storm cloud, that are subject to precipitation 
from the storm cloud are shown in figure 16-4. Information like this is useful to the air- 
plane dispatcher, who can determine under what conditions he can dispatch an airplane 
and the route it should take as it leaves the airport. 



In addition to the vertically directed high winds mentioned previously, the thunder- 
storm contains zones of highly turbulent air, which can buffet the airplane severely. Such 
buffeting can cause failure of the main airplane structure and the loss of the airplane. 
These turbulent zones, mapped in figure 16-5, lie adjacent to the strong vertical air cur- 
rents. 

The water droplets which make up many clouds, including thosp of the thunderstorm, 
ca.n exist at temperatures below the normal freezing point of water. The zones occupied 
by these ’’supercooled’* cloud droplets range from the freezing level, marked as 0° C in 
figure 16-5, to altitudes where the temperature can drop to -26° C. In sonie rare in- 
stances, water droplets are found in the cloud at -40° C. 

As an aircraft flies through a cloud, the cloud droplets strike the lea^ling surfaces. 
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Figure 16-4. - Horizontal section through thunderstorm cell showing 
areas of precipitation. 
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Figure 16-5. - Vertical section through thunderstorm cell showing 
I:: areas ol aircraft icing and turbulence. 



When supercooled cloud droplets strike the airplane surface, they freeze. In a few 
minutes of fUght, sizable ice accumulations may form on the aircraft. Such ice forma- 
tion on the leading edges of wings and tail surfaces can so change the contour of these 
airplane members as to increase the airplane drag severely and reduce the effectiveness 
of wings and associated fUght control surfaces. High drag slows the airplane and in- 
creases the fuel required to complete the fUght. Deterioration of the aerodynamic quality 
of the wing and tail increases the pilot’s problem of maintaining proper control. This de- 
cUne in handling quality of the airplane becomes particularly important on landing, when 
the airplane moves slowly and is normally sluggish in its response to control movements. 
Ice accumulations on the aircraft increase the sluggishness to bontrol and thereby in- 
crease the likeUhood of a crash landing. 

ice is also collected on engine air Intakes. The obstruction ol the vital airflow to the 
engine Is evident from the engine Inlet Icing shown In figure 16-6. Should chunks ol such 
massive accumulations of Ice break free and be Ingested by the engine, the blading within 

the engine may be damaged. 

Aircraft which are certified to fly through icing clouds are protected against ice ac- 
cumulation by heating those surfaces on which water droplets of the cloud are likfely to 
Cingt Holever, such icing protection is designed for moderate-to-severe icing condi- 
tions and may be inadequate for exceptionally severe icing. An understanding of the struc 
ture of the clouds that are most likely to produce severe icing allows the pilot to avoid 
icing conditions which are beyond the capability of the ice -lire vention system of the air- 
craft. Many years of research flights through icing clouds and cloud-physics studies in 
NASA and other laboratories have given us a working understanding of this matter. Air- 
craft seldom get into difficulty now because of icing. 

One remaining problem of the severe storm is the lightning hazard that accompan es 
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Figure 16-6. - Turbojet-engine inlet icing. 




CS-46975 



Figure 16-7. - Vertical section through thunderstorm cell 
showing typical distribution of electrical charges. 



it. Figure 16-7 shows a typical distribution of electrical charges within a thunder cel). 
These charges reside on the rain drops, hail particles, and cloud droplets. In the cloud 
illustrated in this figure, the positively charged droplets are mostly near the top of the 
cloud and the negatively charged droplets are near the bottom. While this is generally 
the case, the opposite often occurs. Lightning, which represents a discharge of elec- 
tricity from the positive to the negative charges, occurs within the cloud as shown in the 
figure. Also, the negative charges at the base of the cloud induce the Earth's surface im- 
mediately below the cloud to acquire a positive charge. Lightning strikes between the 
ground and the cloud occur when the potential difference is great enough to form a streak 
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of Ionized air In the space between. The main lightning discharge follows this streak, 
ionized air is a good conductor of electricity, whereas normal air is a poor conductor. 
Aircraft flying beneath the cloud may be struck by the lightning, but ordinarily the ^age 
to the aircraft is modest. The all-metal constniction of the aircraft makes it a good con- 
ductor of the electricity and it passes the lightning current harmlessly. At the points of 
the airplane where the strike enters and leaves, small pitting and local burnmg of e 
structure is often evident. 

However, the lightning may strike the fuel system of the airplane at a location where 
a combustible atmosphere exists. The probability of Ignition of the aircraft fuel is high 
enough to constitute real danger. Every effort Is now being made to ensure that under no 
conditions will a lightning strike to the airplane Ignite the aircraft's fuel, smce such Ig- 

nition is catastrophic. 
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NAVIGATION THROUGH STORM AREAS 

In order to understand how a modern airplane navigates through an area of severe 
storms, it is useful to review one of the navigation systems most commonly used on com- 
mercial and military aircraft. This navigation system, called an omnidirectional r^lo 
range (omnl), is based on a series of radio stations on the ground which represent the 
intersection of the airways flown by the aircraft. A flight plan between two 
be designated by listing the radio stations over which the airplane will fly. Each rato 
station radiates a signal at a frequency which is distinct from all the others. The a rp ^ 
tunes Its receivers to this frequency. The receiver signal actuates a pointer on ^ tos ru- 
ment dial which shows the bearing of the radio station with respect to the aircraft. TOls 
situation is diagrammed in figure .16-8, which shows the ground-based radio stat on and 
five locations of the aircraft with respect to that radio station. The dial po n er n e 
figure which corresponds to the dial on the instrument panel in the airplane, s ows e 
coZss bearing of the radio station relative to the location of the almraft 1 Is obvious 
from the figure that if the aircraft passes directly over the omnl stotlon, the dial p 
reverses Itself (1. e. , rotates 180°). This reversal of the dial pointer provides the pilot 
with the exact fix of the aircraft with respect to the ground, because the exact location of 
the omni station is shown on his maps. When the aircraft is not directly above the omnl 
station, the fix of the aircraft is determined from the bearing of the omnl station in con- 
junction with data from distance-measuring equipment, orDME. (Omntnavga on s 
cussed in more detail in chapter 15.) 

A commercial pilot is required to fly along the airways for which he is cleared when 
he Hies his flight plan, prior to takeoff. Any deviation from this plan while he is enroute 
must be approved by the air-traffic controller who monitors his flight from the ground. 
Such request and approval is accomplished by radio communication. 
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Figure 16*8. - Omnidirectional (umni) radio 
navigation. 




Severe weather is one of the principal reasons for requesting deviation of the flight 
from the prescribed plan. This situation is illustrated in figure 16-9, which shows a 
typical flight route from Cleveland, Ohio, to Cape Kennedy, Florida. The diagram shows 
that the aircraft encounters a thimderstorm in its path as it enters Florida. With the con- 
sent of the Federal Aviation Administration controller, the aircraft is a.iowed to deviate 
from its original plan, shown as a solid line in the figure, and to take the path shown by 
the dashed line to avoid penetrating the thunderstorm cell in its path. 

Most commercial airplanes are equipped with airborne radar systems which displa^ 
those portions of the clouds that contain rain, snow, or hail. The radar scope on the air- 
plane shows the precipitation pattern within the clouds with respect to the direction of the 
airplane flight path, as shown in figure 16- 10(a), which is a photograph of such a radar 
scope. The position of the airplane is indicated by the figure of the small airplane at the 
center of the system of concentric circles marked on the screen. The concentric circles 
represent fixed, known radial distances from the airplane. In a typical radar display, 
the radial distance between circles is 10 miles. This radar presentation shows the pilot 
how he can fly through the storm that lies in his path so as to avoid the precipitation 
areas, which also mark the zones of high vertical winds and turbulence, as discussed 
earlier. In the event that the thunderstorm appears as an unbroken line in his path, the 
pilot can pick his way through the leant hazardous portion of the storm by using a setting 
on the radar which alters his radarscope presentation to show the zones of highest pre- 
cipitation within the storm ahead. In the radarscope presentation shown in figure 
16- 10(b), the dark areas within the outlines of the zones of precipitation are the areas of 
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(a) Low-contrast image showing overail areas o( precipitation. 




(b) HIgh-contrast Image showing zones o( most Intense precipitation within overall 
areas o( precipitation. 

Figure 16-10. - Airborne radarscope presentations o( precipitation pattern o( storm. 
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most intense precipitation. The pilot picks his path to avoid these zones and accepts the 
buffeting he will receive by going through the milder portions of the storm. 



CONCLUDING REMARKS 

Our knowledge of the Earth's weather and how it influences aircraft flight is progress- 
ing rapidly. Instrumentation for navigation and control of aircraft is undergoing a major 
revolution at this time. Many of the limitations to aircraft flight imposed by the weather 
should be largely overcome in the next 10 years. After that time, aircraft will be instru- 
mented for detecting turbulent air whether or not associated with storms. These aircraft 
will be equipped to fly through turbulent air smoothly and, in all probability, to land at 
airports under conditions of extremely poor to vanishing visibility. Those who have an 
interest in this subject should review its status periodically, because of the rapid changes 
which are in progress. 
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17. PROJECTS IN AERONAUTICS 



James F. Connors* 



Throughout the Lewis Explorer program in aeronautics, a concerted effort was 
made to generate a high level of interest and involvement among the participants. When- 
ever feasible, lectures were augmented by active demonstrations, visual aids, and sup- 
plementary films. On occ^ion, special tours to aeronautical points of interest were 
arranged. The participants became most directly involved in the program through re- 
search assignments, many of which were actual wind-tunnel experiments. The culmina- 
tion of the program was a full-scale symposium on aeronautics - an excerise in 
communication - at which the young researchers reported the results of their projects. 



The following is a sampling of demonstrations presented in conjunction with the 
various lectures. Most of these demonstrations can be easily duplicated or ^proxima- 
ted by anyone interested in studying basic aerodynamic principles and flow phenomena. 

Some demonstrations pertaining to the aerodynamics of an airfoil (chapter 4) are 
illustrated in fi^re 17-1. Basic aerodynamic phenomena were demonstrated by means 
of very simple equipment. For example, the Coanda effect wai^ demonstrated by using 
a funnel to direct a stream of small, solid particles (shot) and a stream of fluid (water) 
against the side of a horizontally oriented cylinder (fig. 17- 1(b)) and comparing the re- 
sults. Also, the cylinder was rotated under the water stream to show increases and de- 
creases in the Coanda effect. 

For a demonstration of lift (fig. 17-l(c)), a vacuum sweeper was used to provide an 
airstream. Lift was piroduced by deflecting this airstream downward either through a 
bent cylindrical tube cr by a curved vane. The lift was evidenced by an upward rotation 
of the supporting beam about its fulcrum. (Part of the equipment for this demonstration 
was assembled from a toy erector set. ) 

In another demonstration (fig. 17-l(d)), visual flow definition was achieved by sus- 
pending, or floating, lightweight particles (sawdust) on the surface of w£tter and then 
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DEMONSTRATIONS 





moving a Hat pad^e through the water to show the turi»lent wake prttern behind the pad- 
TO demonstrate the vortex produced by a wing tip, a simulated wing (a Hat toard) 

mounted downstream of the tip. ii\ a rela- 

In coniunctlon with the discussion ol fluid flow through nozzles (chapter 11), 

» » 9 hiA «te n-2) was used for flow visualization. The water table, 

r ir 

created when a rock is dropped into a calm pond. 



EXPERIMENTS 

Some basic aerodynamic principles were applied in simple, practical experiments 
that caTLl^rlTd X anyL studying aerodynamics. Many ol these experiments 
ir^IrdranJeraUlysmaU, but fairly st^hlstlcat^, 

Details of this particular tunnel, as weU as plans and suggestions tor constructing a 

JC4 Fach cvllnder spsnned the tunnel test section. 

nf varvlne size (1. 3, and 5 In. diam). Eacn cyimaer ^ /.g„ iw oij\\ 

Of varying size vi, _ , piat-plate friction drag (fig. 17-3(d)) 

Results are shown in figures 17-3(a), (o), ana tc;. o\ Both 

^rdetermined as a function of Reynolds number (see definitions in chapter 2). B^h 

laminar and turbulent boundary-layer profUes were obtained. Roughness (or gr^ 
added to the plate leading edge to ensure early transition to a turbulent yer. 
mltu o^lt“oJL wer?«sed to determine the effect of stylhg, or 
iSnltdrag performance (figs. T7-3(«0 and (f)). The advmdages of streamltaed 

automobile bodies were clearly demonstrated. 

Aerodynamic lift was also studied in the wind tunnel for a wide range o a 
shapes. Both infinite and finite wings were used. Infinite airfoils were ® _ 

Dletely spanned the tunnel and thus had no loss in lift at the ends. °^ **** ..^ 

he v»iln in llft coefficient wtth angle 

the maximum lift, or stall, point. Smoke (fig. 17 - 4 (b)) and tufts (fig. 17-4(0) 
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to illustrate the lifting- and stalled-wing conditions. Flaps were added to show that lift 
could be increased by increasing flap angle (fig. 17- 4(d)). Decreasing the wing aspect 
ratio by shortening the span (fig. 17-4(e)) decreased the slqpe of the lift-versus-angle- 
of-attack curve (fig. 17-4(f)) and decreased the maximum attainable lift coefficient. The 
reason for this effect of the aspect ratio on the lift is that as the aspect ratio decreases, 
the local loss in lift at the ends becomes a progressively larger percentage of the total 
wing lift. The end lift loss, or tip effect, was demonstrated by visualization of the vor- 
texes through the use of the tuft grid (fig. 17-4^)). hi effect, the high-pressure air 
under the wing leaks around to the low-pressure region on top of the wing. At the land- 
ing condition, where a specified lift coefficient is required (fig. 17- 4(h)), the landing at- 
titude of the aircraft (angle of attack) can be minimized by increasing wing aspect ratio 
and/or adding a flap. 

hi wind-tunnel eiqseriments with an aircraft model having variable- sweep wings, the 
tip vortexes are very graphically illustrated by the tuft patterns at the rear of the test 
section. Figure 17-5 shows selected frames from a motion picture taken as the model 
angle of attack and the wing angle of sweep were systematically varied. The aforemen- 
tioned leakage of air from the bottom to the top of the wing at angle of attack creates a 
trailing vortical flow behind the tip. It is an inqiortant aerodynamic effect in estimating 
aircraft performance. 

An interesting project was called GARAGE, an acronym for Gravity Accelerated 
Rotational Aerodynamic Gaging Equipment. The project objective was to devise a 
simple, unique apparatus for effectively measuring lift of various airfoil models, without 
the obvious complexity and expense of using a wind tunnel. 

The £q>paratus evolved from a rather complicated preliminary design (fig. 17- 6(a)) to 
a relatively simple operational model (fig. 17- 6(b)). An airfoil was attached to the ex- 
tremity of a light, cantilever arm. This arm was connected to a vertical, freely-rotating 
shaft. A weight was suspended from a fishline that was run through a low-friction pulley 
and was carefully wound around the vertical shaft. When the weight was allowed to drop, 
its pull caused the fishline to unwind from the shaft, thereby causing the shaft, with the 
attached cantilever arm and airfoil, to rotate. The time required for the weight to drop 
through a measured distance was accurately recorded. 

Attached to the outer end of the airfoil was a "whisker. " Each time the airfoil made 
one revolution, the whisker struck a chalked piece of carbon paper mounted on a vertical 
meter stick. The vertical distance, of lift, of the airfoil was accurately measured at the 
completion of each nm. This vertical rise of the airfoil could be statically calibrated to 
determine the corresponding lifting forces. The speed of the airfoil is directly propor- 
tional to the speed of the falling weight. The speed of the falling weight is a measure of 
the drag on the airfoil. A stroboscopic (or strobe) light could be used to stop motion and 
thereby obtain the frequency of rotation and a direct indication of the vertical displace- 



ment of the airfoil at that rotational speed. The linear speed of the airfoil could be cal- 
culated from the frequency of rotation and the measured length of the cantUever arm sup- 
porting the airfoil (i. e. , the radius of the circular path of the airfoil). Since drag varies 
(exponentially) with the square of the velocity, incremental differences in drag could 
thus be determined for the various airfoil shapes. Some experimentally obtained values 
of lift and drag with angle of attack are shown in figures 17- 6(c) and (d). 

Another research project was the design of a model airplane for maximum endur- 
ance. The specifications adopted for the project were based on the rules for an actual, 
worldwide, competitive endurance event, with a significant monetary prize. The speci- 
ficiations. called for a wing area of 1800 square inches, a stabilizer area of 450 square 
inches, and a gross weight of 11 pounds. The initial concentration of effort was on the 
powerplant. To this end, a good-quality, 2-cycle, model-aircraft engine was selected. 
For this engine, a fuel system (fig. 17-7(a)) was designed, fabricated, and assembled 
for e 3 q>erimental evaluations and modifications. Objectives, of course, were to maxi- 
mize the amount of fuel and engine performance and, at the same time, to minimize sys- 
tem weight. Engine performance (fig. 17-7(b)) was determined staticaUy and then pro- 
jected to estimate the performance at a flight speed of 30 feet per second. A 12-inch 
propeUer was used to absorb the load and simulate installation performance. Aerody- 
namics were investigated to obtain a wing with a high lift-to-drag ratio (L/D). Tech- 
niques of lightweight construction were also investigated, and a wing section was fabri- 
cated. The resultant aircraft configuration after appropriate weight balancing is shown 
in figure 17-7(c). The analysis of the overall structure gave the weight distribution 

shown in table 17-1. 



TABLE 17-1. - ESTIMATED 
WEIGHT BREAKDOWN OF 

model airplane de- 
signed FOR WORLD en- 
durance FUGHT RECORD 



Component 


Weight, 

lb 


Wing structure 


1.5 


Fuselage structure 


1.0 


Tail structure 


.3 


Propulsion system 


1.2 


Control system 


i.O 


Fuel 


6.0 


Total aircraft 


11.0 







To study the aerodynamics of flight, experiments were conducted with small, hand- 
launched, indoor gliders. Construction details for the glider used and adjustments re- 
quired for long-duration flight are discussed in appendix B. Two of the most important 
adjustments for stable flight are the correct location of the center of gravity and the 
proper ’’angular difference” between the wing and the horizontal tail. A detailed discus- 
sion of these parameters for a hand-launched glider is given in appendix C. (These are 
also discussed in detail in chapter 9, which deals with aircraft stability and control. ) 

The gliders were flown (fig. 17-8) to study stability and to determine lift-to-drag 
ratios and sink rates. The lift-to-drag ratio of an aircraft in steady, gliding flight was 
shown to be equal to the distance traveled horizontally divided by the attendant decrease 
in altitude, or, in other words, the glide ratio. This is an aerodynamic phenomenon 
unrelated to weight. To illustrate this, the weight of the glider was increased by adding 
clay at the center of gravity, and the experiment was repeated. Although the glide ratio 
did not change, the gliding speed and its vertical component, the sink rate, were notice- 
ably increased. Also shown was the equality between the power required for level flight 
and the rate of change of potential energy noted during gliding flight. 



TOURS 




Tours of places of aeronautical interest constituted an important part of the Lewis 
Explorer program. The pxirpose of these tours was to relate the aeronautical studies to 
the real world of aviation. 

During a tour of the hangar of the Lewis Research Center (fig. 17-9), aircraft and 
their con^onents were described in detail to the group. Aircraft available for inspection 
were a Convair F-106, a Douglas C-47, a Convair T-29, and an Aerocommander. 

A comprehensive tour of various aircraft was accomplished on a visit to the Air 
Force Museum in Dayton, Ohio. This museum has the world’s largest military aero- 
nautical exhibit, ft contains over 100 aircraft and missiles, with numerous informative 
displays of hardware, documents, photographs, and personal memorabilia. 

A tour was made of the Air Traffic Control Center at Oberlin, Ohio. This facility 
is under the jurisdiction of the Federal Aviation Agency (FAA), which, in turn, is under 
the Department of Transportation. The FAA is responsible for ensuring a safe and 
orderly flow of civil and military air traffic throughout the nation’s airways. The heart 
of the operation of an Air Traffic Control Center is the radar room (fig. 17- 10(a)), where 
the controller follows the flight of aircraft through his area and is in direct radio contact 
with the pilots. The controller assigns specific altitudes and clearances to the pilots and 
provides them with various weather advisories and flight directions. A computer room 
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(fig. 17- 10(b)) provides the latest weather data and airline schedular data for the entire 
country. 

Depending on weather conditions, all aircraft fly by one of two sets of FAA rules - 
either instrument flight rules (IFR), or visual flight rules (VFR). When the weather is 
clear, most pilots fly VFR; in bad weather, flights normally are conducted imder IFR 
procedures. 

Under VFR, the pilot flies by visual reference to the ground, and he is solely re- 
sponsible for avoiding other aircraft. His obligation is more than "see and be seen" - 
it is to "see and avoid. " But, when weather and visibility are poor and IFR weather 
conditions prevail, the responsibility for keeping aircraft separated rests with the air 
traffic controller. Even in good weather, many pilots, especially those flying high-speed 
aircraft, elect to fly under IFR in order to take advantage of the separation and the 
greater protection afforded by FAA's air traffic specialists. All major scheduled air- 
line flights follow this procedure. To guard against possible conflicts in flight paths, all 
pilots flying imder IFR must file flight plans with the FAA. 



SYMPOSIUM ON AERONAUTICS 

Any program should have a focal point toward which the overall effort is directed. 
For the Lewis Aerospace E^qplorer program, the focal point was a full-scale symposium 
on aeronautics (fig. 17-11). This was, of course, a valuable exercise in communication. 
Fui*thermore, it placed schedular deadlines on the various research projects and experi- 
ments imdertaken by the youths and created a realistic sense of pressure to plan and con- 
duct the experiments efficiently, to con^lete the projects on schedule, to analyze the re- 
sults carefully, and to present the results in a professional manner. Except for brief 
welcoming statements by the Director of the Lewis Research Center and by the Post 
Adviser, the entire symposium was conducted by the E3q[)lorers and was highly success- 
ful. 




APPENDIX A 



WIND TUNNELS 

The principal tool for any study of aerodynamics is a wind tunnel. The tunnel used 
in this Explorer program (fig. 17-12) was constructed by Lewis Technical Services per- 
sonnel from a 19-horsepower motor, an axial-flow fan, wood, Lucite, and sheet-metal. 
The test section was 20 inches wide and 30 inches long. Windows were provided on both 
sides of the te.st section for viewing the models, and a 10- inch- diameter port was buUt 
into the top of the test section for lighting purposes. 

Other details of the tunnel and its measuring capabilities are illustrated in f^- 
ure 17-13. The tunnel flow calibration (fig. 17-13(a)) showed a flat, uniform profUe at 
full power. Top speed was approximately 52 miles per hour. This flow survey was t.Jcen 
along the vertical centerline. Along the walls, the boundary- layer height appeared to be 
less than 1 inch. By decreasing fan speed and increasing the size of a bypass opening 
ahead of the motor, the tunnel flow velocity could be varied down to about 18 mUes per 
hour. To ensure minimum disturbance from the fan, a 2-inch-thick honeycomb section 
was added downstream of the tunnel diffuser and just upstream of the fan. 

For flow visualization, smoke was injected so as to follow streamlines in a fUamen- 
tary fashion through the test section. The smoke generator (fig. 17- 13(b)) consisted of a 
small, electrical strip heater, located within an inclined tube, upon which a light oi.l was 
allowed to drip. A small fan blew air across the heater inside the tube to carry the 
smoke upward through a coiled condenser section into a manifold from which it was in- 
jected into the tunnel inlet through a number of orifices. Several layers of fine-mesh 
screening and a high- contraction-ratio nozzle were used to ensure a low-turbulence inlet 
flow. Representative smoke pictures are shown in figure 17-13(c). 

At the rear of the test section, a grid of nylon tufts (fig. 17- 13(d)) was installed as 
an additional means of flow visualization. As indicated in the representative photos (fig. 

tufts, in this case attached directly to the test model, are light enough to lie 
back in the direction of the local streamline. Flow separation is evidenced by an obvious 
randomness in the observed direction of the tufts. 

A simplified force-balance system (figs. 17-13(d) and (f)) was used to measure aero- 
dynamic lifts and drags. First, without airflow. in the tunnel, the system was balanced 
(by means of weights in the pans) so that the supporting shaft of the test model was cen- 
tered in the hole in the test- section window. Then, with airflow in the tunnel, the system 

rebal^ced by means of additional weights. Since one end of the supporting shaft was 
held in a ball socket, the values of lift and drag were equivalent to double the weights that 
were added to rebalance the system. 

A person, or group, studying aerodynamics may not haye the abUity or the means to 
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construct a sophisticated wind tunnel. However, a simple wind tunnel, powered by an 
ordinary electric fan, and suitable for elementary investigations and demonstrations of 
common aerodynamic problems and phenomena, can be constructed by almost anyone 
from readily available materials. 

A tyiacal tunnel of this type (fig. 17-14) consists of a Plexiglas enclosed test cham- 
ber of constant cross-secUonal area, through which the air stream is drawn by a large, 
electric fan. In the inlet of the test chamber, a simple flow straightener, 
similar in arrangement to the dividing partitions of an egg crate and constructed of heavy 
bond paper, provides a relatively constant flow distribution across the test section. A 
simple transition cone between the test section and the fan guard, made of either cloth 

or cardboard, serves as the diffuser section. 

A tunnel with a test chamber 7 inches high and 10 inches wide, a size easily trans- 
portable, is capable of handling wing sections or complete models of 7 or 8 inches maxi- 
mum span. 

The tunnel frame should be constructed of an easily worked wood, with the floor and 
one side made of 1/4 -inch -thick plywood. The inlet and outlet sections are of 3/4 -inch - 
thick v/ood. All mating wood surfaces should be square and smooth to ensure rigidity and 
an airtight fit. Assembly is made with a waterproof wood glue and smaU brads and 
should generally follow the methods presented in figure 17-14. 

The top and one side of the test chamber are of a transparent material, preferably 
Plexiglas, fitted into grooves in the plywood bottom and side panels. Rubber gaskets in 
the groovU, or small wood battens tacked along the edges of the Plexiglas panels, guard 

against air leaks. ._i. 

Heavy bond paper should be used for construction of the flow straightener. Thirteen 

1 -inch strips, 10 inches long, and nineteen 1-inch strips, 7 inches long, are cut from the 
paper and are marked off lengthwise at 1/2 -inch intervals. The paper strips are then 
slotted to the center line at 1/2 -inch intervals. The 7 -inch strips are then assembled on 
the 10-inch strips, slot into slot, in a manner similar to that used in constructing egg- 
crate partitions. Glue should be applied ?,t each joint, and extreme care should be ex- 
ercised to ensure good alinement. When the glue is dry, the structure should be sprayed 
or painted with thinned shellac or acetone dope for protection against curling of the paper 
sections. When the flow straightener is being glued into the tunnel inlet, extreme care 
should be taken to ensure that the eggcrate structure is perpendicular to the floor of the 

tunnel. . . ... 

The transition cone, or diffuser, is made of either closely woven, medium -weight 

fabric or thin cardboard. The pattern to which tlie material is to be cut is shown in fig- 
ure 17-14. In cutting the material, allowances should be made for the seam and, in the 
case of fabric, for a hem around the downstream end erf the cone. The seam must be 
made tight. The upstream end of the cone is glued and tacked tightly around the outlet of 
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the test chamber. The downstream end of the cone n fastened securely to the fan guard. 
K the cone is made of fabric, the downstream end can be hemmed and can be secured by 
drawing it tightly over the fan guard by means of a drawstring in the hem. 

Since an extension of the test chamber center line should correspond to the center 
line of the electric fan, a rigid base should be built up to support the tunnel. No exact 

dimensions can be given for the height of this base, as dimensions of the fan to be used 
may vary. 

No attempt has been made to specify the methods of mounting models, as the tunnel 
itself is simple and straightforward and lends itself to a wide latitude of model- mounting 
systems, either of the rigid or of the "floating” type. A force-balance system, such as 

the one described earlier, may be used in this tunnel to measure aerodynamic forces on 
a model. 
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HAND-LAUNCHED, INDOOR GLIDER 
Robert G. Spaulding* 

The lectures, demonstrations, and experiments in aerodynamics were supplemented 
with a simple, yet chaUenging, glider building and tlying project. Full-size plans for^e 
small, hand-launched. Indoor glider used in this activity are shown in figure 17-15. De- 

tails of con traction and adjustments are discussed herein. 

Although several adjustments are particular to this model, generally speaking, e 
aerodynamic principles apply to all indoor gUders buik for endurance flying. The term 
-•launch phase" refers to the high-speed portion of flight, when the model is thrown 
vertically to its maximum altitude. "GUde phase" refers to the remainder of the flight. 
The goal is to make adjustments particular to each phase, thus producing the longest 

This is a basic learning model. From here, follow-on projects employing sweptback 
or higher -aspect-ratio wings, longer tail moment arms, etc. , can be developed, leading 
to original designs incorporating the best aerodynamic features. 



Adjustments 

Center of gravity. - The center of gravity (c. g. ) is the balance point of the gUder. 
ft may be thought of as that point through which all the weight of the glider is acting. 

The location of the c.g. can be changed by adding or removing weight (clay) at the 
nose of the model (fig. 17-16). The farther back the c.g. is located, the tighter the 
circle of flight must be to keep the model from stalling. Therefore, if flying is to be 
done in a small room, the c.g. must be located relatively far back. For our glider, the 
c. g. should be located behind the leading edge of the wing by a distance equivalent to 70 

to 80 percent of the wing chord. 

StabiUzer Ult. - This adjustment (fig. 17-17) affects the diameter and direction of 
the turning circle during the gliding phase of the flight Adjustment is made by twisting 

the tail boom. 

A full-scale aircraft normaUy has its center of gravity located aft of the wing leading 
edge by a distance of 25 to 30 percent of the wing chord. To turn the aircraft in flight, 
.one or more control surfaces must be deflected into the airstream. This method of 
turning the aircraft produces high drag. 



^'Experimental Wood Modelmaker. 
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For a hand -launched, indoor, endurance glider, the drag must be kept to a minimum. 
Therefore, the method used to turn a full-size aircraft should not be used to turn the 
glider. Instead, the glider can be caused to turn by tilting the stabilizer -and -fin assembly. 
Stabilizer tilt misalines the lift vectors on the wing and stabilizer and gives the glider a 
natural turn tendency. This is an aerodynamic function and results in a low drag factor. 
The effectiveness of stabilizer tilt can be increased by moving the center of gravity far- 
ther back to increase the load on the stabilizer. Moving the center of gravity rearward 
necessitates increasing the size of the stabilizer to keep the load factor of the stabilizer 
the same as that of the wing. 

The stabilizer tilt shown in figure 17- 1*? will place the glider into a leftward gliding 
circle after a right-handed launch. For a left-handed launch and a rightward gliding 
circle, the stabilizer must be tilted in the opposite direction. 

Angular difference . - Angular difference concerns the angular relation of the wing 
and the horizontal stabilizer (fig. 17-18). All aircraft must have an angular difference 
in order to maintain altitude. The amount required for our glider is so small that it 
should be built without any. Then, the necessary angular difference can be obtained by 
bending the tail boom. 

Wing -tip weight . - Wing -tip weight is used to cause the glider to roll out of the 
launch phase and into the glide phase in a smooth, efficient manner. Adjustment is made 
(fig. 17-19) by adding weight (clay), as needed, to the under portion of the appropriate 
wing tip to cause the glider to roll to the right or left. 

Weight on the left wing tip, as shown in figure 17-19, will cause the glider to roll out 
of the right-banked attitude of v. right-handed launch and into a leftward gliding circle. 

For a left-handed launch and a rightward gliding circle, the weight must be placed on the 
right wing tip. 

Rudder offset . - Rudder offset can be used to compensate for structural misaline- 
ment. Adjustment is accomplished by warping the trailing edge of the rudder, (fig. 17-20). 



Concluding Remarks 

This small glider, if carefully constructed and properly adjusted, flies beautifully 
in small areas. It is hand launched, nearly vertically, in a steep, right bank. The launch 
adjustments assure proper and efficient flight during the high-speed launch phase. At the 
top of the climb, if adjustments are proper, the model will roll to the left, flatten out, 
and glide in tight, left circles. (As mentioned previously, for a left-handed launch and a 
rightward gliding circle, both thiie stabilizer -tilt and the wing -tip -weight adjustments must 
be reversed. That is, the stabilizer must be tilted to the left, and the we^ht must be 
placed on the right wing tip. ) 
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AdlustmentB affect each other. After one adjustment has been successfuUy 
adjustments create drag, they should be kept to a minimum. 

















APPENDIX C 

EFFECTS OF CENTER-OF-GRAVITY LOCATION AND ANGULAR DIFFERENCE 
ON FLIGHT CHARACTERISTICS OF HAND-LAUNCHED GLIDER 

Fred W. Steffen* 



Herein we will explain why the location of the center of gravity (c. g. ) and the angular 
difference between the wing and the tail surfaces affects the flight characteristics of a 
hand -launched, endurance glider. 

I The following symbols are used in the discussion and the equations: 

O ' 

A.R. aspect ratio, b /S 

b span 

c mean chord, S/b 




center of gravity 

moment arm of tall (measured from c.g. to point 1/4 of c aft of leading edge 
of tall surface) 

moment arm of wing (measured from c.g. to point 1/4 of c aft of leading edge 
of wing) 

lever arms of weights and Wg 

lift force 

surface area 

tall surface area 

wing surface area 




V velocity of glider relative to air 

Wj^,W2 weights on opposite ends of balance beam 

a angle of attack (i. e. , angle between surface and air -velocity direction) 

“t '' ' ■ : ' 



wing angle of attack 

A( ) small increment in ( ) ' / V 

: -Aerospace Engineer, Prbpi^ Aerodynamics B,if«nph 
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The lift forces of the wing and horizontal tail acting through moment arms 
d^ and d^ about the center of gravity (fig. 17-21) create pitching monients (nose up or 
nose down). U the sum of the pitching moments about the center of gravity is zero, the 
glider is trimmed, and = ^t^t* condition is analogous to that of the balanced 

beam shown in figure 17-22(a), where W^d^ = W 2 d 2 * However, a trimmed glider may 
or may not be stable. A glider is staticaUy stable if restoring pitching moments are 
created when the glider is rotated in the pitch plane. For example, the balanced beam 
(fig. l7-22(a)) is trimmed but not stable, because no restoring moments are created if the 
beam is tilted. In other words, if the beam is tilted, the moment W^d^ is still equal to 
W 2 d 2 . To make the beam stable, springs may be inserted under each end, as shown in 
figure 17 -22(b). Then, as the beam is tilted, the springs create restoring moments, 
which tend to restore the beam to its original position. 

Figure 17-23 shows a glider with a large amount of clay ballast in the nose, so that 
the center of gravity is ahead of the wing lift force. For the moment about the center of 
gravity to be zero, the force from the horizontal tail must be downward (i. e. , the tail 
angle of attack must be negative). 

Endurance gliders, however, are usually trimmed with the center of gravity aft of 
the wing lift force, as shown in figure 17-24. This is done for two reasons: first, the 
weight of the required clay ballast is reduced, and a reduction in weight causes a reduc- 
tion in sinking speed; second, both the wing and the tail contribute to the total lift force. 
Thus, a total lift force equal to the weight can be achieved at a lower gliding velocity V, 
which, in turn, results in a lower sinking speed. As before, for the glider to be in trim, 
L^d^ must be equal to L^d^ (i. e. , the resultant pitching moment must be zero). 

For any given location of the center of gravity, the glider csui be trimmed at only one 
wing angle of attack ^ and one tail angle of attack |^ • ’ hidividual adjustments in 
the wing and tail angles of attack are made by changing the angles of incidence of these 
surfaces. H the location of the center of gravity is such that the trim angle of incidence 
of the wing is greater than that of the tail (positive angular difference), the glider is stat- 
ically stable in the pitch plane. This means that if the glider is pitched upward or down- 
ward from its trim attitude (i.e. , if the angles of attack of the wing and tail are increased 
or decreased by some angle Ao), restoring moments are de veiled which tend to return 
the glider to the trim attitude. 

To simplify the explanation of how these restoring nipments are developed, let us as- 
sume that the angles of attack of the wing and tail are equal to their angles of incidence. 
The lift force from a surface such as a wing or a horizontal tail is directly proportional 
to its angle of attack. The lift forces per unit area, L/S, for the wing and tail of a glider 
with positive angular difference are plotted against angle of attack a in figure 17 -25(a). 
Since the angles of Jdtack of the wing and tail are assumed to be equal to their angles of 
incidence, the trim angle of attack of the wing ^ is greater than that of the tail 
(Although it is not essential to this discussion, the’ slopes of the two curves are shown to 
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be different. The slope of each curve is directly proportional to the aspect ratio of the 
surface. The aspect ratio A. R. is the square of the span divided by the surface 
area S. Since the wing usually has a greater aspect ratio than the tail, the curve for the 
wing has a greater slope than the curve for the tail. ) Now if the trim angles of attack of 
the wing and tail, of^ ^ and 0 !j. j, are increased by a a to g the lift 

per unit area of the tail (L/S)^ is increased by a greater percent^e than the lift per unit 
area of the wing (L/S)^. In the example shown in figure 17-25(a), the tail force per unit 
area increases 100 percent, while the wing lift force increases by only 50 percent. This 
excess tail lift causes a nose-down moment which tends to restore the wing and tail 
angles of attack to their initial values. The glider, therefore, has static stability in pitch, 

As the center of gravity is moved farther aft, a center-of-gravity location is reached, 
where, to achieve zero resultant pitching moment about the center of gravity, the angle of 
incidence of the tail must be equal to the angle of incidence of the wing (zero angular dif- 
ference). This position of the center of gravity yields neutral static longitudinal stability 
and is called the neutral point. This situation is illustrated in figure 17-25(b), which 
again shows plots of the lift force per unit area L/S as a function of angle of attack « 
for the wing and tail surfaces. However, here the trim angle of attack of the wing ^ 
is equal to that of the tail oij. Therefore, incr easily these angles of attack to g 
and Oj. 2 by some angle Aa produces the same percentage of change *n the lift per unit 
area o/ the wing (L/S)^ as in that of the tail(L/S)^. Therefore, the resultant moment 
about the center of gravity remains zero regardless of the angle of attack, and no restor- 
ing moments are created. When a glider trimmed in this manner is flown, it often en- 
ters an accelerated dive (spears to "run downhill") and crash. For this reason, initial 
flights Should be made with the center of gravity a comfortable distance ahead of the neu- 
tral point and with positive angular difference between the wing and the tail. 

The location of the neutral point is also modified by the fact that the horizontal tail 
operates in the downwash of the wing. In other words, the wing acts as a flow straight- 
ener for the horizontal tail, so that when the glider is rotated from position 1 to posi- 
tion 2, the Aa^ is less than Ao;^. Although this difference is small for model gliders, 
it does have the effect of moving the neutral point to a more forward position. 

The neutral point for a hand- launched glider can be roughly calculated as follows. 
First, the percent^es of increase in lift per unit area L/S with angle of attack a for 
both wing and tail are set equal (this is the situation with zero angular difference). In 
equation form, this can be written as 
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la) Meeting overview. 
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(b) Comparison of fluid flow and particle flow over a curved su rface. 



(c) Lift results from the bending of airflow either by passage through a 
bent tube or by deflection across an inclined surface. 
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Id) Fluid flow separates and produces a turbulent wake behind a 
moving blunt-based body. 

Figure 17-1. - Aerodynamics demonstrations 



(e) Tip of a finite airfoil produces vortex flow. 
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Figure 17-2. - Simple design for a water table. (Courtesy of Scientific American. ) 
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Figure 17*4. - Wind-tunnel studies of lift 







Zero angle of attack 




Moderate angle of attack 




(a) Wings unswept. 

Figure 17-5. - Tuft patterns showing variation of downstream airflow with angle of attack for aircraft model with variable-sweep wing. 
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Zero angle of attack 




Moderate angle of attack 




High angle of attack 
(b) Wings fully swept. 
Figure 17-5. - Concluded. 
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Figure 17-8. - Use of hand-launched, Indoor glider for aerodynamics study. 
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(a) Cockpit checkout, lb) Landing-gear Inspection. 




Ic) Discussion of engine and propeller. 



(d) Pointing out control-surface details on the horizontal tall. 



Rgure 17-9. - Tour of hangar and aircraft. 
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(b) Computer room (weather data and airline schedules). 



Figure 17-10. - Tour of Air Traffic Control Center. 
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(a) Overview of auditorium. 
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(b) Demonstration of Project GARAGE (aerodynamics experiment). 



Figure 17-11. - Aeronautics symposium. 
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(a) Overall view of tunnel. 
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lb) View downstream through tunnel nozzle showing model Installed In test section 



Figure 17-12. - Explorer wind tunnel. 
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Distance from tunnel centerline, in. 




(a) Tunnel (low calibration at full power. 




(b) Smoke generator and turbutence screen. 









(e) Representative tuft pictures showing smooth and turbutent 
(low over airloit. 




(f) Schematic of (orce-baiance system for measuring iift and drag 
of airfoii. 



Figure 17-13. .* Explorer wind-tunnel details. 
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Fl 9 ure 17-M. - Simple design for small, tar-speod wind tunnel. (All linear dimensions in inches.) 




Figure 17 - 15 . - Full-sale pUns br smill, hind-liunchedglllter. 




Rear view 





Stabilizer tilted by twisting tall boom 

Figure 17-17. - Stabilizer tilt for adjustment of glide turning-circle di- 
ameter. (Direction of turn Is opposite to direction of tilt. ) 
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''-Clay added to or removed from 
underside of appropriate wing 
tip for adjustment 

Figure 17-19. - Wing-tip weight (clay) for adjustment of glider roil 
characteristics. 











Rudder warped 
in appropriate 
direction for 
adjustment 



Figure 17-20. - Rudder offset for yaw adjustment to compensate for structural 
misallnement. 
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Wing lift 
force, 




Figure 17*21. - Farces and moments acting in the pitch, plane on a hind -launched glider. 
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Weight, 
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Weight, 

Wj 



(a) Beam tjalanced (Wjdj • but unstable - no restoring moments. 




(W Beam balanced (Widj - Wjd^ and stable • restoring moments pro vided by springs. 
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Figure 17*22. * Unstable and stable balanced beams. 
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(•) PosRivc angular diffemtct batmen wing ao4 tall 
««n>«t»- 




ni Zars angular dinerencc ta^n wing and tail 

to, *0,1. 

Figure 17-2S. ‘Variafion of lilt force per unR area 
wRTi angle of attack tor wing and tall surtacei. 
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